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1.0 SCOPE
The recommended design for implementation of the Voyager guidance and control
function is based heavily on the Mariner system. The concepts and techniques re-
quired to implement this system are available and flight-proven. The major design
trade-off to be made is that of achieving_ maximum probability, of operational success
with minimum penalties in size, weight and power requirements.
During the Phase 1A study, the Aeronautical Division of Honeywell, Incorporated
conducted a reliability optimization study for the guidance and control subsystem at
the request of General Electric. It was felt that an independent assessment in this area
would be of major usefulness in establishing design approaches and the degree of re-
dundancy required to assure operational success. The following repart is the result
of this effort.
Some minor discrepancies exist in the specific reliability assessments compared with
those shown in Volume A because of the slightly different failure rate numbers used by
Honeywell in their AOSO work.
2.0 INTRODUCTION AND SUMMARY
This study had three major objectives for the Phase 1A portion of the Voyager Program.
They were :
a. Establish an initial assessment of the reliability problem in general and
identify specific problems or weak links.
b. Demonstrate and evaluate the reliability improvement which can be made
through use of redundant subsystems.
c. Identify the future course of design action which would result in an optimum
Voyager guidance and control (G & C) system configuration.
These major objectives were pursued through the following procedure:
a. The Voyager G & C system was divided, along approximately functional lines,
into eight major subsystems.
Do The Voyager mission was closely examined and a series of operational goals
and alternatives (e.g., successful capsule separation, planetary flyby, achiev-
ing orbital operation) was selected.
c. The reliability of non-redundant versions of the G & C subsystems as a function
of the Voyager operational objectives was calculated.
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do A set of redundant mechanizations for each subsystem was selected and the
reliability of these redundant configurations as a function of the same mission
goals was calculated.
e. A series of overall G & C system mechanizations were chosen from the various
subsystem configurations and the corresponding system reliability numbers
were calculated.
The eight subsystems into which the Voyager G & C system were divided are:
a. Moment Producers
b. Pitch and Yaw Sensors
c. Roll Sensor
d. Gyros
e. Stabilization and Control Electronics
f. Autopilot Electronics
g. Antenna Stabilization
h. Planet Scan Stabilization
Examination of the reliability of the non-redundant subsystems shows that the predom-
inant weak links are the SCS electronics and the moment producers. As the mission
continues into six months of Martian orbiting, the planet scan stabilization system,
high gain antenna stabilization system, and star tracker (roll sensor) also appear as
serious reliability problems.
A summary of the indicated reliability of the overall Voyager G & C system in both
non-redundant and redundant configurations is presented in Table 2-1. The completely
non-redundant system configuration shows a probability of success of reaching an
orbit around Mars and completing a 30 day orbital mission of only 0.540. Adding re-
dundancy to the SCS electronics raises this reliability to 0.589; further, adding re-
dundancy to the moment producers (cold gas) raises the reliability to 0.695; finally,
including redundant gyros and optical sensors (pitch, roll, and yaw) achieves a 0.7967
probability of completing the 30 day mission.
The reliability study presented here has not yet been completed. Selection of the final
system configuration must consider the size, weight, and power penalties associated
with each redundant configuration. Thus far, only qualitative evaluation of these fac-
tors has been completed. Furthermore, the redundant subsystems as presently con-
figured are not general enough, since only limited numbers of configurations were
considered to keep the magnitude of the Phase 1A effort within reasonable bounds.
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It is expected, however, that this reliability study would be extended and completed in
conjunction with and as a part of the Phase 1B Voyager design effort.
3.0 BACKGROUND
The first part of this section of the G & C reliability study contains a list of the major
ground rules and assumptions which were used. This is followed by an assumed list
of system operating modes, along with a description of the necessary functions in each
mode. These modes are then used to define a Voyager mission reliability model; this
is the model upon which the suceeding re_liability ca!cul_tions are based.
3.1 GROUND RULES AND ASSUMPTIONS
The following are the ground rules and assumptions.
a. Components were assumed to have high reliability failvre rates (comparable
to what is now used for Apollo and AOSO).
b. Major study emphasis was placed on achieving G & C system reliability. The
size, weight and power penalties were assessed only qualitatively.
c. Six major Voyager operational goals, as defined in the following mission re-
liability model, were assumed.
dt Failure mode analysis was not, except for isolated instances, done to the level
of identifying the failures which would permit degraded system operation. It
was assumed that all component failures would completely disable the associated
black box.
e. The reliability predictions for the redundant configurations included appro-
priate provisions for failure monitoring and switching circuitry.
fe The operating modes defined in the following paragraph were arbitrarily as-
sumed to facilitate definition of a mission reliability model. This particular
list of modes is not necessarily the same one used in the system function
description, and can be changed without changing the results of this analysis.
3.2 OPERATING MODES
The primary operating modes which have been assumed for the assumed Voyager
guidance and control system reliability study are delineated in the following paragraphs.
These operating modes are useful both for defining the mission reliability model and
for specifying the necessary subsystem functions.
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3.2.1 LAUNCH
The mode is used from the start of the launch phase through the injection of the Voyager
vehicle into an interplanetary trajectory. The gyros are running and caged. The re-
mainder of the G& C system is off.
3.2.2 SUN ACQUIRE
The objective of the sun-acquire mode is to point the vehicle roll axis toward the sun
and reduce the vehicle pitch and yaw rates to less than 0.2(10-3)°/sec. The following
operating characteristics are incorporated in this mode.
a. The sun sensors provide the pitch and yaw attitude error signals, with the
reference switched from the acquisition sun sensor to the cruise sun sensor
automatically.
Do The pitch and yaw gyros provide rate signals for control stabilization. The
roll gyro is also used in a rate sensing mode, with the spacecraft rate stabi-
lized (to zero) in the roll axis.
3.2.3 CANOPUS SEARCH
A steady roll rate of about 0.1 degree per second is used to search the minor circle in
which Can.pus is located. The vehicle is rate stabilized using the roll gyro. The G & C
system proceeds automatically to the Can.pus acquire mode. The pitch and yaw axes
are stabilized as in the sun acquire mode.
3.2.4 CANOPUS ACQUIRE
The roll axis is switched to a Can.pus attitude reference only when Can.pus is in the
field of view of the star tracker. The roll gyro provides rate signals for control sta-
bilization. The pitch and yaw axes remain stabilized as in the sun acquire mode. After
lock-on of Can.pus is achieved, the system proceeds automatically to the cruise (gyros
on) mode. Radio signal strength from the high gain antenna can be used to verify cor-
rect acquisition.
3.2.5 CRUISE (GYROS OFF)
The spacecraft is stabilized to a sun-Can.pus reference frame. The fine sun sensor
provides pitch and yaw attitude signals. The Can.pus sensor provides roll attitude
signals. The gyros are de-energized, stabilization in all three axes is obtained with
derived rate signals. The control system maintains an error from the sun line of less
than 0.75 degree, with limit cycle rate of less than 2(10 -4 ) degree per second.
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3.2.6 GYRO EVALUATION
The vehicle attitude control is the same as in the Cruise (gyros off) mode. The gyros
are turned on and caged (operated inarate mode) until warmup is achieved (one hour
maximum). They are then switched into an attitude mode upon command (synchronized
with spacecraft limit cycles) and the gyro performance is evaluated by observing the
gyro output through at least one limit cycle. The subsequent command spacecraft
maneuvers can then be biased as a function of the observed gyro drift rates.
This mode may be desirable even if it is determined that the basic gyro performance is
good enough that no corrections for gyro drift rates are necessary. It not only provides
a performance check to increase the confidence of proper gyro operation, but also offers
significant reliability growth, for systems with redundant gyro configurations, in de-
tecting gyro failures which result in only mild performance degradations, (such fail-
ures might not be detected with normal go no-go checks).
3.2.7 MANEUVER
In this mode, the gyros are used as the primary vehicle attitude reference. The mode
provides either a maneuver capability (if gyro torquing signals are non-zero) or an
attitude hold capability. Control stability is provided through derived rate techniques
(lead network in control loop).
3.2.8 AUTOPILOT
The gyros are again used as the primary attitude reference. Pitch, yaw, and roll con-
trol torques are all provided by the rocket engine. Control stability is again provided
through derived rate techniques. It is assumed that constant attitude orbital injection
will be adequate so that the same mode can be used for both orbital injection at Mars
and midcourse corrections.
3.2.9 CRUISE (GYROS ON)
The spacecraft is stabilized to a Sun-Canopus reference frame. The gyros are kept
on and caged with the resulting rate signals available for control system stability
augmentation. In the event of a loss of either of the primary attitude references, the
appropriate gyros may be immediately uncaged and used as a primary attitude refer-
ence. Control torques are provided through the cold gas reaction system. Control
stability is primarily obtained through pseudo rate. This mode is used mainly in the
later portions of the Mars orbit phase, when eigher Canopus or Sun occultation rosy
occur.
3.2.10 CANOPUS OCCULTED
The roll gyro is uncaged and provides the primary roll attitude reference. The switch-
ing to this mode (from the cruise, gyro on, mode) is accomplished automatically by
sensing the signal from the Canopus tracker. The pitch and yaw axes continue to use
7 of 40
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the sun sensor as the primary attitude reference. Roll axis control stability is ob-
tained by using derived rate techniques, pitch and yaw axis stability depend on pseudo
rate.
3.2.1.1 SUN OCCULTED
The pitch and yaw gyros are uncaged and provide the primary pitch and yaw attitude
references for the SCS. The Canopus tracker is used as the vehicle roll reference.
Automatic switching to this mode (from the cruise, gyro on, mode) is controlled by
the sun gate sensor. Control and stability considerations are the same as in previous
modes.
3.3 MISSION RELIABILITY MODEL
The mission reliability model which has been developed for the reliability analysis of
the Voyager guidance and control subsystem is presented in Table 3-1. This relia-
bility model contains, in addition to mission phases, control system modes and as-
sociated times, a set of six operational objectives for the Voyager mission. These
objectives, which form major mission checkpoints, are used extensively in the fol-
lowing reliability analysis. The control system mode sequences of Table 3-1 are
defined in Table 3-2.
4.0 REDUNDANCY TECHNIQUES
The long mission life associated with the Voyager mission appears to require the use
of redundancy to improve reliability. Achieving an optimum redundant configuration
necessitates a trade-off study considering such questions as:
a. What are the weight, power and cost penalties ?
b. Is some form of monitoring or failure detection required?
c. Will the failure of one channel affect the other channel?
d. Can faulty units be isolated both in flight and prior to launch?
e. At what level should the redundancy be applied?
4.1 ACTIVE AND STANDBY REDUNDANCY
Various types of redundancy may be used to increase reliability. All mechanizations,
however, are a form of active or standby redundancy or some combination of these
two basic techniques.
The active redundancy configuration consists of two or more units operating simul-
taneously to perform some function. Each unit is capable of performing the task
alone. The active redundancy technique provides successful operation until all units
have failed.
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The standby configuration consists of one unit operating to perform a function, with
one or more dormant units standing by. It is obvious that some decision device is
required to determine when the operating unit fails, and to provide the switching to
put the standby unit into operation. Assuming perfect monitoring, this configuration
operates successfully until all units have failed.
Of the two configurations, the standby configuration requires less power. The weight
and cost are about equal. The standby configuration could be slightly heavier because
of the requirement for switching circuitry; however, depending upon the failure mode,
it is likely that the active system will also require switching. If a failure mode analysis
indicates that a majority of the failures are the hardover type, switching must be sup-
plied for active redundancy configuration. However, if the failures were all of the open
type, active redundancy should provide a satisfactory configuration without switching.
In general, the standby configuration will provide greater reliability because power is
not applied to the unit until required.
In order to realize the potential reliability of a redundant configuration, all units must
be operational at the time of launch. This requires that adequate test points be sup-
plied so that all channels can be checked. With a standby configuration, the switching
serves to isolate the channels, and thus, checking is facilitated.
Applying redundancy at the lowest possible level provides the greatest reliability.
This appears to be more feasible with an active parallel system because of the absence
of switching. With a standby configuration, the failure rate of the switching mechaniza-
tion is a determining factor on the lowest level of redundancy which is practical.
4.2 FAILURE DETECTION AND SWITCHING
In general, when redundancy is used as a means of increasing reliability of a system,
some decision must be made as to what should be done with a failed unit. If the failure
in one channel affects the operation of the remaining channels, it must be removed so
operation can continue. In addition, for a spacecraft where the power and gas supplies
are limited, it is desirable to remove the failed unit if it causes excessive power and gas
c ons umption.
The attitude control subsystem must therefore not malfunction in such a manner that the
Sun is lost for any extended period of time, because the solar paddles must maintain
the battery level. This means that rapid correction of pitch and yaw malfunctions is
more important than roll corrections.
Similarly, catastrophic failures that deplete the gas and/or power supply must be de-
tected and corrected as soon as possible. Even though the DSN will maintain con-
tinuous surveillance of the spacecraft, the transmission time (12 minutes in the vicinity
of Mars) makes complete ground failure detection and diagnosis impractical. For
automatic detection of pitch and yaw axis failures, it is concluded that the normal sun
pointing orientation should be preserved.
12 of 40
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It is possible to fulfill these failure detection and switching requirements with either
active or standby redundancy techniques. Two specific examples applicable to the
Voyager problem are discussed below.
4.3 ACTIVE TRIPLE REDUNDANCY WITH MAJORITY VOTING
A simplified representation for a triply redundant single channel (e.g., pitch) of the
Voyager Attitude Control Electronics is shown in Figure 4-1. The electronics receive
input signals from either the sun and star sensors or from the gyro reference pack-
age. The outputs of these electronics are a set of binary signals used to control the
cold gas jets. These binary output signals allow an interesting and useful mechaniza-
tion of the required voting and switching logic.
The outputs of the three parallel sets of electronics are combined into two equivalent
outputs (F and F') according to the relation:
F -- XY + XZ + YZ + XYZ
(Each electronics channel has two outputs - one controlling the minus jet and one con-
trolling the plus jet. Only one of these outputs is shown in Figure 1.)
The majority voting logic is performed in two stages, and "AND" stage and an "OR"
stage. In general, single failures in the AND stage will not disable the control out-
puts; the AND stage is effectively triple redundant as shown. The OR stage is de-
signed so that its most likely failure mode results in no output. The parallel majority
voting logic then prevents a single failure in the OR stage from disabling the control
electronics, and yields a completely redundant active system.
4.4 STANDBY DUAL REDUNDANCY
If it is desirable to include redundancy below the major channel level discussed in the
previous section (to obtain an even greater reliability increase), it is no longer ex-
pedient to provide failure detection for each redundant set of units. The required
extra circuitry necessary to implement completely automatic on-board fault isolation
and switching is usually ruled out as being too heavy and unreliable in itself. It is
advantageous to select one point within an axis for the fault detection or monitoring
function and conduct fault isolation via telemetry by ground analysis.
A fault detector (level sensor)looking at the outputs of the both the cruise and, ac-
quisition sun sensor, as well as the Canopus Sensor, could detect immediately (or
ultimately in the case of null type failures) most of the possible faults. A time delay
is employed on the fault detector to prevent nuisance switching due to normal tran-
sients.
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Figure 4-1. Triply Redundant Attitude Control Electronics
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Since onepoint in the entire axis has been chosen as a fault detection point, the entire
axis must be switched in event of a detected failure. Because of redundancy, system
operation will not be degraded until both the primary and redundant sections fail.
Thus, normal control can continue in the redundant section until telemetry contact
is made and ground analysis of the fault can be made. After ground detection of an
automatic switchover to the redundant section, the ground can interrogate the system
by switching portions of the primary channel back into operation. When the failed sec-
tion is located, it will be removed from operation and locked out.
A specific example of this type of redundancy and fault isolation may be understood by
referring to Figure 4-2. It is assumed that redundancy is provided for seven different
black boxes within a control channel, and that the system is operating on the A chan-
nel. When a failure occurs, the failure detection circuitry immediately switches
operation to the B channel and provides an alarm to the telemetry system. To isolate
the faulty unit 4A, 5A, 6A, and 7A are switched back into operation by ground command
so that they are now operating with 1B, 2B, and 3B. If the fault is in one of the units
switched back in, the failure detection again switches control to the B channel. Ground
command now switches 6A and 7A back in the control loop. If the failure detection
again switches control to B channel, 7A will be switched back in by the next command.
If operation is normal, then 6A is the faulty unit and it is locked out. Note that if after
switching 4A, 5A, 6A and 7A the fault is not noted, the next sequence would be to
switch 2A and 3A into the control. A no failure indication would then indicate that 1A
is the failed unit. In either case a maximum of three steps will isolate the faulty unit.
To facilitate fault isolation in the case of a null type failure, a test signal may also be
introduced to perturb the control system.
5.0 GUIDANCE AND CONTROL SYSTEM RELIABILITY ANALYSIS
For the purpose of this study the Voyager guidance and control system was divided
into the following eight subsystems:
a. Moment Producers
b. Pitch and Yaw Sensors
c. Roll Sensor
d. Gyros
e. Stabilization and Control (Cruise) Electronics
f. Autopilot Electronics and Control Devices
g. Antenna Stabilization
h. Planet Scan Stabilization
15 of 40
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Each subsystem was first examined on a non-redundant basis, and the reliability of
the subsystems as a function of the chosen Voyager mission goals was calculated.
The subsystems were further studied to determine a set of reasonable redundant
mechanizations, and the reliability of these redundant mechanizations was also cal-
culated.
5.1 SUMMARY
A summary of the subsystem configurations and reliabilitycalculations is presented
in Table 5-1. Even though the scope of this study has been limited by restrictingthe
number of redundant configurations to be considered, careful examination of Table 5-1
provides both an insight into the G & C areas requiring particular attentionfrom a re-
liabilitypoint of view and reasonable, ifnot optimum, methods of solving these re-
liabilityproblems. The optimization procedure is expected as a part ofVoyager
Phase 1B design process. The logicalgeneralization and extension of this study will
include size, weight, and power considerations. Some of the preliminary observations
and conclusions available at this stage of the study are discussed below.
5.2 MOMENT PRODUCERS
The moment producers considered in this section provide the torques for the attitude
control fo the Voyager spacecraft in all flight conditions except the autompilot mode.
The primary source of control torques will be a cold gas reaction system.
It should be cautioned that the reliability numbers calculated for the various cold gas
reaction systems do not reflect the complete reliability story. Several of the con-
figurations operate with only a six-jet system; they therefore do not apply pure couples
to the Voyager vehicle. Operation in this type of mode for an extended period of time
could conceivable cause velocity errors requiring one or more additional midcourse
correction, with the attendant risks of this maneuver. This factor, which does not ap-
pear in the numerical calculations, indicates the use of a twelve-jet system. A six-jet
operating mode should, however, he allowed as a backup after a failure in a portion of
the primary system.
The cold gas system configurations which were considered for this study are presented
in Tsble 5-2. Since the cold gas reaction system comprises such a large part of the
size and weight of the Voyager G& C system, the size and weight penalties for the
various configurations have been tentativelyconsidered and are also presented in this
table. This information is presented ina normalized form to facilitatecomparison.
Any differences in power requirements between the various configurations have also
been converted to size and weight (equivalent solar cells)and included in this table.
Obviously, the number of possible configurations is not limited to those discussed
above. This list will be expanded in the conclusion of this study. Additional factors
which must also be considered are the effect of jet locations on required plumbing,
the effects of changing gas weights on the spacecraft moments of inertia, the effects
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P
Reaction System Size and Weight Considerations
Reaction System Configuration
Non-Redundant 6-Jet Set
Non-Redundant 12-Jet Set
Standby Redundant 6-Jet Set
12-Jets with Series Solenoids/_alves
12-Jets with 6-Jet Backup Mode
12-Jets with Inertia Wheel Augmentation
Normalized Physical
Parameters
Weight Size
0.97 0.994
1.00 1.00
1.33 1.20
1.06 1.005
1.10 1.005
1.09 1.005
ASSUMPTIONS:
The non-redundant systems and system with series solenoids/valves
include 200% required mission fuel in one tank. The standby redundant
and 6-jet backup mode system include 240% of required mission fuel,
120% in each of two tanks. The fuel for the system with inertia wheels
was reduced to reflect appropriate fuel savings.
i
of differences in gas weights on the spacecraft products of inertia, and the effects of
these inertial changes on the control system dynamic performance.
The redundant configurations are further explained and discussed in the succeeding
paragraphs.
5.2.1 STANDBY REDUNDANT SIX-JET SET
This configuration consists of two six-jet systems operating in a standby mode. The
identical secondary system would not normally be used until the primary system is
disabled by a failure.
5.2.2 TWELVE JETS WITH SERIES SOLENOIDS AND VALVES
The leak f_ilure mode of the solenoid/valve combinations assumed for the cold gas
reaction system is much more prevalent than a failure in the closed mode. The re-
spective failure rates obtained for this study are 0.227(10 -5 ) per hour for leak fail-
ures and 0.01(10-5) per hour for closed failures. Hence, placing two solenoid/valve
combinations in series at each jet provides the equivalent of (active) parallel redun-
dancy for the leak failure mode and greatly increases the reaction system reliability.
The system will also still operate, with some degradation in the affected axis, after
a single closed failure.
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5.2.3 TWELVE JETS WITH SIX-JET BACKUP MODE
In this configuration the reaction system is assumed broken up into completely se-
parate (six-jet) assemblies. All twelve jets are used to provide normal operation
until the first failure. Upon detection of a leak failure the affected six-jet set is dis-
abled with a squib actuated shutoff valve, and degraded system operation is continued
using the remaining six jets. In the case of a closed failure, the system continues to
operate with some degradation in the affected axis. Failure detection (for the leak
mode) can be provided by monitoring jet actuation rate with appropriate counting cir-
cuits, and using auxiliary controllable valves for failure isolation.
5.2.4 TWELVE JETS WITH INERTIA WHEEL TORQUE AUGMENTATION
In this configuration inertia wheels provide the primary control torques for the pitch
and yaw axes. The reaction jets are used to unload the inertia wheels as required,
and also can provide primary control torques in a backup mode. The reliability ad-
vantage in this system arises from the fact that the inertia wheels reduce the gas jet
duty cycle by over 90 percent and the gas fuel consumption by over 60 percent. The
assumption was used that the solenoid/valve and nozzle failure rates would conse-
quently be reduced by 80 percent.
5.3 AUTOPILOT ELECTRONICS AND CONTROL DEVICES*
The autopilot electronics and associated control devices provide spacecraft attitude
(gyro referenced) control during the thrusting periods for mid-course correction and
Mars orbit injection. The attitude control is effected through throttling valves for
pitch and yaw control and jet vanes for roll control. A block diagram, representative
of a roll channel, shown in Figure 5-1.
The operating period for the autopilot is quite short relative to mission duration. As
a consequence, preliminary reliability analysis yield very favorable figures (0.999+)
for the autopilot, even with a non-redundant mechanization. Further consideration,
however, must be given to the failure rate of the jet vane rotary assemblies because
of the "unusual" environment in which they must function. This environment is a
prolonged (approximately 6 months) dormant, hard-vacuum exposure with three or
four short operational periods interspersed throughout. This situation requires the
rotary assemblies to be operational after an exposure to rocket engine exhaust with
its attendant high temperatures and loading effects, followed by approximately six
months of hard vacuum under dormant conditions. The failure possibilities are
numerous. Probably the most significant is loss of lubricant by vaporization and
subsequent "welding" of the bearings. Many corrective steps are possible, including:
(1) the use of dissimilar materials at bearing surfaces (e.g., steel on teflon), (2)
shielded bearings with a "labyrinth" effect to reduce lubricant vaporization, and
*The autopilot mechanization discussed here differs from the design described in
Volume A.
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Figure 5-1. Roll Channel Block Diagram
(3) the use of plastic bearings which resist the "high vacuum weld,' phenomenon.
Plastics, however, must be used with due regard for their greater susceptibility to
radiation, and their lower load strength (compared with metals). In any event, further
investigation of the autopilot jet vane failure rate and associated K facotrs is warranted.
Should the final solution render a failure rate which appreciably affects the autopilot
reliability, a measure of redundancy can be effected in the form of coaxially redundant
bearings. An analysis of an autopilot employing such redundant bearings has been in-
cluded in this document. The associated failure rate and K factors, however, were
assumed to be conventional.
5.4 PITCH AND YAW SENSORS
To provide the desired control of the pitch and yaw a_es in orienting the longitudinal
axis of the spacecraft toward the sun, sun sensors are used to supply attitude error
signals. In each axis the following configuration is required:
ae An acquisition sun sensor having a full 360 degree field of view in the sensi-
tive axis. It is expected that the null accuracy of this sensor will be approxi-
mately 1 degree. It will basically consist of 4 silicon detectors connected in
a bridge network. Some electronics are required with the detectors to pro-
cess the signal for use in the attitude control system.
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Do A cruise sun sensor having a limited field of view. This sensor provides
signals for the limit cycle control. It is expected that the null accuracy of
this sensor will be approximately 0.1 degree. It will consist of two silicon
detectors connected in a bridge network. Electronics are also required to
adapt the sensor output to the attitude control system.
C. Sun gate (sun presence) circuitry for switching control from the acquisition
mode to the cruise mode. This circuitry can operate from the cruise sun
sensor detector elements or a separate detector can be used. For the pur-
pose of this discussion a separate detector has been assumed.
These units must be in operation throught the life of the mission; consequently, even
though the failure rates may be low, the reliability may be low.
For application of redundancy to improve reliability, the type of redundancy and the
level at which redundancy is applied must be considered. It appears that a logical
configuration for the sun sensors would be application of redundancy by axis and by
function. A reliability block diagram is shown in Figure 5-2.
Standby redundancy is chosen even though the power saving is very small. Active re-
dundancy could be used, however, if outputs of both sensors are actively summed and
Figure 5-2. Pitch and Yaw Sensors Reliability Block Diagram
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the overall sensor package has twice the gain as one sensor. Since this sensor is
used in limit cycle control, open failure of one results in doubling the amlitude of the
limit cycle. To maintain the same limit cycle would require switching of the gain.
Further, to protect against failure of one channel affecting the operating channel, some
switching is probably required. Inasmuch as switching is required for these reasons,
standby redundancy may be used. To simplify switching and reduce the number of
leads involved, the redundant sections should be packaged together.
If both the cruise sun sensors in one axis should fail, control would be taken over by
the acquisition sun sensor. This would provide a degraded control because of the
larger null error. Control would be sufficient for maintaining the solar paddles oriented
toward the sun, but guidance accuracy and antenna pointing would be degraded.
If a sun sensor is included as part of the approach guidance, then it seems obvious to
use it as a backup to the cruise sun sensor. The approach guidance sensor will proba-
bly have too high a failure rate to consider using it for the entire mission. It would
also require redundancy. It may also require an amplifier to interface with the atti-
tude control electronics. A reliability block diagram for this phase is shown in Fig-
ure 5-3.
PITCH _ _PITCH _ _YAW I _YAW
ACQUISITION | |CRUISE | |ACQUISITION [ ICRUISE ]
SUN SENSOR h [--_SUN SENSOR _ r--_SUN SENSOR h r--_SUN SENSOR
AND [ [ ] |E LECTRONICS_ I []AND [ I ] [ELECTRONICSI J
ELECTRONICS| .__ISUN GATE J ____IELECTRONICS SUN GATE
 TCHI-- I CH'  
t--- 1 AS _ t-" 1 GUIDANCE _ _ AS _ _ GUIDANCE
/ PRIMARY / / SUNSENSOR / / PRIMARY J i SUNSENSORI
Figure 5-3. Cruise Phase Reliability Block Diagram
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5.5 ROLL SENSOR
The primary sensor for the roll axis is a Canopus-oriented star tracker. The star
tracker is an integral unit providing an error signal as a function of star displace-
ment. Redundancy within the star tracker is not recommended, and should only be
considered if redundancies in other areas do not provide the required system relia-
bility. Placing a star tracker in standby redundancy results in the reliability block
diagram as shown in Figure 5-4.
If the approach guidance system uses a star tracker, then (as in the case of the sun
sensor) it is an obvious choice for a standby redundant configuration. Providing this
type of backup mode would probably require use of the same design for both star
trackers, instead of using a simpler, limited range, approach guidance star tracker.
Using the approach guidance sensor could cause some reduction in the reliability of
the approach guidance.
Another method of providing some roll information during cruise is an earth sensor.
This approach should only be considered if an earth sensor were used for automatic
antenna control. The backup mode would then involve commanding antenna angles and
using the antenna earth sensor for vehicle roll control. This system configuration has
been eliminated from primary consideration because of the complexity of the required
earth sensor and the variety of difficult problems that are encountered in the design of
this sensor.
STAR
TRACKER
SWITCH
STAR
TRACKER
Figure 5-4. Star Tracker Standby Redundancy Reliability Block Diagram
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Another possible mode of roll control without use of additional on-board equipment
is the use of the roll rate integratinggyro for controlling the limit cycle. The drift
trim isupdated,based on signal strength measurements by the ground receiver of
the signal transmitted from the spacecraft. This assumes that the transmitted beam
is wide enough so that the gyro will not drift out of it between the updating periods.
The gyros will be trimmed early during the cruise phase, so drift should not be large
when turned on in case of star tracker failure. After trimming, the drift rate should
not exceed 0.1 degree per hour. With an updating of once perday, the maximum drift
is 2.4 degrees, which should be within the beam width.
The accuracy of this method is subject to the accuracy with which the relative signal
strength can be detected within the beam. Command capability will have to be pro-
vided to torque the gyro back to the proper null as well as to insert the proper drift
trim. This could be achieved by overcorrecting the drift by the drift trim circuit,
and then backing off to the proper drift trim setting after a time period. This method
of control is complicated by the transmission time (12 minutes in the vicinity of Mars)
and lacks the accuracy required for stabilization during the approach guidance measure-
ments.
5.6 ANTENNA STABILIZATION
The function of the antenna stabilization unit is to maintain spacecraft communication
with the earth by appropriate positioning of the spacecraft antenna gimbals. Two gim-
bals are employed. Each is driven by a stepper-motor/logic package as shown in
Figure 5-5.
The primary, operating mode is one in which the gimbal drive commands originate
from the controller and sequencer.
A major reliability consideration associated with the antenna drive unit is the problem
of hard vacuum effects upon the gears and gimbal bearings. The problem is different
from that associated with the autopilot jet vane bearing problem, in that no rocket ex-
haust or high load effects need be considered for the antenna drive. However, the
operating period for the antenna gimbals is approximately twice as long (one year
instead of six months). The longer period would tend to increase lubrication vapori-
zation effects, rendering shielded metal bearings less attractive. As an alternative,
the relatively benign mechanical environment would tend to allow the use of plastic
type bearings, provided sufficient attention is given to the effects of radiation in space
on the plastic materials.
Two mechanizations of the antenna drive unit were subjected to a reliability analysis.
One mechanization is a non-redundant configuration. The second employs redundant
bearings for the gimbals. Both employ conventional failure rates for the bearings.
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Figure 5-5. Antenna Stabilization Block Diagram
5.7 PLANET SCAN STABILIZATION
The function of the planet scan stabilization unit is to provide proper orientation, with
respect to Mars, of the system instrument package during Martian orbit of the space-
craft. Appropriate orientation is effected by positioning of the three package gimbals.
Each gimbal is driven by a stepper motor/logic package. Two gimbals are driven in
a manner similar to that for antenna stabilization. A representative block diagram
would be identical to that shown in the previous paragraph (Figure 5-5). The third
gimbal is driven by a channel which operates in conjunction with a horizon sensor to
provide closed loop operation. The block diagram of the previous paragraph (Figure
5-5) is again representative of this channel, except that a horizon sensor must be
added.
A primary reliability consideration with the planet scan stabilization unit, as with the
antenna, is the operation of bearings and gears for a prolonged period in a hard vac-
uum. Backup modes of operation with alternate equipment for the scan stabilization
are not readily effected. However, standby redundancy for the pulse generator/logic
and the horizon sensor is easily effected, if warranted, and gives rise to no signifi-
cant difficulties. The mechanical nature of the stepper-motors, gears and gimbals
require parallel redundancy. The use of a parallel redundancy for the gimbal bear-
ing is both desirable and easily effected (a reliability analysis for both this alterna-
tive and the non-redundant case has been performed). The employment of redundant
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stepper motors and gears, however, must reflect consideration of their failure modes.
If an electrical ,'open" occurs in a stepper motor, parallel redundancy sustains opera-
tion. However, motor bearing and/or gear "freeze" will detract from system opera-
tion. This consideration relates to the hard vacuum operation of mechanical assem-
blies and warrants further investigation.
5.8 STABILIZATION AND CONTROL (CRUISE) ELECTRONICS
The stabilization and control system (SCS) electronics consists basically of three
channels of electronics (roll, pitch and yaw) plus appropriate switching and control
logic inthe form of a logic control unit and a power supply. These electronics are
used to close the attitude control loops between their respective sensors and moment
generators. This function is performed for all but an extremely small portion (hunch
plus autopilot modes) of the entire mission. Successful completion of any mission goal
requires a functioning SCS electronics unit. No backup mode of operation with alter-
nate equipment exists. It is therefore appropriate to consider redundant SCS elec-
tronics equipment. Four different redundant mechanizations are examined. These
mechanizations are described below:
5.8.1 COMPLETE STANDBY REDUNDANCY
This mechanization provides standby redundant yaw, pitch and roll channels, together
with a standby redundant logic control unit and power supply.
5.8.2 SHARED STANDBY REDUNDANCY
This mechanization affords: (1) one standby redundant channel for roll control, (2) one
standby redundant channel for either pitch or yaw, and (3) a standby redundant opera-
tion for the logic control unit. The duality expedient of having one standby channel for
either pitch or yaw stems from the roll axis symmetry of the spacecraft.
5.8.3 INTRA-CHANNEL (ELEMENT) REDUNDANCY
This mechanization provides a standby redundant element for each critical entity in the
SCS electronics.
5.8.4 TRIPLE REDUNDANCY WITH MAJORITY VOTING
This concept was previously explained in the discussion of redundancy techniques.
5.9 GYROS
The gyros in the Voyager stabilization and control system are used to provide two
separate functions. First, they are used as the primary attitude reference for the
gyro orientation, autopilot, Canopus Occulted, and Sun Occulted operating modes.
Second, they are used in a rate configuration to augment the stability of vehicle control
system in the sun and Canopus acquisition modes.
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The analysis of the reliability of the Voyager gyros is predicted on the assumption
that single-degree-of-freedom floated gyros will be used. Gyros using either ball
bearings or gasbearings are considered. Because of their similar duty cycle, the
gyro associated electronics are included in the reliability analysis.
The comparatively short time periods during which the gyros must operate would not
normally indicate a need for gyro redundancy. This observation is verified by the re-
liability of the non-redundant configurations shown in Table 5-1. The extremely
critical nature of the functions performed by the gyros, on theother hand, indicates that
this is an area in which some form of redundancy should be seriously considered.
The types of redundancy shown in Figures 5-6, 5-7 and 5-8 have been investigated
for the Voyager mission in addition to the non-redundant configurations employing
either ball bearing or gas bearing types of gyros. These gyro redundancy configura-
tions are individually discussed below.
5.9.1 PARALLEL REDUNDANCY
The conceptually simplest gyro redundancy technique, that of parallel redundancy with
both gyros operating, is shown in block diagram form in Figure 5-6. Each axis of
the gyro reference is mechanized using two gyros operating in parallel. Simultaneous
operation is assumed to facilitate failure detection. When the same inputs (torquing
signals as well as vehicle body motions) are supplied for both gyros, comparison of
the gyro outputs can be used to verify proper gyro operation. A significant difference
in these outputs would indicate a failure and be used to actuate an alarm. Except for
orbital injection at Mars, and perhaps capsule separation, the Voyager modes using
the gyros are not critical in time; they can be postponed for a few hours. Hence, the
few hours necessary for reacquisition of the Sun-Canopus reference frame and gyro
calibration against this reference would not adversely affect the Voyager mission.
The steady state limit cycling of the vehicle in the normal cruise mode (gyros off) is
quite small (_:0.5 degrees). The associated cross-coupling of vehicle motion into the
cross-axis gyros will therefore be negligible and a relatively simply gyro calibration
can be postulated. The gyro in each axis being tested would be switched from the
rate mode to the attitude mode at the limit of vehicle motion in that axis, and the out-
put of the gyro would be re-examined when that limit is again reached. This type of
test will allow both failure identification (to a particular gyro channel) and, if re-
quired, drift calibration and trim of the gyros.
If instantaneous failure isolation as well as failure indication were required, three
gyro parallel redundancy with appropriate voting and switching logic as shown in
Figure 5-7 could be used. This standard redundancy configuration has not been seri-
ously considered for the Voyager application because it is difficult to justify the signi-
ficant size, weight, and power penalties which are incurred over the parallel redun-
dant configuration.
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5.9.2 SKEWED FOUR-GYRO SET
It can be shown that the desired rates in an orthogonal reference frame can be derived
from the outputs of any three non-colinear and non-coplanar rate sensors.
The addition of a fourth (non-coplanar) rate sensor will allow failure indication and
single failure redundancy; the addition of a fifth rate sensor makes available enough
information to mechanize the voting logic necessary for instantaneous failure isolation.
The same statements also hold for angular sensors (to a very close approximation) if
the system is limited to only small angles.
The complexity associated with both the concept and mechanization of these skewed
gyro redundancy techniques makes anything other than a preliminary examination beyond
the scope of this study. Required areas of investigation include optimum gyro orien-
tation from both a reliability and accuracy point of view, electronic failure modes and
isolation, stability of the summing and switching circuitry, and allowable mechaniza-
tion simplifications.
The reliability estimate included in this study for the four gyro skewed redundancy
configuration (Figure 5-8) assumes an analog mechanization to make it compatible with
the rest of the study. It should be noted that this type of gyro redundancy is m ost often
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considered for control systems with pulse rebalanced gyros and primarily digital
computations, and this type of Voyager SCS mechanization should be considered in
any reliability improvement program.
6.0 BASIS OF CALCULATIONS
The failure rates listed in Table 6-1 were assumed for the preceding reliability analy-
sis of the Voyager guidance and control system.
These failure rates, in conjunction with estimated parts counts, were used to devise
the reliability block diagrams for each redundant configuration considered. These
reliability block diagrams are presented in Figures 6-1 through 6-8. In all cases,
the failure rates given in the reliability block diagrams are in failures per 105 hours
(percent per thousand hours).
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Table 6-1. Failure Rates
Failure Rates
Digital Integrated Circuit
Analog Integrated Circuit
Metal Film Resistor
Tin Oxide Resistor
Medium Signal Transistor
Digital Transistor
General Purpose Diode
Zener Diode
Capacitor, Tantalum
Capacitor, Ceramic
Coil
Signal Transformer
Power Tra ns form e r
Temperature Sensor
Block Heater
Accelerometer
Rate Gyro (gas bearing)
Rate Gyro (Ball bearing)
Pressure Tank
Check Valve
Pressure Regulator
Solenoid and Valve
Jet Nozzle
Filter
Squib (one shot)
Silicon Controlled Rectifier
sensistor
Pressure Transducer
Stepper Motor
Gear
Bearing
% Per 1000 Hours
0.006
0.03
0.0006
0.0006
0.0070
0.003
0.0022
0.0200
0.0052
0.0006
0.0100
0.05
0.10
0.33
0.07
1.000
2 o000
3.000
0.013
0.50
0.077
0.237
(0.277 open, 0.01 closed)
0,01
0.030
R = 0.9999
0.02
0.023
1.5 (0.01 leak)
0.037
0.012
0.1166 per bearing
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1.0 SCOPE
The design study of the Voyager 1971 Attitude Control Subsystem (ACS) entailed con-
sideration of various subsystem concepts and mechanizations, and culminated in the
selection of a "preferred design". A functional description of the ACS preferred design
is presented in Document VB234FD102.
The present document evaluates the ACS design alternatives considered in the study
and indicates why the preferred design was so designated.
The general areas of the alternative concepts and mechanizations considered are:
a. Rate signals for control loop compensation.
b. Rate gyro loop configurations.
c. Torquing Methods for attitude control.
d. Attitude control parameters.
e. Solar pressure disturbance compensation.
f. Operation during loss of references.
g. Hardware selections.
2.0 DOCUMENTATION
The following are supplementary and supporting documents.
a. VB234FD102 - ACS Functional Description
b. VB220AA010 - Flight Spacecraft Utilizing Earth (2 axes) and Mars (1 axis)
for Attitude Control References
c. VB220AA020 - Flight Spacecraft Utilizing Mars Local Vertical Stabilization
3.0 ACS DESIGNS FOR WHICH NO ALTERNATES WERE CONSIDERED
A number of characteristics and configurations have been included in the recommended
system with limited consideration of their alternates. These characteristics include
the choice of basic references for the cruise phase, the acquisition logic used, and the
use of integrating rate gyros for compensation during acquisition maneuvers.
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3.1 BASIC REFERENCES
For the cruise mode, a Sun-Canopus reference system has been selected on the basis
of acquisition ease, power, thermal and orthogonality considerations. The Sun's
brightness makes recognition easy and allows simple sensors to be used. Since the
solar radiation provides the power input to the spacecraft, it is desirable to orient
the panels perpendicular to the Sun line for maximum power efficiency. In addition,
orienting the spacecraft to the solar reference provides a constant, known thermal
condition which eases the thermal design problems. Canopus has been selected as
the second reference because it is the brightest star in that area of the heavens, has
no undesirable near neighbors, and because the Canopus-spacecraft line is roughtly
perpendicular to the spacecraft heliocentric motion. The Sun and Canopus thus pro-
vide orthogonal references, and are chosen for transit phase without further con-
sideration.
Sun and Canopus have been used as attitude control references in previous Mariner
and Ranger missions. For the orbit mode the choice of Sun-Canopus references re-
sulted from system considerations. It was made on the basis of use of proven hard-
ware and techniques, power penalties, complexity and thermal considerations after
trade-off in depth with other references was conducted. The other reference sys-
tems considered included stabilizing two vehicle axes to Earth and one to Mars, and
two axes to Mars with the third controlled to lie in the orbit plane. For a detailed
discussion of these, see Documents VB220AA010 and VB220AA020.
3.2 ACQUISITION LOGIC
Acquisition of references is accomplished as follows. Sun sensors having a spherical
field of view detect the direction of the Sun from the spacecraft reference axes. Two
axis (pitch and yaw) control is automatically initiated to reduce initial rates and reduce the
Sun-pointing error. When the sun is within approximately 10 degrees half-cone angle
of the negative roll axis, a coarse Sun gate is illuminated, which causes signals from
acquisition Sun sensors to be removed. Then cruise Sun sensors with slightly larger
field of view than the coarse Sun gate generate Sun-pointing error signals. When the
Sun is within approximately two degrees half-cone angle of the negative roll axis, a
fine Sun gate indicates to the attitude control logic unit that roll search operation may
be initiated. Depending on whether the subsystem has been commanded to do a mag-
netometer calibration roll maneuver or a Canopus search maneuver, a high or low
bias is summed with the roll rate gyro signal to command a roll maneuver of the proper
rate. After Canopus acquisition, the roll rate bias is removed, and acquisition of
references is complete. Verification of Canopus acquisition makes use of the high
gain antenna. Confirmation of star acquisition and the antenna gimbal positions are
transmitted to Earth through the low gain antenna. The communication system is
subsequently switched to the high gain antenna which has been previously adjusted to
the expected Earth-pointing direction. If the signal is not received on Earth, this is
taken as an indication that the wrong star has been acquired. The Canopus override
command is sent and Canopus search proceeds to the next star. Several small varia-
tions to this mechanization were investigated. While the roll operation could be initiated
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upon acquisition of the sunby the coarse sun gate, it is expectedthat considerable
coupling would result from initiating roll rate in the presence of pitch and yaw settling
maneuvers. In addition, pitch andyaw rate null detectors were considered, which
wouldprevent initiation or roll maneuverduring pitch and yaw zero error, high rate
conditions.
The use of cruise Sunsensor null detectors in place of the fine Sungate was also con-
sidered, but theseare more complex (less reliable) than the Sungate. The acquisition
logic defined aboveis similar to that used in Mariner and Ranger spacecraft, as well
as in OAO. The major difference from the former two projects is the requirement for
settling to the cruise Sunsensor null prior to initiating roll maneuvers.
3.3 USEOF INTEGRATINGRATE GYROS
Commandto arbitrary inertial attitude is necessary for course corrections requiring
an inertial reference capable of holding the spacecraft at any aribitrary inertial atti-
tude. Only integrating rate gyros were considered in satisfying this requirement, and
these same gyros also serve best for compensationduring acquisition.
4.0 ACS COMPENSATION REQUIREMENTS CONSIDERATION
Pneumatic on-off position control systems, of the the type proposed, require genera-
tion of rate signals for loop compensation in order that divergent operation does not
result. A number of methods for deriving the rate information from gyros, position
signals, and pseudo acceleration signals have been considered for the acquisition,
maneuver and cruise modes, respectively.
4.1 ACQUISITION MODE
For the acquisition mode the integrating rate gyros are used for developing rate infor-
mation. Their selection is discussed in paragraph 3.3.
4.2 MANEUVER MODE
Rate gyros are a direct approach; however, when integrating rate gyros are used for
inertial references, this would mean a second set of gyros, with attendant power,
weight and reliability penalties. When gyros must provide position information, pas-
sive methods of developing rate information must be employed. Methods considered
included the following: (1) a derivative feedback loop around the gyro, as used in
Mariner and Ranger; (2) use of a lead network to obtain rate information in the re-
quired frequency range, in series with the gyro; (3) pulse torquing gyro loops, wherein
the gyro is always in a pulsed closed loop, the torque pulses representing rate incre-
ments. In this case, digital integration of the pulses provides attitude information,
while the filtered pulse line provides independent rate information. In addition, a
method of digital integration of the torquer current of a normal (analog) closed loop
rate gyro, using an analog-to-digital converter to develop rate pulses, was considered.
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Rate information in this ease is provided by the analog torquer current. See Section
5.0 for the rate gyro loop trade-off discussion.
4.3 CRUISE MODE
During cruise mode, it is desirable to turn off gyros for power and reliability pur-
poses. Very low limit-cycle rates are desired in order to minimize gas requircments
and valve operations. A recognized scheme for achieving these ends is to derive a
pseudo-rate signal based on integration of vehicle angular acceleration, represented
by pneumatic valve operation. A valve "minimum on-time" is aetermined consistent
---'*_ "_ mechanical mud ,,_.l,Q._f'_'h,'.aloh_,_ot_iCt_ of _ho aampon_nts and with the con-
trol acceleration and limit cycle rate. The time constants of the derived rate network
are selected to cause the valve to turn off after the minimum on-time has expired, and
to keep the valve off until the error signal has decreased sufficiently such that noise
will not cause another valve operation. Under these conditions, the nominal limit
cycle rate anticipated is given by 1/2 _ cton, which is 3.4 x 10 -6 rad/sec for the se-
lected control acceleration of 0.225 m rad/sec 2, and half that value when thrust of a
single nozzle of a couple is lost. The limit cycle rate will increase as moments of
inertias decrease, the largest increase being in the yaw axis, whose inertia changes
by a factor of 654/4811, yielding a limit cycle rate of 2.5 x 10 -5 rad/sec.
The limit cycle rates (and thus valve operations) can be reduced by decreasing either
minimum on-time, or control acceleration. The on-time selected is probably a prac-
tical lo_r limit, and decrease of angular control acceleration would yield overshoot
problems in the case of a failed nozzle during settling in maneuver mode.
5.0 RATE GYRO LOOP CONSIDERATIONS
Open loop and closed loop configurations for obtaining rate-and-position information
from rate gyros were considered. The preferred design is the open loop configura-
tion utilizing a heated gyro. Evaluation of the loop configurations indicate that both
loops will meet the performance requirements; however, the open loop design has the
advantage of not requiring the large capacitor that the closed loop design requires,
and therefore eliminates a significant reliability problem. See Section 10.4 for an
evaluation of the capacitors available to meet the requirement.
The gyro configuration chosen for Voyager consists of an inertial quality rate-integrating
gyroscope operating in the attitude or open-loop mode, followed by a preamplifier and
demodulator. Rate information is generated by passing the gyro output signal through
lead networks in the attitude control and autopilot electronics.
During the initial acquisition and the launch mode the gyro will be electrically caged
by feeding the output of the demodulator back to the gyro torquer, through a torquer
amplifier. The torquer current will be proportional to the inertial rate about the gyro
input axis. The torquer current is monitored by reading the voltage across a resistor
connected in series with the torquer winding. This rate signal is used by the attitude
control system to control the vehicle rates during initial acquisition of the reference
attitude.
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The use of the gs_ro in the open-loop mode lollowed by a lea(I network was chosen,
rather than the Mariner approach of fee,lin_; back a current to the torquer through a
series capacitor, for a number of reasons:
a. The maneuver accuracy requirements and consequent lower drift limits
dictated the use of gyro temperature control, thereby negating one of the
major advantages of the capacitor feedback approach, viz., low tempera-
lure sensitivity.
b. The closed-loop approach requires the use of extremely large capacitor
values with low leakage currents. The most attractive type capacitor, tan-
talum foil, exhibits a dielectric absorption phenomenon which results in ex-
cessive drift rates. In addition, a capacitor conditioning circuit is required
to stabilize the leakage (see Section 10.4).
c. The large volume required by the capacitors results in an unwieldy package.
do The GE Spacecraft Department has successfully applied the open-loop type
of system to the control of existing spacecraft such as the Orbiting Astro-
nomical Observatory.
Figure 5-1 is a block diagram of the gyro. Maneuvers are performed by applying
current to the appropriate gyro torquer for a precise period of time. The gyro fluid
GYRO
] AMPLIFIER LEAD
DEMODULATOR NETWORK
! WHEEL DYNAMICS PICKOFF ] I KA . [ a (i + Ts) | E
I I ;j "
I TORQUER
I I TORQUER I AMPLIFIER
I k_ZJ- j !
Figure 5-1. Block Diagram of Gryo and Lead Network
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temperature will be actively controlled to 100°F in order to meet the gyro drift require-
ment of 0.250/hr. Thus, the gyro dampingconstant, and consequently the gyro gain
and time constant, will remain constant throughout the mission.
The required gyro input axis freedom is slightly greater than 6 degrees in the worst
case, which would be a maneuver of such duration as to provide a stack-up of transient
effects. The minimum vehicle control acceleration would be 0.112 mrad/sec 2 which
may occur when operating in the redundant half-gas torquing mode. A gyro gimbal
gain H/D of 0.6 limits the corresponding gimbal angle to approximately + 3.6 degrees.
With the gyro stops set at + 3.6 degrees, a safety factor of approximately 100% is
realized m the normal acceleration case. Referring to Fixate 5-1, the foHo,.,.4ng
transfer function is apparent:
HKpK AEo _ _ (1 + Ts)
8 J 1 +_¢Ts
D(I+T A s) (1 +--_s)
The gyroscopic time constant, • JD will be approximately 0.31 millisecond based on
the nominal gyro parameters listed in Table 5-1. The amplifier time constant, T A
is chosen large enough to filter the ripple from the fuU-wave demodulator. Assuming
a carrier frequency of 2400 cps, the ripple frequency will be 4800 cps or 30,144 rad/
sec. A filter time constant of approximately 3 milliseconds will cause the carrier ripple
to be down approximately 20 db following the lead network.
Table 5-1. Gyro Parameters
Symbol
H
D
J
R T
T T
Parameter Magnitude Dimensions
Wheel Momentum
Damping Constant
Gimbal Inertia
Torquer Scale Factor
Pickoff Scale Factor
Torquer Resistance
Torquer Time Constant
2.27 x 105
3.77 x 105
117
2.87 x 105
8.81
38
0. 055
Dyne-cm-sec
Dyne-em-sec
2
Dyne-cm-sec
Dyne-cm/amp
VAC/Rad
Ohms
Milliseconds
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Following the lead network is a switching amplifier which operates the control jets.
This amplifier triggers when the error angle is approximately 0.4 degree. Choosing
a reasonable triggering level of 2 VDC, the overall gain of the gyro and lead network
is
2 VDC
0.4 deg
- 5 VDC/deg
To obtain this overall gain the amplifier gain, K A must be approximately 542, assum-
ing the attenuation of the lead network, (_ is 0.1.
The nominal overall transfer of the gyro and control system lead network is
E
o _ 5(1 + 10 s) VDC
_" (i + s) (i + 0.003 s) (i + 0.00031 s) deg
Figure 5-2 is a block diagram of the Mariner type of gyro loop. If the open-loop gain
is chosen sufficiently large then the closed-loop transfer function relating current
through the gyro torquer to the gyroscopic torque on the gyro gimbal may be approxi-
mated by
I _ 1/KT
T G (T 1 + T2) s
1 +
K
where
T 1 = (R 2 + Rt)C _ 10 sec
T 2 = RIC
K = open-loop gain (K >> 1)
The overall transfer function for the gyro loop is then given by
Eo KIH(I +TlS )
0 (T 1 + T2)
KTC 1+ K
This expression is to be compared with the corresponding expression for the open-
loop case. The DC gain for the closed-loop gyro is independent of the damping of the
gyro fluid, while the gain of the open-loop gyro is inversely proportional to this
damping. Thus, the gain stability with temperature of the closed-loop gyro is superior.
To meet the accuracy requirements, however, the gyro temperature must be accurately
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controlled, so thatgain stabilityover temperature is of littleimportance. The gain of
the closed-loop gyro varies inversely with the capacitance in series with the gyro
torquer, and therefore willhave a tolerance of ± 10% even with selection of capacitor.
The response of the closed-loop gyro can be made much faster than that of the open-
loop gyro by choosing the gain in the gyro loop sufficientlyhigh. The pole associated
with the lead network is limited to approximately one tenth of the zero. With a lead
time constant of 10 seconds the associated lag will be i second. The lag in the ex-
pression for the closed-loop gyro could be reduced to approximately 0.1 second ifthe
gain K is chosen to be slightlygreater than 100. The slower time response associ-
ated with the open-loop gyro is not a severe restriction, since the only effectis to in-
crease the vehicle limit cycle rates during gyro control, which is a small percentage
of the overall mission time. Thus, there will be negligible effecton totalgas require-
ments.
The closed-loop system also limits the gyro gimbal deflection to smaller angles than
the open-loop approach. With the open-loop gyro, however, the gimbal angle will not
exceed 1.8 degrees in normal operation, which is a sufficientlysmall value.
In summary, the Mariner type of gyro loop is less temperature sensitive, has faster
response, and limits the gyro gimbal deflection to smaller angles than the open-loop
approach. The open-loop gyro performance is adequate in each of these areas, how-
ever. The accuracy of the closed-loop gyro is much worse than that of the open-loop
gyro because of dielectricabsorption in the capacitor, which causes a current to flow
through the gyro torquer with no applied signal, thereby appearing as gyro drift. For
this reason, in addition to the large volume requirements for the capacitors, the open-
loop approach was chosen.
In addition to the two approaches discussed above, two other methods for generating
both rate and position information from a gyro were considered. Both maintain the
gyro in a closed loop configuration, and rely on digital integration to provide the posi-
tion error signal. The two methods differ in that one contains a pulse-torquing feed-
back loop whereas the other contains the usual analog feedback loop. In the former,
a pulse-modulated current is used for driving the torquer. Smoothing of the sensed
torquer current provides a rate signal, while digital integration of the pulses, followed
by a digital-to-analog converter, provides an independent position error signal. The
latter method is similar, the difference being in the use of an analog-to-digital con-
verter to generate pulses based on the analog torquer current. Digital integration and
digital to analog conversion is similarly required.
While both of these methods hold promise of providing superior performance, the re-
quired performance does not warrant the high parts count and attendant unreliability
inherent in these methods. If more detailed analysis of ACS or autopilot design in-
dicates requirements for faster time response than can be expected from the configu-
ration selected in the preceding paragraphs, these approaches will be given further
consideration.
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6.0 ACS TORQUING METHODS CONSIDERATION
Momentum wheels were considered for use in the three control loops to reduce the
amount of pneumatic gas required and to improve the reliability of the pneumatic
valves by reducing their total number of operations. The preferred design does not
use momentum wheels because the weight of the wheels would be over three times
greater than the weight of the gas saved (26.4 lb vs. 7.3 lb), and the reliability im-
provement of the solenoid valves, while significant in itself, does not significantly
improve ACS/cold gas jet subsystems reliability, due to the relatively high proba-
bility of success without the fly wheels (0.99987 per axis). If it is assumed that the
fly wheels must operate for mission success, the net reliability decreases (to 0.9835
per axis).
The following paragraphs present the analysis and calculations performed in determin-
ing the resultant numbers used in the trade-off.
6.1 ESTIMATE OF IMPULSE REQUIREMENT
An estimate of the impulse requirements of the attitude control system has been made
for a vehicle using a mesh antenna and having no requirement for roll control during
thrusting chargeable to the attitude control system. The results are summarized
in Table 6-1. The parameters and assumptions involved are shown in Table 6-2.
Table 6-1. Estimated Impulse Requirements
Source Accumulated Momentum
Initial Acquisition
Midcourse Maneuvers (7)
Reacquisitions (7)
Limit Cycling in Transit
Limit Cycling in Orbit
Gravity Gradient in Orbit
2196
440
2958
242
1431
328
7595 ft-lb-sec
It is also necessary to provide a translational velocity to the spacecraft after capsule
separation to prevent a collision when the capsule deflection velocity is applied. If a AV
of 0.2 ft/sec and spaceeraftweight of 5154 lb is assumed,the required impulse is:
O. 2 _3-_.'_.2] = 32 ft-lb-sec
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Parameters andAssumptions Used in Estimating Impulse Requirements
Mars 1971orbit
Transit time
Orbit time
Control Acceleration (transit)
Jet minimum on time
Position deadbands
Initial rates
Maneuver rates
Roll search rate
25,000 x 3000km
142 days
180days
0.225 mr/sec 2
30ms
±8 mr
50 mr/sec
3 mr/sec
1.7 mr/sec
Moments of Inertia (Slug Ft. 2)
in Transit In orbit
Roll: IZ = 3750 IZ = 1742
Pitch: IX = 5243 IX = 1355
Yaw: IY = 4811 IY = 654
Gas usage efficiency of 33% assumed for acquisition and reacquisitions.
Surface area of 7.5 ft diameter mesh antenna assumed to be 15% of that of a solid
antenna.
These calculations have been made on the basis of a control acceleration of 0. 225 mr/
sec 2. If this acceleration is doubled to 0.45 mr/sec 2, the two limit cycle terms in the
table would be quadrupled. The total would then change from 7595 ft-lb-sec to 12,614
ft-lb-sec. The estimates were calculated as follows:
a. Initialstabilization
Removal of separation rates
Attitude stabilization in pitch and yaw
Roll search
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b. Midcourse Maneuvers
Roll, then pitch to align the thrust vector, then roll to align the antenna to
earth and return through the reverse sequence.
c. Reacquisitions (Assmues complete loss of referenees)
Removal of maneuver rates
Attitude stabilization in pitch and yaw
Roll search
do l,irnit cycle operation
Symmetrical limit cycle operation for the roll and yaw axes. One-sided
operation about the pitch axis due to solar pressure. (Assumes failure of
solar vane to deploy, more conservative than symmetrical operation).
e. Gravity gradient in orbit calculated by computer program. (See Figures 6-1,6-2
and 6-3 forgravitygradienttorquehistories.) All runs were made for the fol-
lowing conditions:
3000 x 25000 KM orbit
Arrival date 17 Nov. 1971
Ix = 1355 slug - ft 2
Iy = 654 slug - ft 2
Iz = 1742 slug - ft 2
An additional effect which may be considered is the coupling into the pitch axis of the
roll jet in the event of failure of a roll jet. The nominal thrust level of the roll jets
is 0. 0422 lb. The torque exerted about the pitch axis due to the firing of a single roll
jet during the transit phase is
T = 0.0422 x 4.08 = 0.172 ft-lb
The torque impulse per firing is
T t = 0. 172 x 0.03 = 5.16 x 10 -3 ft-lb-sec
min
The number of firings of the roll jet will be some indeterminate number less than that
which occurs for symmetrical operation, but we may take that number corresponding
to symmetrical operations as an upper limit.
o.5z e
N = e DB t operations during transit
0.5 x 0. 225 x 10 -3 -3 107x 30 x 10 x 1. 227 x
-3
16 x 10
= 2588
The coupling will occur for every other firing.
transit phase is then:
-3
I t = 5.16 x 10 x 1294 = 7 ft-lb-sec
The total torque impulse for the
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During the orbit phase the torque exerted about the pitch axis due to the firing of a
single roll jet is:
T = 0. 0422 x 1.91 = . 0806 ft-lb
The torque impulse per firing is:
-3
T t = 0. 0806 x 0.03 = 2.42 x 10 ft-lb-sec
min
The number of operations during orbit is:
N
0.5x0.48 x 10 -3 -3 107x30 x 10 x 1.557 x
-3
16 x 10
= 7007
The torque impulse for the orbit phase is:
-3 7007
I t = 2.42 x 10 x 2
= 8.5 ft-lb-sec
The total torque impulse for the lifetime of the mission is less than 16 ft-lb-sec due
to the effect of this coupling.
6.2 DETERMINATION OF NUMBER OF VALVE OPERATIONS
A computation has been made of the total number of valve operations per valve ex-
pected during the life of the mission using the method in Appendix I. The assumptions
and parameters are given in Table 6-3. The number of valve operations is given in
Table 6-4.
6.3 MOMENTUM WHEELS TRADE-OFF
For symmetrical limit cycle operation of an all gas control system, one valve firing
imparts momentum to the vehicle in a given direction, and the subsequent firing of
the opposite valve imparts momentum in the opposite direction. Use of a momentum
wheel could theoretically reduce the number of valve operations (and thus the gas
usage) of an undisturbed vehicle to zero. If the vehicle is subjected to a continuous
torque such that consecutive firings are by the same valve (one- sided operation), the
use of a momentum wheel will involve no saving of gas but may substantially reduce
the number of valve operations.
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Table 6-3. Parameters and Assumptions Used in Computing
Number of Valve Operations
Purely reflective 7.5 ft. diameter mesh antenna extended in worst
attitude toward sun, 7.5 ° off + Y axis.
Compensation is 20" x 30" x 40" solar panel opposite antenna.
Gravity gradient torques are computer programmed.
Transit time 142 days
k.lJL Ul b bllll_:_
Orbit 25000 x 3000 km
Attitude deadband ± 8 mr
Control Acceleration (transit) • 225 mr/sec 2
Moments of Inertia, slug-ft 2
T rans it Orbit
Pitch Ix = 5243 1355
Yaws Iy = 4811 654
Roll IZ = 3750 1742
Table 6-4. Number of Valve Operations
Axis Compensated Uncompensated
Pitch (X)
Yaw (Y)
Roll (Z)
15,200
11,210
10,160
18,580
12,140
10, 160
The potential gas saving which may be realized through the use of momentum wheels
may be determined by referring to Figure I-9 of Appendix I which gives the number of
valve operations per unit time as a function of the disturbance acceleration. The slope
of each line is given by 2 n + 1. The line n = o corresponds to one-sided operation•
The number of operations is not single-valued because in general, there are two stable
types of operation which may occur for a given disturbance. The type which occurs is
a function of the initial conditions. The line n = o, if extrapolated through the origin,
will give the number of valve operations (and thus the amount of gas used) to remove
the accumulated momentum for a particular disturbance torque. The actual number
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of valve operations is given by one of the solid lines at that disturbance torque. (The
number of operations for zero disturbance torque is given by the singular point at 0.5
on the ordinate.) It may be seen from Figure I-9 of Appendix I that the percentage
(i. e., removes accumulated momentum) decreases as the disturbance torque decreases.
For the present Voyager configuration of a 7.5 ft. diameter mesh antenna partially
balanced by a 20 in., x 30 in., x 40 in. solar vane the average net torque during transit
about the pitch axis is approximately 6.5 x 10 -6 ft-lbs. The accumulated momentum
during the 142 day transit phase will be 80 ft-lb-sec. The disturbance acceleration,
for Ix = 5243 slug-ft 2, is 7.1x10 -Sdeg/sec 2. For adeadband of 16 mr (.92 ° ) anda
/_ e of 3.9 x 10 -4 °/sec2:
ODB
Disturbance acceleration x _ =
_82
.43
Figure I-9 of Appendix I shows that a value of 0.43 is outside the range where two-
sided operation can occur. Thus all the gas is being used to remove the accumulated
momentum.
For the yaw axis, since the antenna/solar cell vane axis is rotated 7.5 ° from the yaw
control axis, the disturbance torque about the yaw axis is:
-6 -6
6.5xi0 sin 7.5 ° = 0.845x i0 ft-lbs.
For I = 4811 slug-ft2:
Y
Disturbance acceleration x
8DB
0. 061
From Figure I-9 of Appendix I, it may be seen that this corresponds to the two-sided
limit cycle condition where one valve may fire four times for every three firings of
the opposite valve. The other stable conditions which may exist is that one valve may
fire three times for each two firings of the opposite valve. At the most, then, one
fifth of the total gas being expended is being used to remove accumulated momentum.
Four-fifths of the total is the potential gas saving which may accrue through the use
of a momentum wheel.
The roll axis is oriented to the Sun and is assumed to be in symmetrical limit cycle
operation. Thus all the gas is being used to maintain the attitude of the vehicle.
The total gas saving may be obtained from the previous calculation of number of valve
operations. The difference between the total impulse imparted to the vehicle by the
valve operations and the integral of the disturbance torques over the life of the mission
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is the potential gas saving. By use of Figure I-9 the total number of operations and
total momentum imparted per axis is:
Pitch 19,742 operations x . 0354 ft-lb-sec/operation = 699 ft-lb-sec
Yaw 20,130 operations x . 0325 ft-lb-sec/operation = 654 ft-lb-sec
Roii 13,705 operations x . 0255 ft-lb-sec/operation = 350 ft-lb-sec
1703 ft-lb-sec
The integral of the disturbance torque over the life of the mission has been calculated
tobe:
Pitch = 378 ft-lb-sec
Yaw = 89 ft-lb-sec
Roll = 169 ft-lb-sec
636 ft-lb-sec
The excess momentum imparted to the vehicle is:
1703 - 636 = 1067 R-lb-sec
With the inclusion of safety factors, this corresponds to a gas weight of 7.3 lbs.
Because of the large quantity of empirical data on existing wheel designs, it is possible
to determine a momentum wheel unit size, weight and power with a high degree of con-
fidence. The data required for the wheel mechanical selection is momentum storage
requirement, torque and synchronous speed of the drive motor. The synchronous
speed of the drive motor has been chosen on other programs on the basis of reliability,
life and power to be either 1500 or 1200 rpm, using a 400 cycle power source. The
vehicle weight for power provided has been approximately 1 lb per watt of converted
400 cycle supply. The largest disturbance torque expected is about 1.6 x 10 -4 ft-lbs,
or about 0.03 inch-ounces. A motor stall torque of 2 inch-ounces provides a reason-
able margin of safety and is about the smallest easily measured value. The stall power
is given by:
Stall Power (watts) =
stall torque (IN-OZ) x sync. speed (RPM)
663
2 x 1500
663
- 4.5 watts
Average Power (watts) = 0. 625 (4.5) = 2.8 watts
If we assume a momentum storage capability of 1 ft-lb-sec, the momentum wheel
weight will be approximately 6 lbs. This is about the minimum weight attainable
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and reducing the momentum capability does not significantly reduce the weight. In-
creasing this capability will increase the weight proportionately. The weight penalty
is then approximately 8.8 lb, per axis or 26.4 lb.
One of the advantages of using momentum wheels is the reduction in the number of
valve operations. The reduction is primarily because the momentum may be dumped
in larger increments with a momentum storage device and also because the cyclic
component of the gravity gradient torque does not entail a weight penalty.
Because of the coupling involved, it is difficult to determine the number of valve fir-
ings per axis of a control system using three-axis momentum wheels. However, a
gross estimate of the expected upper limit of number of operations can be made. Be-
cause of the larger continuous disturbance torque, the maximum number of opera-
tions will occur in the pitch axis. If we assume a momentum wheel of 1 ft-lb-sec un-
loaded when it reaches 85% of top speed, the valve firings due to solar pressure and
gravity gradient torque are 380/0.85 or 450. The gyroscopic coupling torques (_yX
- x 10 6 ft-lb during transit and 1.3 x 10 -5 ft-lbH) may have a peak magnitude of 3 • 4
during orbit. The worst case which could occur, since the algebraic signs of u_v and
H are changing, is for the signs to change such that the torques always add. This effect
could cause a maximum of 580 additional operations. Coupling torques during maneuvers
could cause an additional 20 operations for a total of 1050 operations. This may be con-
sidered as an upper limit on the number of operations per axis.
6.4 VALVE OPERATIONS VERSUS MOMENTUM WHEELS RELIABILITY TRADEOFF
The trade-off criteria used are the reliability of the pneumatic solenoid valves (based
on number of operations without flywheels) versus the reliability of the same valves
with flywheels of the stated reliability, used to reduce the number of valve operations.
It should be noted that the cold gas jet subsystem is configured such that only one
positive and one negative jet need operate on any given axis, in order to meet perform-
ance requirements. This configuration is shown in Figure 6-4.
The reliability of one valve closing correctly is:
-XlC
Pl = e _ 1-X lc forXc small
As suming:
-6
X 1 = 4.76 x 10 failures per cycle
and:
c = 18,500 cycles
then:
Pl = 0.9121
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Figure 6-4. Series Valve Arrangement
Since the valves are redundant in each set (for closing), the probability of one or both
of a set closing correctly is:
2
P2 = 2 PO - PO
P2 = "9923
The probability of a pair of sets operating correctly (for closing) is:
2
P3 = P2
P3 = (.9923) 2 = .9826
The reliability of one valve opening is:
-k 2c
P4 = e ._ 1 - A2c for k 2 small
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Assuming:
k
2
and:
c
then:
P
Y
kl _ 24 x 10-6 failures/operation
2O
= 18,500 cycles
= 1 -.00444 = 0.9956
For two valves in series, the probability of opening is:
P5 =P42 ='9912
For a pair of sets, the probability of opening is:
P6 = 2P5 - P52 = '9999
The probability of one pair of sets operating is then:
P7 = P6 xP3 _ P3 .9826
Either pair of sets on one axis will provide required performance. The probability of
obtaining performance from this axis is then:
P8 = 2 P7 - P72
P8 _ "9999
Based on this reliabilityof a single-axis set of gas valves, it is not justifiableto add
the power and weight of a set of flywheels in order to increase system reliability.
7.0 ACS PARAMETERS CONSIDERATION
Foregoing sections have discussed alternatives to the chosen Attitude Control System.
This section justifiesthe selection of key parameters given for the chosen system in
Volume A.
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Since the design of on-off pneumatic control systems is well known, it is not treated
in depth in this section. Rather, a preliminary selection of the more important para-
meters (including control acceleration, gain ratios, deadbands, rate limiting and
commanded turn rate) is discussed below.
Control acceleration is defined as the ratio of developed control torque to moment of
inertia about the axis of concern. Parameters afiecting the acceptable limits of con-
trol acceleration in a pneumatic on-off control system include the magnitude of the
anticipated disturbance torques, gas consumption and settling time requirements, lead
network time constants which can be reasonably achieved, variations of moments of
inertia and to_-_lue, limit cycle rates using derived rate, overshoots due to tx_msient
conditions, and sensor fields of view.
The control torque selected must be considerably larger than the largest disturbance
torque, if the response of the system is to be relatively independent of the disturbance
torque magnitude. Disturbance torques anticipated for the Voyager mission are low
enough to be ruled out as a consideration in selecting the control torque.
Control acceleration affects gas consumption and maneuver time. With derived rate
or pseudo-rate systems, the limit cycle rate, and therefore gas consumption, is
directly proportional to both the control acceleration and the minimum jet on-time.
It is therefore desirable to minimize control acceleration. On the other hand, low
control acceleration results in increased acquisition and maneuvering times.
Low control angular accelerations produce large overshoots under transient conditions.
When initiating or terminating a spacecraft commanded maneuver, nearly instantaneous
changes in rate are inserted into the reference gyros. ACS overshoot due to this tran-
sient must be limited to less than the gyro input axis freedom, or reference is lost.
For initial design selections, a control angular acceleration of 0.225 mrad/sec2 and
a gain ratio of 10 are postulated. The anticipated transient overshoot and cruise mode
limit cycle rates are then determined. A gain rate of 10 is selected based on the
following:
Switching lines with slopes of 0.2 to 0.05 (k of 5 to 20) are generally used. While
the larger ratios yield better damping, ratios greater than 10 become unwieldly
to mechanize when lead networks are used to derive rate information. Transient
overshoot is of major significance in the maneuver mode. Initially the spacecraft
is in limit cycle operation with essentially zero rate, and a worst case of 8 mrad
error. When the maneuver is started, the ACS instantaneously recognizes a
relative rate (with respect to the reference) of 3.14 mrad/sec the selected maneu-
ver rate. It then has a position of 3.14 mrad/sec, 8 mrad on the phase plane.
A control acceleration of 0. 113 mrad/sec 2 (worst case, one nozzle of the couple
inoperative) is applied, resulting in a trajectory which crosses the abscissa at
52 mrad, then increases in negative rate until the first switching line is intersected
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at a rate of about -2.2 mrad/sec. The second switching line is then intersected
at a rate of -2.2 mrad sec, and a position of +14 mrad. If, as a worst case, the
maneuver were terminated at this instant, the ACS would sense an additional
rate of 3.14 mrad/sec, for a total of -5.34 mrad sec. The trajectory would then
intersect the abscissa at -127 mrad, or 7.3 degrees, with respect to the gyro
null position. This dictates the gyro input axis angular freedom. If less freedom
is desired, then either the gain ratio K must be increased, the control accelera-
tion increased, the maneuver rate decreased, or the position error signal limited
to provide for limited rates. In the latter case, increased settling time will
result.
The system design presented herein is based on a nominal control acceleration of
0. 225 rad/sec 2, a K of 10, and a maneuver rate of 3.14 mrad/sec. During subsys-
tem design phase, these values will be reselected as part of the rigorous design ap-
proach. The resulting nominal angular limit cycle rate, based on an assumed mini-
mum valve on-time of 30 milliseconds, is given by 1/2 ACu= 1/2 _c t or approxi-on
mately 2 x 10-4 deg/sec (3.34 x 10 -6 rad/sec).
Control acceleration is subject to change due to loss of thrust of one of a nozzle
couple, and because of decreased moments of inertia due to expending of fuel and
separation of lander. In the worst case, the change of inertia is 7.1 to 1 (yaw axis)
resulting in limit cycle rate of 14.8 x 10 -4 deg/sec. The stored gas requirements
and number of jet operations calculated in later paragraphs include these variables.
The Commanded turn rate is selected on the basis of two criteria: minimum error
during commanded turns, and rate gyro input axis rotations. To satisfy the first
criterion, two significant errors should be minimized: that due to timer resolution,
which is minimized by low turn rates, and that due to gyro drift, which is minimized
by high turn rates. If these errors are expressed as a function of turn rate, and the
sum minimized, it is found that the desired turn rate is given by:
J .
2e D oc
resolution
where
e D = gyrodrift rate
OC = the command angle
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For a gyro drift rate of 0.2 deg/hour (0.01 mrad/sec), a command angle of 180
degrees, and a timer resolution of 1 second, the optimum command rate (for 180 °
turns) is:
_(2) (.01) (3140) = 7.9 mrad/sec
For a 45 ° turn, the optimum rate is 4.1 mrad/sec.
The second factor to be considered is gyro input axis freedom. Since the turn com-
mand generates an almost instantaneous rate of reference, a transient condition de-
velops in the Attitude Control Subsystem. As shown previously with a command turn
rate of 3.14 milliradians/second, gyro input axis freedom required is on the order
of seven degrees. Since it is desirable from a gyro accuracy standpoint to limit the
gimbal steps to a value corresponding to six degrees of input axis motion, the higher
turn rates desirable for minimum error cannot be achieved unless: (1) Time constants
of values larger than 10 seconds are provided, (2) Higher control angular acceleration
is provided, or (3) The particular magnitude of turn which results in the large input
axis motion is prohibited.
Acquisition mode switching lines for pitch and yaw axes need only provide for rate-
limited operation at large error. The acquisition Sun sensor signals will be limited
and rate gain will be set to provide acquisition rates on the order of 17 mrad/sec.
Operation at the null will be controlled by the cruise Sun sensor. Whose character-
istics must be such as to provide linear range to a minimum of 8 mrad. Increasing
the signal to 17 mrad, and a field of view on the order of 10 degrees (depending on
Mars albedo inputs to acquisition sensors). With a gain ratio of 10, the switching
lines will provide a low but acceptable rate toward the null, with rate limiting pro-
vided by sensor saturation.
Roll switching lines are parallel to and equidistant from the phase plane abscissa
during sun acquisition, controlling the roll axis to a nominal 0 + . 4 mrad/sec rate.
During roll maneuver, the lines are biased to provide desired nominal rate (probably
1.7 mrad/sec, for Canopus search, 3.9 mrad/sec for calibration) with a tolerance
of *0.4 mrad/sec. At Canopus acquisition, position plus rate switching lines are
automatically generated by summation of the error and rate signals. Until the bias
is removed, the deadband is shifted by a factor of K 0 = 17 mrad. After settling,
the rate signals are removed and cruise mode is initic_ted.
8.0 SOLAR PRESSURE AND ATTITUDE CONTROL CONSIDERATION
Two passive attitude control concepts were considered for design to minimize the use
of cold gas by compensating for solar pressure disturbance torques. Neither was
selected for the following reasons:
a. The improved reliability of the cold gas jet subsystem does not warrant the
added complexity of solar vanes.
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b. Large vanes required interfere with the fields of view of the high gain antenna
and the planet scan platform, as determined by system configuration studies.
Two methods of implementing passive control using solar pressure torque are dis-
cussed below. The first, similar to that used in Mariner, requires vane areas on
the order of 40 square feet per vane for stability and control. The second, called
Sunguide, consists of fluid flywheels directly coupled to direction-sensing solar ar-
rays. A statically stable, solar pressure balanced vehicle is necessary for imple-
mentation of Sunguide, requiring vanes onthe order of 40 square feet each.
Either concept could be implemented if the spacecraft configuration was changed to
meet their particular needs; however, the prime configuration considerations of solar
energy collection, antenna look angles and sensor fields of view make this impractical.
Also, the amount of cold gas required to remove the solar pressure disturbance
torques has been determined (see paragraph 6.1) and is not considered prohibitive.
The following paragraphs present the analysis and calculations performed in deter-
mining the solar pressure problem and describe the solar vane and Sunguide concepts.
8.1 EFFECT OF SOLAR PRESSURE ON THE VOYAGER SPACECRAFT
8.1.1 MAGNITUDES AND DIRECTIONS OF SOLAR PRESSURE COMPONENTS
The magnitude and direction of component forces acting upon a surface due to solar
energy impinging upon that surface are described by James D. Acord and Dr. John C.
Nicklas in their paper "Theoretical and Practical Aspects of Solar Pressure Attitude
Control for Interplanetary Spacecraft. " Figure 8-1 shows the relative magnitudes
and directions of all components of solar pressure for a typical case. For the case
shown, one half the incident radiation is absorbed and not reflected, one quarter of
the incident radiation is absorbed and reflected diffusely and the last quarter of the
incident radiation is reflected specularly. In the figure, the total force vector F acting
upon A is given by"
+ (1 -so) pA cos 0s sin 0s U T
The force due to an absorption of the fraction, (1 - p), of the totalincident solar energy
is given by:
---- - U
FA (i p)pAcos 0s I
The force due to a specular reflection of the fraction, (so) of the total incident solar
energy is given by:
F =2sppAcos 2 0 U Ns S
30 of 67
CII - VB234AA102
Figure 8-1.
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Typical Relative Magnitudes and Directions of All
Components of Solar Pressure
The force due to an absorbtion of the fraction, (l-s) p, of the total incident solar
energy is given by:
-_DI= (1-s) ppAcos O UI
S
The force due to a diffuse reflection of the fraction, (l-s) p, of the total incident solar
energy is given by:
_DR = (l-s) p p A cos Os
In these equations,
0
S
= angle of incidence between sun line and normal to surface A
A = area of surface
P
P
= solar pressure at distance r from the sun
= fraction of incident solar energy reflected by the surface, 0 < p < 1
31 of 67
CII - VB234AA102
(1-p) = fraction of incident solar energy that is absorbed on the surface
s = fraction of the reflected solar energy that is reflected specularly, 0< s< 1
(l-s) = fraction of the reflected solar energy that is reflected diffusely
U N = a unit vector normal to the surface
UT = a unit vector tangential to the surface
U I = a unit vector in the direction of the incoming radiation
8.1.2 VARIATION OF SOLAR PRESSURE WITH DISTANCE FROM THE SUN
The effect of solar pressure diminishes as the inverse square of the distance from
the sun. The intensity of solar energy at 1 astronomical unit is approximately 1390
watts/meter 2 producing a solar pressure of 0. 463 dynes/meter 2 or 9.70 x 10 -8
pounds/feet 2. Figure 8-2 shows the decreasing magnitudes of solar pressure as one
progresses from Earth orbit to Mars orbit. The solar pressure, p, at any distance
r from the sun is given by."
p = 8.37x108 /r 2
where r is in statute miles and p is in pounds/foot 2.
This is the pressure created by the energy streaming from the sun as it strikes a
surface (normal to the radiant flow) which completely absorbs all the incoming energy.
This is represented by the pure absorbtion line in Figure 8-2. If the total radiant
energy striking the surface is completely reflected back on itself, a pressure is
created represented by the pure specular reflection curve and it may be seen to be
twice as great as the complete absorbtion case. Since no material is a perfect reflec-
tor or a perfect absorber the pressure exerted on any given surface will always lie
between the two bounds of pure reflection and pure absorbtion shown in Figure 8-2.
One must then assign values of p and s to the surface to determine the resultant
vector force on that surface due to solar pressure.
8.1.3 SOLAR PRESSURE TORQUES ON VOYAGER
The resultant total solar force vector will pass directly through the center of gravity
of the vehicle (when the spacecraft is precisely normal to the sun line) if, and only if:
ao The surface areas exposed to the sun are perfectly symmetrical about the
roll axis.
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Figure 8-2. Solar Pressure versus Distance From the Sun
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b_ The exposed surface properties at any radius r from the roll axis have
exactly the same absorbtive, spectral reflection and diffuse reflection
characteristics.
c. The center of gravity of the vehicle is precisely on the roll axis.
Since all of these conditions cannot be simultaneously met, the vehicle will always
experience a solar pressure disturbing torque due to departures from the ideal situ-
ation presented in a, b and c. If the vehicle xy plane is oriented normal to the sun,
the strength of the solar pressure disturbing torque, hereafter referred to as the
torque bias Tb, is a function of
a. Magnitude of the solar pressure
b. Total vehicle area exposed to the sun
c. Variation in surface properties of the exposed area
d. Area asymmetries about the roll axis
e. Displacement of the vehicle center of gravity from the roll axis
8.1.4 VOYAGER PLAN AREA (VOYAGER SURFACE AREA EXPOSED TO THE SUN)
Throughout the entire Voyager mission the solar panel active surfaces lying in the
xy plane are normal to the sun. The solar panel area and all other areas normal to
the sun line and exposed to the sun's energy will be referred to as the "plan" area
of the vehicle in the remaining paragraphs. The plan area of the Voyager design is
approximately 325 feet 2, including the 7.5-foot diameter high gain grid antenna and
the solar pressure vane. If the high gain antenna were solid instead of a grid the
total plan area of Voyager would approach 375 feet 2.
8.1.5 RANGE OF SOLAR PRESSURE FORCE ON VOYAGER
The range of magnitudes of the total resultant force due to solar pressure acting on
the spacecraft is shown for the extreme conditions of pure absorbtion and pure spec-
ular reflection for two representative plan areas in Figure 8-3. The best estimate
of the total force considering the exposed surface properties of the actual vehicle is
shown by the dashed line. The force varies from a maximum of 4.25x 10 -5 pounds at
Earth perihelion to 1.4 x 10 -5 pounds at Mars aphelion.
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8.1.6 AREA ASYMMETRIES OF VOYAGER
The greatest contributors to the torque bias are those plan areas of the vehicle which
have no corresponding image areas. Ideally, any area dA at radius r should be bal-
anced by a diametrically opposed area, dA, also at radius r. The grid antenna is a
parabolic dish 7.5 feet in diameter with an estimated support aspect area of 15% of
the antenna area if it were solid. This amounts to approximately 6.6 feet 2. An
attempt has been made to partially balance out the antenna area by use of a small
highly reflective vane diametrically opposed to the antenna. The fixed vane is shaped
like a trapezoid for ease of storage. The moment arm of the vane, the vane area and
the vane surface will be carefully matched to produce a counter balancing torque to
null out the torque of the antenna. Lightweight fins could be added to the rear of the
antenna to produce a constant aspect area as the antenna rotates from one orientation
to another.
The torque produced by solar pressure acting on the antenna is expected to vary from
a maximum of 9 x 10 -6 foot pounds at Earth orbit to a minimum of 3.1 x 10 -6 foot
pounds at Mars orbit. The fixed vane will be designed to match the above torques.
The VHF relay antenna in the deployed position will create a torque estimated to be
no greater than 1 x 10-6 foot pounds at 1 AU from the sun.
8.1.7 VARIATION OF SURFACE PROPERTIES
An uncertainty in the displacement of the resultant solar pressure force is the slight
variations in absorbtivity and reflectivity on all exposed surfaces as one progresses
radially outward from the roll axis. Consider the fixed solar panel array which con-
tains on the order of 100,000 individual solar cells, each with its own filter. Filter
degradation for any one filter/solar cell combination will not affect the absorbtivity
characteristics by more than 3%. Since the solar panels are located symmetrically
about the roll axis and the 100,000 solar cells are quality controlled, any random
individual variations between filter/cells should completely cancel out. The support-
ing structure for the solar panels will be covered with a low absorbtivity, high emis-
sivity thermal coating. Since the exposed panel support structure is geometrically
symmetrical about the roll axis, its presence has a cancelling effect also. Therefore,
variations of the absorbtive and reflective characteristics of the solar panels and
support structure may be neglected.
The exposed surface interior to the solar panels will be a low absorbtivity high
emittance plate which will expose only the nozzles of the 4 midcourse engines and the
nozzle of the retropropulsion engine. The principle of symmetry prevails in this
case also and this area may be neglected as a contributor to the bias torque.
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However, the intermediate antenna required the removal of two solar panels. The
remaining area between the antenna and the adjacent solar panels will be covered
with a surface which will have the same absorbtivity of the two solar panels on the
opposite side of the vehicle. For thermal reasons the intermediate antenna will be
coated with a low absorbtive thermal coating which means the solar pressure effect
on a unit area basis will be greater on the antenna than that on the surrounding sur-
faces. The disturbing torque due to the intermediate antenna will be approximately
2 x 10 -6 foot pounds at 1 AU from the sun.
An example which demonstrates the amount of displacement in feet of the resultant
solar pressure force, acting on the Voyager plan area, may be seen from the fol-
lowing. Consider that the area of interest in the plan view excludes the grid antenna
and the solar pressure vane. Effectively, then, what remains is a circular area
10 feet in diameter. Now assume that this area is separated along any diameter into
two semicircles, A and B. Assume that the uniform surface properties of semicircle
A differ from the uniform surface properties of B. Assume that a solar pressure
force F1, acts on A and a force F 2 acts on B. Both forces act through their respec-
tive centroids which lie 4.24 feet from the centerline. Figure 8-4 plots the offset
of the line of force of the resultant solar pressure force F 1 + F 2 from the centerline
in feet. For a case where F2/F 1 is 1.05 corresponding to a 5% variation in the
forces, the offset is 0.2 feet. Data on the center of gravity location is shown in
Table 8-1.
Z. 0
1.8
_J
1.6
r_ 1.4
1.2
1.0
0 0.1
Figure 8-4.
• _ s - FEET
Offset of Solar Pressdre Line of Force from Centerline
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Table 8-1. Center of Gravity Location
1. Transit
2. Midcourse Fuel
3. After Midcourse
4. Lander
5. After Lander Ejection
6. Propellants
7. After Orbit Injection
8. After ScannerDeployment
Weight
lbs.
7096.4
-196.0
6900.4
-2150.0
4750.4
-2434.0
2316.4
2316.4
X
Pitch
Inches
-0.7
-0.8
-1.1
Y
Yaw
Inches
0.4
0.4
0.5
i.i
2.3
Z
Roll
Inches
52.3
52.8
32.3
31.7
30.9
The greatest offset of the center of gravity from the centerline occurs after scanner
deployment. The offset is 0. 234 feet. This arm combines with the total solar pres-
sure force acting on the vehicle at Mars to give a maximum disturbing torque at Mars
of 4.9 x 10 -6 foot pounds.
8.2 SOLAR VANES
The following presentation is an anlaysis leading to the sizing of four solar pressure
vanes similar to those used on Mariner 4.
One vane would be located at each of the +X, -X, +Y, and -Y axes.
The solar pressure vanes must:
a. Make the vehicle system dynamically stable.
b. Align the stable position of the vehicle with the null of the primary attitude
control system.
c. Supply retarding forces to damp out any oscillations that may occur.
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The vanes must be sized to simultaneously remove the torque bias on the spacecraft
due to solar pressure by stepping the vanes from an initial optimum position 0vo.
Secondly, once the vanes have been stepped A 0degrees to remove the bias torque,
the vanes must still possess a restoring torque gain which is greater than the de-
stabilizing torque gain acting on the spacecraft body.
8.2.1 TORQUE ON SPACECRAFT WITHOUT SOLAR VANES
Assuming specular reflection (s = 1) the forces on the spacecraft body are:
F1 sc x-r-s vv_ s (force due to absorbtion)
F2 = PoA 2pcos 20SC S (force due to reflection)
Po = 9.70 x 10 -8 pounds (at 1 au)
foot 2
The total disturbing torque T t acting on the spacecraft body as a function of 0 s is
given by:
T t = FI(AScos 0s + Z sin0s_ + F 2 As
Tt =PoAsc(ln°)c°sOs (Asc°s0s + ZsinOs_ +PoAsc2pc°s20s_S
for small0s, cos Os = land sin 0s = 0s
= PoAsc (l-p) {As + Z0_ + PoAsc 2p_sTt
Tt = PoAsc (l+p) As + PoAsc (l-p) Z0
=AT b + T d
where
A
T b = bias torque = Po Asc (1_o) A s
Td_ destabilizing torque = Po Asc (l-p) Z 0
These considerations are shown graphically in Figures 8-5 and 8-6.
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ASSUM ES N(} /
DIFFUSE RE I,ECTION]
BIAS "IX)I_.QUI.; _ T b = (I" 1 + F.,) As
~
FOR STATIC STABILITY FL. ;- FRrr = _F 1 + V2) As = % Asc (l _ P) AS
Figure 8-5. Torque Effects on Spacecraft Without Solar Vanes (Bias Torque)
t _}_" 1_ o ASSUMES N(I
__ v SUN IJN F2 = 20 Po As(: cos" 0s(I)IFFUSE REFLt':CTION)
F l = _l-p) Po Asc cos O s
FOR DYNAMIC STABILITY F'L21 - FRr'; > F2 A S + F1 (AS COS 0S + Z sin t_s)
> F 2 AS+ F 1 (As + ZO) FOR SMALL $s
DESTABILIZING TORQUE _== F 1 Z0 = T d
Figure 8-6. Torque Effects on Spacecraft Without Solar Vanes (Destabilizing Torque)
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8.2.2 TORQUE ON SPACECRAFT WITH SOLAR VANES
The restoring forces generated by the solar vanes are as follows (see Figure 8-7):
= A v (1-1o)cos _L Absorbtion force on left vaneFAL Po
FRL = Po Av 249 c°s2 _L Reflection force on left vane
F_A_R = Po A (l-p) cos _R Absorbtion force on right vane
FRR = Po Av 2p cos 2 _R Reflection force on right vane
The above equations assume the vanes reflect speeularly.
__ (Ovo-_Ov- {_s )ffi_ L
Ib" _S S_,
F FAL
_0 q_____j y
REA
-?
J
x
J
.MI
LI
_FA_
@
\
\
_vo + _Ov + 0s = ¢R
s
°vo / "
FRR
\ _e _Y\\
x
Figure 8-7. Torque on Spacecraft with Solar Vanes
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Writing the forces and the moment arms in terms of the i j k
shown in Figure 8-7:
coordinate system
The vane torque is Tv = TL + TR
where
T L
i J k
-Z+Wsin(O -ASv) -r-Wcos(0vo-ASv) o2 vo 2
FALCOS 8 + cos (8 -AS) sin0 * sin(0 -A os FRL vo v FAL s FRL vo 8v)
and
T R
i j --bk
W
- z+Wsin(Ovo+AO ) r+-_cos(8 +AOv)2 v vo
O
FAR cos 8 + cos + A sin sin os FRR (Svo 8v) FAR 8s-FRR (Svo+ ASv)
For the case where e s = 0 the torque generated by the vanes for any choice of reference
position angle Ov0 (after stepping A 8 degrees) is given by:
Tv =-AvPo (-2(l-P)r Esinovo sinA8 _-(1-o)WFsin28v2 _- vo sin2AOv_
- 4 p r [3 (cos 8 cos nOv)2 (sin 8 sin AS)v + (sin 8 sin hOv)3_VO VO VO
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8.2.3
= - 8pw [sin0 cos 3 O (sinAO cos 3Ao)+
VO VO V Y
sin 3 0vo cos 0vo (sin 3 A 0v cos A 0v)_
+ 2pZ f-sin20 sin0 (sin ZA0 cos_0_-cos 30
t.. VO VO V V" VO
"I
sin20 sin0 sin 3A0]
VO VO vj
+pw [--sin2e sin2AO ÷ 8(cose cosAe)3(sin8
VO V V_ l"_ V VO
+8(cos0 cosAO)(sinO sinAO
VO V VO
DESTABILIZING GAIN
(sin 2 AOv cos AOv)
sinA Or)
Defining K D as the destabilizing gain of the vehicle without vanes we have:
A
K D = T D
vas (l-p) PO Asc Z sin 0 /0S S
KD = Po Asc Z /per degree 0 s
57.3
for es small and 0 = o
In block diagram form the above can be represented as shown in Figure 8-8.
Again assume a small 0 s and let the vanes be attached to the vehicle and canted at
some fixed evo as shown in Figure 8-7. If the craft now moves off the null position,
more sunlight strikes one vane than the other thus generating a restoring torque. We
then have (see Figures 8-5 and 8-6).
A A
T = K e T = (F_ _ (F_s s s s - FL) - - FR) r
where K is the stabilizing gain due to the vanes. The block diagram for this case
is shownSin Figure 8-9.
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I l]7 S2 • : 0 S
Figure 8-8. Destabilizing Gain for Spacecraft Without Solar Vanes
÷
e S
Figure 8-9. Stabilizing Gain for Spacecraft with Solar Vanes
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The characteristic equation for the above system is:
I
Thus, for stability, K > KD .S
The task that remains now is one of maximizing Ks since KD is fixed with the configur-
ation. This can be accomplished by taking the partial of Tv, for 0 s = 0 with respect
to A 0 v and letting the change in vane angle go to zero. Then finding the value of 0v0
which maximizes the above partial for various vane widths as shown in Figure 8-10
as a function of the Voyager configuration parameters.
For purposes of the following discussion, a vane length, w, of 10 feet was chosen
corresponding to 0v0 = 30 °. The unit area restoring torque of the vanes Tv/A is
plotted for these values in Figure 8-11 assuming pure specular reflection on the
vanes (Pv = 1).
¥
'32
Z
<>
31
101 5 :10 15, i20
IW, VANE LENGTH _j
Figure 8-10. Vane Length versus Optimum Stabling Position
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10 zu 3o
Ae v_ ANGULAR TRAVEL OF VANES FROM OPTIMUM POSITION (deg)
Figure 8-11. Unit Area Restoring Torque of Vanes
Now the gain of the vanes must be determined after they have stepped A e degrees
from _ . The unit area gain Ks =-aTv/A is shown in Figure 8-12 as a function
vo A a es
of A e after taking the partial with respect to es of :
TvA---v"= PO Z + w2 Sin (evo-Aev) _ E(1-p)cos_Lsines +
2p cos 2 _LSin (evo - A{}v_ _
-_-r -_cos -VO
2p cos 2 _L cos (evo- _ev
+ _ Z +2sin (evo + Aev) _ _1-0)cos _R sin es- 2Pc°s2 RSin(evo + A ev) _
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-  evo+,,e3
2poo_2_;Rcos(evo+Aev):]
cos_Rcose +S
where
L = (evo-Ae v_os)
and
R = (e +Z_e +es)VO V
The torque gain of the vanes (after having stepped A e degrees) must be greater than
the destabilizing torque gain K d of the spacecraft body.
= Po Asc Z/per degree OsK d
/57.3
= (9.70 x 10 -8 pounds/foot 2) (325 ft. 2) (4.33 ft_._} /per degree 8
57.3 / - s
= 2.40 x 10 -6 pound feet/per degree e s
Choosing an allowable degradation in gain of 107o we find from Figure 8-12 that an
allowable travel in AO v of the vanes is 10 °. At Ae v = 100, Ks/A = - 6.17 x 10 -8
foot pounds
foot 2 degree
The vane area, Av, must be sufficiently large so that:
A >K d 2.40x10 -6
V -_-- --
IKs/AI I-6.17 xl0 -8[ 38.9 feet 2
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A this point one must check Figure 8-13 to see if the torque gain of the vanes after
stepping A _ degrees is greater than the a priori estimate of the torque bias on the
spacecraft. Figure 8-13 shows that for A0 v = 10 ° and 38.9 feet 2 the torque bias that
may be overcome is 4.25 x 10-5foot pounds. The total a priori bias torque on Voyager
is estimated to be no greater than _ x 10-5 foot pounds. Therefore, the vane size of
38.9 feet 2 for each vane on each of the control axis (+X, -X, +Y, -Y) will:
a. Align the stable position of the vehicle with the null of the primary attitude
control system
b. Ensure that the vehicle system is dynamically stable
It must be noted that the foregoing example was based on vanes with no absorbtion and
pure specular reflection. The materials used as the spectral vane surfaces must be
carefully evaluated in terms of their physical absorbtive and reflective properties and
the analysis performed once again with realistic values of the fraction of solar energy
absorbed (1- D and the fraction of the reflected energy that is diffuse, s.
The final design configuration of the Voyager spacecraft will not permit addition of
solar control vanes of the size required since they interfere with the fields of view
of the antennas and the planet scanner. Furthermore, the present location of the
high gain grid antenna 7.5 ° off the +Y axis physically would interfere with placement
of a solar vane at that location.
It was shown earlier (Section 6.4) that the reliability of the cold gas jet subsystem is
not a limiting factor in overall attitude control reliability.
The potential increase in reliability of the attitude control system due to decreased
firings of the cold gas jet subsystem and decreased actuation of solenoid controllers
is felt to be offset by the possibility of incomplete deployment of vanes or malfunction
of the vane control loops. Such a situation could contribute an unbalanced torque of
6.70 x 10 -5 foot pounds for a 40 foot 2 vane.
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8.3 SUNGUIDE
The Sunguidepassive attitude control concept, as applied to deepspace probe vehicles
suchas Voyager, consists of the use of mercury fluid flywheels oriented about the
pitch andyaw axesof the spacecraft. Theseflywheels serve as momentum storage
devices for disturbances which would tend to displace the spacecraft from pointing to
the sun. This stored momentum is then slowly unloadedfrom the flywheels by solar
radiation pressure.
The roll axis of the vehicle is oriented by conventionalmeans (such as being Canopus-
fixed), andutilization of the Sunguideconcepton Voyager would allow the active
attitude control system to be virtually deactivated during the cruise and orbital opera-
tion phases of the mission (with the exception of the roll control).
A typical Sunguide spacecraft system representation with one axis deadband operation
control is shown in Figm-e 8-14. Note that the only logic required is the physical
location of the sun sensors (which can be simple solar cells) on the vehicle.
Each sensor (or solar cell bank) is connected to the mercury fluid flywheel pump with
a polarity such that the momentum which produces the rotation to uncover the sensors
is absorbed in the mercury fluid flywheel to stop the rotation. Typical transfer func-
tions which can be utilized with this concept are shown by Figure 8-15 with (a) provid-
ing the more optimum pointing accuracy and (b) providing the faster momentum un-
loading capability. Combining two single axis systems as described above (one for the
SUN SENSORS
F LUID FLY-
WHEEL PUMP _,_lMERCURY SUN SHADEFLUID FLYWHEEL
SO LAR F LUX
Figure 8-14. Sunguide Operating Principle
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W W
Figure 8-15. Typical SunguideTransfer Functions
pitch axis andthe other for the yaw axis), simple and reliable two-axis sun pointing
passive attitude control with relatively high pointing accuracy (within _- 0.25 degrees)
can be obtained.
8.3.1 REQUIRED AREAS
As stated in the previous section, solar radiation pressure is utilized to unload the
absorbed momentum from the fluid flywheels. To make use of solar pressure in this
manner, the spacecraft must be both solar pressure stable and solar pressure balanced
(i. e., the center of pressure must be directly behind the center of mass when the
vehicle is pointing at the sun).
Since the current Voyager configuration does not possess either of these two qualities,
solar pressure vanes (or other suitable means of obtaining stable and balanced solar
pressure torque about the sun pointing null) must be added to the vehicle. If solar
pressure vanes are used, each vane (of 4) would have to be approximately 40 square
feet in area to make the vehicle stable, and additional area may be required to balance
the spacecraft as well as provide momentum unloading capability (see Figure 8-16).
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SOLAR PRESSURE PANEL
CP CM
CP -
SOLAR FLUX
CENTER OF PRESSURE
CM - CENTER OF MASS
Figure 8-16. Solar Pressure Stable and Balanced Spacecraft
8.3.2 IMPLEMENTATION DIFFICU LTIES
The Voyager spacecraft envelope as defined in the mission specification and limited by
the landing capsule and shroud makes it extremely difficult to design a vehicle which
is solar pressure stable (particularly during transit with the landing capsule in place).
Utilization of vanes to provide stability as well as balance encounters difficulties in
the form of shroud limitations during launch and obstruction of the fields of view of
the high gain antenna and planet scan package. In addition, on-board logic would
probably have to be included with the use of the vanes to keep the system pointing
accuracy at the level required.
9.0 SPECIAL OPERATIONAL MODE CONSIDERATIONS
During occultations of the Sun or Canopus in the Mars orbit, no-control of the involved
axes was considered as the mode of operation versus transferring control to the gyro
references. The preferred mode of operation is to use the gyros because, with no-
control, the position error buildup, due to gravity gradient disturbance torques and
limit cycle rates, is unacceptable for high-gain antenna orientation. Lead networks
have been included in the loop designs as backups for failed gyros, to enable eventual
reacquisition by the pitch and yaw axes of their lost reference, and to provide some
degree of redundancy to the derived rate networks in each axis.
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9.1 CONTROL DURINGOCCULTATION OF REFERENCES
The primary attitude control references for Voyager are the Sunand Canopus.
Neither can be occultedduring transit phase. The Mars orbit selected eliminates
occultations of Canopus. The Sunwill possibly be occulted by Mars for periods on the
order of 1.5 hours during the last 30days (36orbits) of the mission. If the nominal
orbit is not achieved, earlier Sunoccultation could occur, as well as CanopusOccult-.
ations.
Independentof the orbit achieved, the orbit parameters will be determined. It is
therefore assumedthat occultations of neither reference will occur without anticipation.
Two modes of operation were considered for control during reference occultation: No
control on the affected axes (pitch and yaw for Sunoccultation, roll for Canopus
occultation); or transferring control to the gyro references during occultation. For
pitch and yaw control, the criteria for selecting the control mode are, the magnitude
of error which couldbe expected to begenerated during Sunoccultation with no control
action, the time to settle from this error, andthe effect on retaining Canopus lock-on
during the re-acquisition maneuvers.
Sunoccultationsduring the nominal orbit will occur during the period of 8000seconds
prior to periapsis. Gravity gradient disturbance torques during this part of the nominal
orbit, during the last 30days, do not exceed3 x 10-6 ft-lb, in pitch and yaw. Error
developed in 1.5 hours due to this torque would be 1.4 degrees. Error due to limit
cycle rate (0.0008to 0. 0014deg/sec) would be 4 to 7.5 degrees. These latter errors
alone are unacceptablefrom a communications point of view. In addition, the control
action resulting from re-acquisition could cause loss of the Canopusreference. It
has therefore beendetermined that control during sun occultation is required. It will
be obtained on the basis of C&Sor C.D. commandsacting to have gyros ready, andto
transfer control betweenSunsensor and gyros at the proper time.
Loss of Canopusreference is not anticipated. If the orbit attained is such that Canopus
shouldbe occulted, the errors which would develop are on the same order as the field
of view of the Canopussensor. Capability of transferring control of the roll axis be-
tween Canopussensor and gyro is, therefore, also included. It is emphasizedthat
automatically switching to inertial control is not included, due to the complexity of
mechanization andto the fact that unanticipated occultations cannot occur.
9.2 OPERATIONWITH FAILED GYROS
Failure of a gyro to operate is potentially disastrous if re-acquisition of references
must be accomplished. Therefore, lead networks have been included which canbe
used for loop compensation, in case of a failed gyro, during acquisition. It is recog-
nized that acquisition using lead network compensation doesnot provide first-rate
performance whensensor linear
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range is limited. It is assumed that, with only a pitch or a yaw gyro failure, the axis
would eventually settle on its reference with lead network compensation. Roll axis
acquisition cannot be accomplished with lead network. However, each axis is provided
with this back-up since it also provides a degree of redundancy to the derived rate
network. Time constants of these networks will be sized on the basis of simulation
studies, and a trade-off between acquisition and cruise mode performance.
10.0 HARDWARE SELECTIONS
Alternative designs were considered for ACS components as shown in Table 10-1,
Table 10-1. ACS Components Designs
Component Preferred Design Alternative Designs
Sun Sensors Cds Detector
Canopus Sensor
Gyros
(GB-Gas Bearing)
(BB-Ball Bearing)
Silicon Cell Detector
JPL's
Gyro loop
C apac itor
ACS Redundant
Circuitry
Kearfott Alpha (BB)
None
(See para. 5. O)
Microeleetrordc
Santa Barbara Research
Center's ITT Federal
Laboratories
Honeywell GG 327 (GB)
Sperry 1440 (GB)
Arma G-16A (2 Axis, BB)
Tantalum Foil Type
Solid Sintered Tantalum
Types
Aluminum Electrolytic
Type
Polycarbonate Film Type
Conventional Circuitry
The following paragraphs present the trade-off evaluations that led to the selection of
the preferred design for each of the components.
10.1 SUN SENSOR SELECTION TRADE-OFF
The two type sensors considered for the Voyager program were of the silicon cell de-
tector type and the CdS type; one having been space proven on the OSO mission (silicon),
the other on the Mariner Mission CdS.
A silicon cell sensor is composed of a lens, cutoff plate, and a silicon cell. The lens
focuses a beam of light and the cutoff plate provides the means of interrupting this
beam as the angle of the light beam is varied. Silicon cells being photoelectric,
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require no power, but the circuitry needed to instrument the solar eyes is somewhat
more complex. For the Voyager application, 8 acquisition eyes, 4 cruise eyes, and
2 gating eyes (a total of 14 detectors) constitute a 2 axis Sun sensor with a field of
view of 2rr steradians. This is fully described in Volume A.
A CdS cell sensor is made up of a CdS cell and a mounting block. This block essen-
tially takes the place of the lens and cutoff plate in the silicon sensor. It defines the
field of view and the response function of a single cell. The CdS detector is photo-
conductive (requires biasing), and the impedance of the detector varies with illumina-
tion. The detectors are arranged in a bridge-type network and the Sun sensor error
signal is the bridge output.
For the Voyager application, 8 acquisition eyes and 8 cruise eyes plus two gating eyes
(total of 18 detectors) constitute a 2 axis Sun sensor with a field of view of 27r steradians.
In order for the CdS sensor to have the null accuracy required by the Voyager mission,
the mounting block has to become rather long (about 5 inches). Increasing the size
of this block increases the null accuracy but decreases its linear range. In order
to increase this linear range, the cruise (fine, primary) eyes must be cascaded re-
sulting in 8 CdS cruise eyes while only 4 are required for the silicon cell system.
Figure 10-1 illustrates the configuration of each of the 8 cruise eyes which would
be used in a CdS Sun sensor. The silicon eyes, on the other hand, are very small,
1 1/4".
CDS
CELL
Figure I0-I.
5 INCHES
CdS Sun Sensor
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compared to those in figure 10-1, and are easily mounted to a plate which, in turn,
is mounted to the vehicle. All 10 of the Sun facing silicon cells may be mounted to the
same plate rather easily, whereas, the CdS eyes would present a problem in packaging
and mounting.
In summarizing; there are three main reasons for choosing the silicon cell Sun sensor
rather than the CdS Sun sensor.
a. Number of detectors required
b. Movmting problems
e. Null accuracy
I0.2 CANOPUS SENSOR SELECTION
Since Canopus is a bright star, any of a number of developed or in-development star
sensors could be adapted to serve the Voyager need. However, with some versions
already designed as single axis Canopus trackers, the more complex, gimballed, two
axis trackers (such as the KoHsman and Bendix OAO startrackers or a number of
other developed and partially developed star sensors) can be ruled out immediately.
In addition to the JPL Canopus sensor, at least two others are being, or have been,
developed. Sanfa Barbara Research Center developed the Canopus sensor for Sur-
veyor. This sensor features acceptance thresholds, plus and minus one magnitude,
from Canopus, and continual automatic calibration of the sensor using the Sun as
reference. However, it has dithering and rotating mechanical parts and is not
recommended for a mission as long as Voyager.
ITT Federal Laboratories is also developing a Canopus sensor for use on Lunar Or-
biter. However, except for the use of ITT's image dissector tube and a few electronic
changes, this sensor is similar to the JPL sensor.
Use of the Approach Guidance Sensor (observing Canopus) to develop a back-up roll
error signal for ACS, was considered. However, this method was rejected because
the fields of view of this sensor are severely restricted, and excessive complexity
would have to be added for its practical use in the ACS.
In the final analysis, the Canopus sensor is the best choice because of performance,
availability, and proven development. It has already flown on Mariner. The missions
are very similar and any changes, which may be suggested as a result of the Mariner
experience, can be incorporated in the Voyager version.
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10.3 GYROSELECTION
This report is the conclusion of a study to obtain a gyro suitable for use in the Voyager
71 program. The basis of the study was the gyro characteristics required for the
program. Amongthese characteristics are life, long term drift stability, size,
weight, power, environmental capabilities, and noise.
The gyro packagewill be required for autopilot and attitude control of the Voyager
spacecraft after separation from the launchvehicle. This mission will require a
7000hour operating life maximum. This includes 2000hours of preflight testing,
500hours normal operation, and the potential of 4500hrs for use during back up
applications.
The other characteristics are given in the trade-off matrix Table 10-2.
Numerous prominent inertial componentmanufacturers were considered. An initial
selection of manufacturers was obtainedthat met the drift, life, andweight and size
requirements. Thesemanufacturers are Kearfott Division, Honeywell Aeronautical,
Sperry Gyroscope,and Nortronics, all having single axis integrating gyros. Also,
Arma Division and Litton Systems have two axis gyros with torquer feedback capa-
bilities. Thirteen different types of gyros were obtained for consideration.
In the selection of a final gyro, a demonstrated feasibility of drift at the present time
was considered necessary, with the long range ability to prove flight worthiness by
July 1966.
Two main pivot points need be considered in the Voyager mission in the comparison of
a ball bearing wheel and a gas bearing wheel• The pivot points are long life and low
noise. Tests, which have been run, indicate a decrease in noise of more than an
order of magnitude of the gas bearing gyros over the ball bearing gyros. The gas
bearing gyro life is considered much greater than ball bearing life.
Regarding long life, gyro spin ball bearing tests have been run that show almost a
direct relationship between decrease in operating temperature and increase in bearing
I fe. This should be considered for ball bearing gyros for use in Voyager where the
erating temperature is 100 deg F.
• 3.1 KEARFOTT DIVISION
10.3.1.1 KING BALL BEARING GYRO
Kearfott experience on the KING gyro is significant; more than 1000 gyros have been
delivered since production started in January 1961. The KING is a pivot and jewel,
beryllium float, floated gyro.
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Life test data on 17 KING gyro wheels is summarized below:
a. Thirteen (13) of the KING gyro wheels are still running with wheel hour ac-
cumulations of from 10,000 to 25,000 hours.
b. Four (4) KING wheels failed with wheel hour accumulations of from 9,000 to
13,700 hours.
• . {
In all cases, the failure mode was lubrmatlon failure. The operating temperatures
ranged from 115 deg F to 180 deg F. All the life test failures occurred on gyro
wheels run in an oven. All 5 KING _,rro wheels on_ life test in_ _r_os are still oper-
ating with wheel hours of from 17,500 to 23,000. This suggests that oven wheel life
test results are somewhat pessimestic.
Kearfott will warrant the KING ball bearing gyro for 10,000 hour life.
Kearfott has run tests on a KING ball bearing gyro that indicates elastic restraint of
• 09 deg/hr/deg OA with linearity and repeatability of better than 10%. They have
also shown drift stabilities of 0.01 deg/hr, 1_, day to day. They have warranted the
drift to 0.1 deg/hr total, 1 year or 10,000 hrs.
GE has tested a KING ball bearing gyro in a position mode loop with a gain of 45
volts/deg and frequency response of > 60 cps. The measured noise was 2 mv peak
to peak, almost all of which was 60 cycle and assumed to be originating in the elec-
tronics. Thus, the KING gyro is expected to meet the noise specs.
Drawbacks of the KING gyro are its low torquing capabilities and low IA freedom•
Kearfott would increase the IA freedom by opening the stops and/or changing the fluid.
10.3.1.2 ALPHA BALL BEARING GYRO
Kearfott has delivered over 800 ALPHA gyros to date. The ALPHA gyro has a lower
wheel momentum, higher rate capability, and lower wheel power than the KING ball
bearing gyro. Also, the ALPHA and KING ball bearing gyros differ slightly in wheel
bearings, the ALPHA having a larger lubrication capacity.
Life test data on the ALPHA is very limited and, because of different oil retainers,
KING life test information is not directly applicable. Life tests run on one ALPHA
gyro wheel gave 19,800 hours to failure. The failure mode was lubrication failure.
The ALPHA gyro does have an extensive and very favorable field history. Of all
ALPHA gyros built and used to date, no life or wear out type failure has been exper-
ienced. Kearfott has warranted the ALPHA gyro for 6000 hours for the Nimbus
application.
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Bias drift on 38 total-to-date ALPHA gyros, used on military programs by GE, has
beenless than 0.2 deg/hr, day to day stability. Kearfott has obtained drift rates of
• 045deg/hr, day to day.
Kearfott considers, on the basis of past performance, the ALPHA gyro capable of 0.3
deg/hr and wouldappraise the 0.25 deg/hr ability.
The ALPHA gyro has beentested by GE in position mode loops of gain 6 V/deg and
frequency response of four cps. The output noise has beenmeasured at 0.2 to 0.5
mv, peakto peak. At 45 V/Deg, the outputnoise expected is 1.5 to 3.7 mv, thus,
the ALPHA gyro is considered suitable for the Voyager noise requirements at the
16cps bandwidth.
The ALPHA gyro has the lowest wheel power available, 2 watts.
10.3.1.3 KING GASBEARINGGYRO
Kearfott has beendoing developmentwork on their gas bearing for five (5) years,
andhas arrived at a design which they feel represents a significant advancein gas
bearing technology. Their bearing is conical rather than the conventional journal-
thrust plate design, constructed of beryllium with ceramic coating, and consists of
very few parts, resulting in simplicity of assembly, and good mass stability. Two
gyros of the present design have been bu'lt, and three (3) more are being built under
contract with the British Goverpment.
Mechanical Technology Incorporated of Latham, New York was contracted by Kearfott
to assist them in gas bearing design and development. MTI confirmed Kearfott's
theories on the advantages of the conical approach to gas bearing design.
In-house yield experience at Kearfott, on gas bearing build-up, has been excellent.
Yield on bearing piece parts of the two gyros built to the present design is 100%.
The KING gas bearing gyro is identical to the standard Kearfott KING gyro in all
respects except for the wheel, spin motor, and wheel bearing.
Test data on Kearfott's second gas bearing KING (serial no. GB 1003) has shown
mean and spread of long term drift rates of +. 06 deg/hr and . 034 deg/hr respectively.
The effect of fixed torques on drift due to elastic restraint will be increased by 45%
over that of the ball bearing KING gyro. This is due to the 45% decrease in mo-
mentum in the gas bearing wheel from the ball bearing wheel.
The gas bearing was designed to withstand 30g's acceleration at all frequencies except
whirl frequency, at which it is expected to withstand 15 g's. Kearfott has vibrated one
gyro at i0 g's from i00 eps to 4800 cps with no degradation in performance and they
expect to verify the 15 g 200 eps capability.
Tests run by Kearfott on the KING gas bearing gyro have shown a 13:1 improvement
in noise over the KING ball bearing gyro.
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friction. Sofar only one test gyro has beenbuilt. Tests showthat the test model
meets the design drift value of 0.1 deg/hr stability. The GG 327 has beendesigned
for 20,000hour life.
Honeywellhasrecently made improvements in flex lead design. Data on two types of
flex leads is:
Old spring type - 2.5 deg/hr/deg OA
New, thinner spring type - 0.7 deg/hr/deg OA
Honeywell estimated that elastic restraint variation with float angles would probably
not exceed10%andchangeover a period of oneyear would probably not exceed 10%.
A majority of the GG 159gyros had the old spring type flex lead and the newer GG 159
gyros havethe newspring type flex lead. The GG327 gyro, utilizable for Voyager,
will probably havean old spring type lead, due to the high IA freedom and also due
to a low storage temperature (< 70° F), since the lower storage temperature requires
a stronger flex lead. The use of a stronger flex lead with its associatedhigher elastic
restraint could present a problem in the drift performance of the GG327 gyro.
10.3.3 SPERRYGYROSCOPE
Sperry consideredthat their best gyro for Voyager is the SYG1440. The SYG1440
is gasbearing, beryllium float, pivot and jewel type construction. The SYG1440is
a combination of the SYG4200Mod 4 gas spin motor, the SYG1040high torquer and
the remaining parts of the SYG1000. The SYG1440is developmental at this time.
Sperry intends to havethe first gyro operating late this year.
Sperry has completed 10,000stop starts on a gasbearing wheel weighing 17pounds.
The wheel in the SYG1440is about 0.07 pound.
Bias drift on the SYG1440is not expectedto be greatly different than on the SYG1000.
Elastic restraint hysteresis has been a problem on the SYG1000and has not yet been
solved. Sperry hasacknowledgeda problem in meeting the 0.25 deg/hr Voyager
drift requirement with the SYG1440. G.E. has tested 89 of the SYG1000gyros in
a military program. Of these 89gyros, 35 have had drift rates exceeding 0.2 deg/hr
day to day stability.
The SYG1440was not considered for Voyager due to its lack of demonstrated perform-
anceand potential drift problems.
Sperry ball bearing gyros were not considered becauseof drift and life.
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10.3.4 NORTRONICS
Nortronics ball bearing gyros cannot be considered suitable for Voyager due to com-
bination of drift (1 deg/hr) and life (5,000 hours maximum at 100 deg F operating
temperature).
Nortronics has two gas bearing gyros that can be considered for Voyager, the GI-MI
and the GI-K10. Nortronics history in gas bearing gyros is well founded with two
larger gas bearing gyros in production since 1962 and used on Minuteman and Polaris
programs. Nortronics developed their gas spin bearings in 1960-61. The GI-K10
is the gas bearing version of the GI-K7 ball bearh_g gy_o. Nortronics has built up
over 200 of the GI-K7 series gyros. The GI-K7 cannot meet the Voyager drift
requirements. The GI-K10 has a beryllium float and pivot and jewel suspension.
One unit has been built up, and meets Nortronics specs.
Nortronics expects the GI-K10 drift rates to be well under the Voyager requirements.
They have stated the ability of the GI-K10 to 0.2 deg/hr drift, total over the gyro
10,000 hour life.
The IA freedom of the GI-K10 is nominally -_3 deg. Nortronics has stated their ability
to go to ±6 deg with a change of fluid viscosity.
The GI-M1 is a completely new design gas bearing gyro. Design features include a
ceramic float and wheel and electrostatic suspension. Two units have been built.
Limited drift data reveals excellent performance; the gyro easily meeting Voyager
drift requirements. The GI-M1 meets all Voyager requirements but IA freedom and
torque rate capability. The La, freedom is -_3 deg and would be increased by changing
fluid viscosity.
Within Nortronics, the GI-K10 is considered a best choice for Voyager.
10.3.5 TWO AXIS GYROS
10.3.5.1 ARMA
Arma considered the G16 Dynatune free gyro as most suitable for Voyager.
The G16 Dynatune gyro is new in design and includes non-floating, dynamically-tuned
free rotor, and has two gimbal axes. This gyro has a unique inside out rotating sus-
pension system, eliminating the motor balancing problem within the suspension
system. Drift rates of 0.02 deg/hr are expected. Six gyros have been built to date.
Newness of design combined with a lack of sufficient history make this gyro unsuitable
for Voyager.
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IA freedom of the KINGgas bearing gyro is :_1.5 deg. This would be increased in
like manner to the KING ball bearing gyro.
The KING gas bearing gyro lacks the required torque rate capability.
10.3.2 HONEYWELL AERONAUTICAL DIVISION
10.3.2.1 BALL BEARING GYROS
Life tests run on Honeywell's ball bearing MIG gyros have shown a 14% failure rate
in 7000 hour _ 180 ° F. Hone_,vell w_l _rrantee up to 2000 hou_rs or 2 years without
undue conflict. However, Honeywell feels that they would require more life tests to
warrantee life of up to 7000 hours, with confidence, even though the operating temper-
ature would be 100°F.
Additionally, Honeywell would not place much confidence in their ball bearing gyros for
drift rates less than 0.5 /hr., over gyro cool downs and wheel rundowns.
For these reasons, the Honeywell ball bearing gyros were not considered satisfactory
for Voyager.
10.3.2.2 GAS BEARING GYROS
Honeywell has been developing a gas bearing technology for several years and is a
leader in the field. The first models were the GG 159 gyros and about 80 gyros have
been built since early 1962. Dseign features of the GG 159 include journal and thrust
plate type gas wheel bearing, hydrostatic suspension, and ceramic float. The hydro-
static suspension force is supplied by a positive displacement pump which must be
excited by low frequency (_. 12 cps) at 0.4 watts.
Honeywell has quoted and can partially demonstrate a 50,000 hour MTBF in the GG
159. Three gas bearing motors have been running continuously for 25,000, 24,700,
and 21,300 hours with tests showing no failures or indications of deterioration.
79 of the GG 159 gyros have been utilized for varying amounts of time at Honeywell,
St. Petersburg. Of these 79, nine have been removed for difficulties: one for pump
failure, one for mishandling causing a spin motor shaft break, one for heater short,
and the remaining due to drift rates. Honeywell claims a record of 10,000 spin
motor stop-starts with no noticeable sign of wear. They recommend that the gas
bearing gyro be operating during launch. Drawbacks of the GG 159 are its limited
IA freedom (:_3 deg) and torquing rate, and the pump suspension, which at this time
is a state of the art design.
The GG 327 is a later gas bearing gyro, using the same spin motor of the GG 159,
except it has twice the momentum. It has a ceramic spin motor and uses a pivot-
dithered, jewel-output, axis suspension resulting in a reduction in pivot to jewel
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10.3.5.2 LITTON
Litton has a production gas bearing gyro and a new design vibra-rotor gyro available
for Voyager. Both are two degree of freedom free gyros.
The gas bearing gyro is the G-300 G2. This is a smaller version of the G-200 ball
bearing gyro of which over 8000have beenproduced. The G-300 has a history of 20
produced units, 14of which are in service, with accumulations of 13,000no failure
hours. This includes stop start conditions. Litton has calculated a MTBF of 8,333
hours for the G-300gyro. The G-300 has beryllium parts and a pivot and jewel sus-
pension. Litton has obtaineddrift rates of 0. 005 deg/hr with the G-300 gyro.
Thevibra-rotor gyro is a new development. Design features include a spinning mass
supported by a torsion rod. It is a non floated gyro. Onebuilt unit has had 5000hours
running time andstill has a high drift accuracy. It can meet the Voyager drift
requirements.
BoththeG-300andvibra-rotor gyros are designed for platforms, and do not lend them-
selves to the Voyager application of high IA freedom andhigh torquing rates.
The following pages, including Table 10-2, list the important characteristics of the
gyros investigated most thoroughly.
Four gyros appeartechnically suitable for Voyager. They are: Kearfott Alpha ball
bearing, HoneywellGG327 gasbearing, Sperry 1440gasbearing, andArma G-16A
two axis ball bearing.
The Kearfott Alpha is preferred becauseit has beenused and proven on spacevehicles
including: Mariner, Surveyor, OAO, Nimbus, andMilitary Programs.
Over 800units havebeenproduced, 182of them Model 2564, suitable for Voyager.
Two further reasons for the choice are: lowest power and lowest cost.
The others are notpreferred at this time becauseall are under developmentand
have accumulatednoproven flight experience.
10.4 GYROLOOPCAPACITOR EVALUATION
Capacitors suitable for use in the Voyager rate gyro closed loop configuration were
evaluated. Nonewas found suitable. The major factors considered in the evaluation
were as follows:
a. LeakageCurrent
1. Gyro torquer gradient = 134 deg/hr/ma (Kearfott ALPHA)
2. Max. gyro drift = 0.2 deg/hr
0.2
3. Max. leakage ±m = 0.0015ma = 1.5 Da134
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Table 10-2. Gyro Matrix - Voyager
Characteristic
Type
Life - GS_m-attng
whe_ - be_rmg type
- p_r. (mart/run)
- excitation freq.
- number atOll-starts
Weight
Size
Production (Date/Number)
Heater/Heater Power
IA Freedom
Momentum
Gain
Operating Temperature
Envixoranent al - steady state
acceleration
-sine vibcation
-shock
-hermetically
sealed
Drift -g insensitive
-g sensRive
-anisoelastJc
Torquer - capability
- scale factor
- linearity
Gyro capability
(max. rate without
damage)
Voyager
Requirement8
Single or Two Axis
>7000 hr
ball or gas bearing
>1.5 watts on
400 400
pounds
inches 3
by July '66
cgs
100°F 100
80
10g peak 30
30gpeak, 6 & 11 MS 60,
11MS
Kearfott
KING II KINGH
Bali Gas
SA SA
10K 12K
ball gas
7.5/5._ 15/8
> 500
1.0
10.7
'61/90
yes/20
_2
510K
.5to 15
Honeywell
ALl'HA- GG159 GG327
2564
SA SA SA
> 6K 12K 20K
ball
2.5/2.0
800 400
>600 >200
1.0 0.9
10.7 8.9
dev/2 182
yes/ yes, 30
±1.5 ±6. 1 ±3 ±10
350K 277K 100K 200K
.5to15 .5 to !.5 .4
240
1OO 1OO 100 100
30 24 30
15 20 30 20
60, 30,
IlMS 10MS
gas gas
10/7 21/4.5
8OO 800
10K 10K
1.0 1.3
9.4 20
'62/80 dcv/l devJby dev/2
'66
yes;7 yes/10 yes,' yes/l_
SA SA
MTBF= 3 yr
40K
gas gas
20/2 6 /3
8ooor 800
4OO
20K
1.0 0.9
9.4 9.4
±6 ±3
120K 240K
1 I to
12
1OO I00
20
30
Sperry l Nortr onics
1440 GI-MI GI-KI0
SA
IOK
gas
5/3
400 400
20K
O. 63
3.4
devJ l
yes/50 ;
±3
|20K
1 to
12
1OO i 40 to
_0
15 )re- lOO
dicted
i
20 25 I0
40. I00, 30
1 I.SMS 11 MS
Arma
GI6-A
TA
MTBF:
33K
ball
/5
Litton
G-300
TA
MTBF=
8,333
gas
/3
8OO
85K
1.4 0.95
9.4 15,8
dcv6 /20
no yes/
±i0 ±1/3
280K 70K
I
yes yes yes yes yes yes yes yes yes yes
25 deg/hr
2 degthr/g
• 02 deg/hr g2
5 deg/sec
< 4oodeg/hr/ma
0. l 0.05 0.25
0.15 0.3 0.3
0.02 0.04 0.015
RMS HMS RMS
2 2 20
1 to 1 to 134
50 50
.1_ to. 15 deg/sec. 0.01 0.01 0.02
deg/see 200 285 >50
0.1 0.25
1.2 1
0.03 0.04
O. 2 0.2 0.02 0. 005
0.1 0.2 .0 0.0] 2.0
0.0] 0.02 0.06 0.03 0.03
3 12 30 0.28 12 5.5 0.55
300 395 108 4.17 c 400 27
O. Ol 0.01 0.01_ 0.01 0.03
to 3
deg/_e(
25 !50 450 285 570
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b. Operatiag voltage = ± 20VDC max
c. Long storage periods before being energized (approx 3 to 5 months}.
d. Stability over a temperature range of 40 deg F to 80 deg F
e. Non-polarized
f. Low dielectric absorption
g. 4080 microfarads
h. Small volume
The most capacitance-per-unit volume is obtained with the use of the electrolytics
such as the tantalum foil type (used in Mariner). This capacitor is presently available
in values as high as 1020 microfarads at a working voltage of 20 volts. Tantalum foil
capacitors have good vibration and shock characteristics, but exhibit leakage currents
that vary as a function of time. Currents as high as 1000 times the steady state value
are possible 100 seconds after the initial charge. The steady state leakage current
of the 29F2724, after five (5) minutes of time, is approximately ten (10) microamps
at 85 deg C and approximately two (2} microamps at 25 degrees C.
Measurements made on a 29F2724 capacitor pulled from stock showed a leakage cur-
rent of 150 microamps after 10 seconds. The measurement was made at a temperature
of 75 deg C.
Dielectric absorption of tantalum foil capacitors causes a voltage build-up of as high
as 10% of the impressed voltage after complete discharge. This voltage recovery
can cause errors whenever a voltage reversal occurs. This absorption is caused by
residual polarization of the dielectric and must be considered in application where
constant voltage reversals are expected.
In summary, tantalum foil capacitors are not recommended for use in the Voyager
gyro system in the following reasons:
a. High steady state leakage current. A steady state leakage current of 1.5
a cannot be achieved with a tantalum foil capacitor throughout its working
voltage range.
b. Unstable leakage current that varies with storage time.
c. 4-1020 _ F capacitors in parallel are required to obtain 4080_z F. Leakage
current increases by a factor of four.
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d. Dielectric absorption can cause errors whenever voltage reversals occur.
e. A cycling circuit is required to "reform the dielectric" for minimizing the
high leakage current after periods of storage.
Another capacitor considered was the solid sintered dry slug type of tantalum. Its
main advantage is its stable leakage current that does not change with time. A non-
polar, solid sintered, tantalum capacitor is made by merely placing two polar capac-
itors back-to-back. The highest value available in this type is 50 _f with a working
voltage of 20 volts. Eighty-one of these in parallel would be required to obtain 405quf.
Each _av_l_,r has a _auy state lea_v current ul-"15 _a. Therefore, 1215 _ a for
the 81 capacitor array would be expected if the full 20 volts were applied. The voltage
recovery- due to dielectric absorption is approximately 3% of the rated DC charge
voltage at 25 deg C. The solid sintered tantalum capacitor is not recommended for
use in the Voyager gyro system because of its high steady state leakage and low reli-
ability, due to the large number of capacitors required to obtain 4080_f.
Other capacitors considered were the solid tantalum, wet sintered slug; the aluminum
electrolytic; and the polycarbonate film type. These capacitors are not recommended
for Voyager use for the following reasons:
a. Solid tantalum, wet sintered slug - available in polarized units only.
Do Aluminum electrolytic - aqueous electrolyte subject to freezing, causing
permanent damage. This capacitor has the same limitations as the tantalum
foil.
Co Polycarbonate - Although very low leakage currents, high stability and
excellent reliability are possible, the volume required for 4080_f would be
prohibitive (approximately 500 cubic inches using a 0. 025 inch film).
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APPEND_ I
DETERMINATION OF THE NUMBER OF VALVE OPERATIONS
The operation of a derived-rate system may be most easily visualized by use of the
phase-plane trajectory. In the absence of external disturbing torques the symetrical
limit cycle is as shown in Figure I-I.
L.
®
J
0 8 #.
Ae
®
Figure I-1. Symmetrical Limit Cycle
The letter A designates a solenoid valve which fires when the sensed error is negative,
imparting a positive velocity increment to the vehicle; solenoid valve B fires when the
sensed error is positive, imparting a negative velocity increment.
Assume now that a small constant acceleration is imparted to the vehicle by an external
disturbance such as solar pressure. The rates are no longer constant as the trajectory
traverses the deadband. If this acceleration is very small we can neglect the distortion
of the trajectory from the previous rectangular form and at some later time the trajec-
tory will appear as shown in Figure I-2.
L.
V
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®
Figure I-2. Unsymmetrical Limit Cycle
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In the presence of a small disturbance, the trajectory in general will not close on it-
self in one cycle, but is shown closed here for clarity. It is obvious that the time re-
quired to traverse an unsymmetrical limit cycle, such as Figure I-2, is greater than
that required to traverse Figure I-1. A symmetrical limit cycle such as Figure I-1
requires the least time per cycle for a given deadband and rate increment, and thus
has the greatest number of valve firings per unit time.
At a still later time a condition is reached whereby the vehicle rate approaches the
value of the rate increment. Then the situation shown in Figure I-3 occurs. Removal
of the rate increment from the vehicle rate, by firing valve B, results in a small re-
maining vehicle rate. This rate is removed by the effect of the disturbance torque
®
Figure I-3. Vehicle Rate Approaches Rate Increment Value
before the deadband is traversed.
reached and valve B again fires.
Figure I-4.
The vehicle rate increases until the deadband is
The situation now is approximately that sho_m in
t
®
4
d
l
A
®
Ae
A_
Figure I-4. At Deadband, Valve B Fires
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The limit cycle shown then continues to move up until reaching the condition of Figure
I-1 and the cycle is repeated. Thus, it is seen that for a continuous constant disturb-
ance such that valve A fires n times, valve B will fire n + 1 times during the time re-
quired for the cycle to repeat. Total number of valve firings per cycle is then 2n + 1,
and it is seen that this will always be an odd number.
Of interest now is the total number of valve firings as a function of the disturbance
acceleration. The time per cycle is A e/_'d" The total number of operations N is
then
N
2n+ I
(4ele d)
T, where T is the total time of interest and e_
acceleration.
is the disturbance
Then_..N_N = (2n + 1) T
bd
There is an additional restraint on the previous equation. That is, for a particular
value of n, the equation is valid only for a given range of _0" These ranges may be
calculated for simple configurations of limit cycles and may be bounded for more com-
plex limit cycles.
If n = 0, the trajectory corresponds to one-sided operation. This is the most efficient
in terms of gas usage since all of the fuel is used to remove the momentum imparted
to the vehicle by the disturbance. The trajectory is shown in Figure I-5.
0
t.
i
®
Figure I-5. For n = o, One-Sided Operation Ites,,,Ls
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Thus,
Odb
t = d
\2"Od/
(A@) 2
edb -
so d
• O'd = (A_)2
• 80db
This acceleration is the minimum value which will sustain one-sided operation• With
the assumption that the control torque is very large compared to the disturbance torque,
the total number of valve firings is directly proportional to the disturbance torque.
If n = 1, valve B fires twice for every firing of A. The maximum acceleration which
will sustain this type of operation will result in a phase-plane trajectory as shown
below• The value of acceration required to sustain this trajectory is calculated as
follows (see Figure I-6):
-----O DB
2
®
0
®
T
I,
.__I__
Figure I-6. n = 1 Phase-Plane Trajectory, Maximum Acceleration
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The minimum acceleration which will sustain this type of operation results in the trajec-
tory below. After the initial firing of B the trajectory just misses the A threshold, and
the next firing is again by solenoid B. The acceleration is calculated as follows (see
Figure I-7):
Id
F
T
'_ T
t2 02 __
® ®
Figure I-7. n = 1, Phase-Plane Trajectory, Minimum Acceleration
012- 0o 2 012 = I_--_0_2
j"'" 01 = 0db 0d +
j02 = 01 - A_} = 0db 0"d + - A0
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03 :: 02 + 0"dt2
t2 _ -
0 d 9d
1 _dt22
-gdb = _2t2 +2
1/ - Odb9 d + -- + A
-Odb = OdbOd + _)'d
9 _2 _ 2
+ 7- Od
1/2
setting 03 = 0, and solving for "0d yields
9 _2
Od = 12--"80db
The next ease to be considered is n = 2. The maximum acceleration which will sus-
tain operation such that valve B fires three times for every 2 firings of A, will be
calculated. The phase plane trajectory is as shown in Figure I-8.
r
®
0DB -_®
Figure I-8. n = 2, Phase-Plane Trajectory, Maximum Acceleration
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The problem is handled most simply by starting at point 8 and proceeding around to
point 2. Thus
8
09 - 982
-0db - 2 9"d
- 2 0d0d b 08 o99 =-2 +" "
oO
20d0db + 2 9 "_
_)9 = - (- 20dOdb + AE)2) 1/2
_}1 09 + AE} = (- 2_}'dgdb + _02) 1/2= _ +
• 2
o22 _
0db = 2.0d , where 02 - 2
• 0db
--_ - 0d0db + A
Solving for 0d yields
15 _2
9 =
d 128 0
db
A plot of the number of valve operations per unit time as a function of the disturbance
acceleration may now be drawn. This is done in Figure I-9. The slope of each of the
labelled lines is 2n + 1. The dotted lines show the envelope of the number of operations.
The line labelled n = 0 (which extends beyond the graph) corresponds to one-sided
operation. The line n = 1 corresponds to a firing ratio of A to B of 2:1; n = 2 corresponds
to a ratio of 3:2, etc. The envelope is of primary interest since the function is gener-
ally not single-valued except at high accelerations. For symmetrical operation in the
absence of a disturbance acceleration the number of operations per unit time is shown
as the singular point at . 5 A 9/9 db"
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It may be seen from the parameters for the graph that a change in the deadband has a
proportional effect on both the ordinate and abscissa.
A change of the velocity increment (by controlling either the magnitude or the on-time
of the control torque) changes the ordinate proportionally and the abscissa as the square
of the increment. Since the deadband may be dictated by accuracy requirements, the
number of operations may be best controlled by a choice of velocity increment.
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ALTERNATE SUBSYSTEMS MECILA.NIZATIONS CONSIDERED
COLD GAS JET
Index
1 Scope
2 System Selection
3 System Design Consideration
4 Thrusting Methods
Appendix I Reliability Computations For Attitude Control Cold Gas Jet Subsystem
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1.0 SCOPE
This section describes the evaluation of various techniques of providing control torques
to the Voyager Spacecraft which has resulted in the selection of a preferred system
approach.
_:_ _._, _: _2,0 _.SySTEM SELECTION
_,_... ................................_The selection of the primary Attitude Control Cold Gas Jet subsystem for the Voyager
spacecraft was primarily based upon proven reliability. All of the systems which
were investigated had their particular merits and disadvantages. The system selected
was a cold gas system utilizing Freon 14, principally because of reliability and flight
history considerations, and was chosen over nitrogen because of volumetric and weight
advantages. Nitrogen is, of course, an alternate acceptable propellant.
3.0 SYSTEM DESIGN CONSIDERATIONS
Major system requirements include long life, reliability, flexibility, adaptability to
changes in vehicle performance, low weight, and low power. Simple interfaces are
desired to permit easy installation, repair and test. The system should impose as
small a burden as possible on the spacecraft structure and power supply.
3.1 DESIGN PARAMETERS
Spacecraft configuration, and reasonable attitude control and cold gas jet system
design practice permits the choice of the following characteristics:
a. Lever Arms to Thrusters - 11 ft
b. Impulse Contingency Factor - 3.0
c. Torquing to be Supplied by Couples
d. Total Impulse - 2500 lb -sec (Including Item b)
e. Angular Acceleration - 0.225 m rad/sec 2
f. Minimum Pulse Width - 0.030 see
3.2 THRUST LEVEL CONSIDERATION
Utilizing the characteristics of paragraph 3.1 and data of Table 3-1, the approximate
thrust levels have been determined. The thrust level requirements for the pitch, yaw
and roll axis nozzles are (considering couples) 0.0535 lb, 0.0492 lb, and 0.0384 lb, re-
spectively. A nominal 0.047 lb, will be considered for design convenience.
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Table 3-1. Vehicle Moments of Inertia
Average Moments of Inertia (slug-ft 2)
Operation Mode Pitch Yaw Roll
Transit
Orbit
5243
971
4811
634
3750
1358
mh_ _.,Hm,,m _aisition aad mane_avering mode Lhhrust ._ ..................... _o,.,_ _ _o ko,,,_ _,. be recon-
ciled with limit cycle control thrust requirements, resulting in a single thrust level for
all three modes. The change of vehicle moment of inertias after capsule separation,
in the orbit mode, will result in a modification of limit cycle performance ifcruise
mode thrust levels are used.
3.3 PRESSURE VESSELS
All pressure vessels whose maximum working pressure exceeds 500 psia are con-
sidered spheres and fabricated from Ti-6A1-4V titanium alloy. For working pressures
below 500 psia, the material is 6061-T6 aluminum. The following material properties
and data are assumed throughout.
Ti-6A1-4V 6061-T6
Ultimate Tensile Strength (psi) 160,000 40,500
Safety Factor (burst) 2.2 2.2
3
Density 0b/in. ) 0.160 0.098
Minimum Thickness (in.) 0.030 0.040
Outage Volume (%) 10 10
3.4 ENVIRONMENT
3.4.1 SPACECRAFT
It will be assumed that the spacecraft internal temperature will be held between 40°F
and 70°F at all times and that propellants will be housed in this environment and will
assume these temperatures through radiant heat transfer.
3.4.2 COMPONENT REQUIREMENTS
The component temperatures must be maintained between 20°F and 100°F. Super in-
sulation and strip heaters will be employed to this end.
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3.5 DUTY CYCLE
The cruise mode duty cycle will be 0.003% when an average pulse duration of 0.030
seconds is assumed.
4.0 THRUSTING METHODS
The following mass expulsion methods have been investigated:
a. Cold Gas Mass Expulsion
1. Freon-14
2. Nitrogen
3. Other inert gases
b. Hot Gas
1. Hyperbolic Bi-Propellants
a) Liquid Phase Injection
b) Gas Phase Injection
2. Mono-Propellants
a) Hydrazine
b) Hydrogen Peroxide
c. Subliming Liquids
d. Subliming Solids
e. Incremental Solids
f. Electric Propulsion
1. Resistance Jet
2. Spet Concept
Every effort has been made to include in the analysis, fundamental data and information
which represents current development state-of-the-art. If extrapolation in time or
performance of any data or information was required, it has been indicated. The
results are intended to be realistic; possibly conservative. Enhancement of
4 of 20
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performance capabilities of the various control techniques by continuing technological
developments will be estimated where possible to indicate the possibilities of upgrading
Spacecraft performance at some plausible future time, consistent with the estimated
flight date.
Only a cursory review of system requirements is needed to eliminate some of the
indicated attitude control systems from serious consideration. Specifically the study
attempts to accomplish: 1) the verification of technical feasibility by valid analytical
techniques which result in definitive criteria for system selection and 2) to critically
analyze the potential of attractive alternative systems.
The tradeoff criteria by which all systems were evaluated are as follows:
a. Performance
1} Total Impulse/System Weight
2) Thrust/Torque Compatibility
3) Response to Excitation/System Demands
4) Electric Power
5) Environmental Control
b. Design Philosophy
1) Reliability
2) System Compatibility
3) Development Status/Experience
4) Complexity
4.1 SUMMARY OF RESULTS
ao A cold gas system utilizing Freon-14 (CF4) was selected for the Voyager
mission. Freon-14 was selected over nitrogen because of smaller tankage
and lower system weight. Both gases are considered acceptable for
Voyager.
b. Vapor jets and subliming rocket systems may in time be attractive alterna-
tives due to high density storage and relatively high system performance.
The state of development, however, is not sufficiently advanced to insure
the necessary performance.
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Co Mono- and bipropellant hot gas liquid phase injection systems were found to
be unacceptable for the thrust levels required due to the unreliable and erratic
performance resulting from the necessity of small orifices.
d. Gas phase injection systems were found suitable but require additional de-
velopment and flight testing experience to demonstrate high reliability.
e. Electric propulsion systems require high power and are not adequately
developed.
4.2 COLD GAS
The selection of a cold gas system essentially involves choosing a gas which results
in minimum system weight and is compatible with all vehicle system requirements.
Active gases with their inherent dangers were excluded because their high energy
does not offset the added safety measures and complexity required. The best two
inert gases are Freon-14 and nitrogen. Their molecular weights are 88 and 28 and
their specific impulses are 44 and 69 respectively.
4.2.1 SYSTEM PERFORMANCE - FREON-14
Performance of the system was analyzed for the case where the gas tank temperature
is constant. This is representative of a system with low gas usage rate where tank
temperature is maintained by the surrounding vehicle. The analysis further assumed
that the following processes took place in achieving system performance:
a. The initial gas temperature was maintained throughout the gas utilization
process as noted;
b. The gas expanded isenthalpically throughout the regulator to a pressure com-
patible with nozzle chamber pressure required for nominal thrust and;
C. The expansion process through the nozzle is isentropic to a pressure com-
patible with an expansion ratio of 30:1. This technique was employed for
computing system performance to maintain a common basis for comparison
so that misinterpretation of Isp is not possible. A nominal chamber pressure
of 50 psia was utilized to compute the overall effective specific impulse of
the system. The conversion of available energy to thrust was assumed to be
94% efficient.
The specific impulse was calculated from the thermodynamic properties of the gas
from the equation:
Isp = 6. 955 ¢_H - H
C e
where Hc := chamber enthalpy - BTU/lb.
He = exit enthalpy - BTU/lb.
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The variation of Isp with tank pressure is shown in Figure 4-1. An integrated average
value of 44 seconds results for an initial tank pressure of 2500 psi. A relatively low
area ratio of 100:1 was chosen for the analysis for the following reasons.
It is felt undesirable to allow the gas to expand too far into the saturation zone since
condensation shocks could result and have detrimental effects on jet and control
performance.
Testing under vacuum conditions with very dry Freon-14 indicates that it is safe to
allow expansion to a quality of about 15% which is consistent with the selected area
ratio.
4.2.2 SYSTEM PERFORMANCE - NITROGEN
The analysis of nitrogen for cold gas attitude control has been investigated in a manner
analogous to Freon -14. All assumptions previsouly made remain valid. It was assumed
that the expansion processes previously described through the regulator and in the
nozzle have all taken place as the gas is used. The Isp versus tank pressure for
nitrogen is shown in Figure 4-2. An average integrated value of 69 seconds results for
an initial tank pressure of 3500 psi.
iiiiiii
54 iiiiiii
iI!_iiI
52 iiiiiii
5O
i!!ili 
" 48f9
a_ 46 _
_ 44 '
iiii!:il
_ 42
i!i!i!i!
_ 40
r_ 38 '_
361
0 500 2500 3000 3500
iiii! iiiiiiii}
!!ii iiiiiiiii
iill !iiiii_[i
_!i !i!iiiiii
'i ii:
:!!i ilili!iii
iii! !, :I_,
i_iiiiiiiiiii
:,ii ii:iiiiil
!iiiii:,i!
i!!i i!_ii:!i_
_.;+÷_ii;il
_}ii[_i:;:
ilil " .....
_]T:]l!i_,
-_ i'i]ii:!
I!ili!![
1000
TANK PRESSURE (PSIA)
Figure 4-1. Specific Impulse of CF 4 Versus Tank Pressure
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Figure 4-2. Specific Impulse as a Function of Tank Pressure for N 2 System
4.2.3 SYSTEM EXPERIENCE
Freon-14 and nitrogen have been utilized in several flight systems with success. The
thermodynamic properties have been completely determined up to a pressure of 5000
psi and are readily available for precise design calculation. Estimated system per-
formance has been verified experimentally and documented. Nozzles of thrust levels
between 0. 002 and 7.0 lb. have been experimentally evaluated in a vacuum for chamber
pressure between 5.0 and 300 psia and for gas temperature between -50°F to i00 ° F.
Estimated nozzle performance was experimentally verified within 1% (thrust) and
nozzle efficiencies of 95.5 - 97% were achieved without difficulty.
4.2.4 COMPATIBILITY
Both Freon-14 and nitrogen are odorless, non-toxic, non-flammable gases. They are
extremely stable and do not react with metals, glass, rubber or synthetics at normal
temperatures. Some of the synthetics containing fluorine compounds such as teflon
exhibit porosity to Freon-14 and should not be used for seals. Butyl rubbers make
excellent seals.
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4.2.5 WEIGHT COMPARISON OF CF 4 AND N 2
Based on a total impulse requirement of 2500 lb see, the comparisons shown in
Table 4-1 can be made.
Table 4-1. Comparison of Freon-14 and Nitrogen
Overall Average Isp sec.
System Weight (lb) (gas plus tanks)
Quantity of 12 in. ID Tanks Required
F reon- 14 Nitrogen
44.0
77.5
2
69.0
86
4
System Compatibility
Design Experience
Complexity
Excellent
Excellent
Same
Excellent
Excellent
Same
The other components, such as filters, regulators, etc., are considered to be
identical regardless of which gas is used and therefore were left out of this con-
sideration.
Based on the lower weight and small tank volume, Freon-14 has been selected as the
preferred design for the Cold Gas Jet subsystem for attitude control.
For the blow-down system used to impart a small AV to the spacecraft after capsule
separation, nitrogen is chosen. The rapid expansion in the blow-down process and the
resulting extremely low temperature is incompatible with Freon-14.
4.2.6 RELIABILITY DETERMINATION
This analysis was performed to arrive at the highest reliability subsystem consistent
with functional and weight requirements using Freon-14 as the operating fluid.
Five configurations were considered. The basis of selection of one system (Design 5)
was: lowest risk, fail-safe design, requires no diagnostic instrumentation or fault
isolating equipment.
In order to arrive at a final subsystem recommendation, the number of possible con-
figurations was first reduced to five which met the functional requirements and per-
mitted sufficient redundancy to assure relatively high reliability.
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Reliability mathematical models were then written (See Appendix I) using the same
basic assumptions for all five subsystems. Substitution in these formulas of reliability
numbers available industry-wide for the respective components, resulted in a set of
figures reflecting the reliability of the proposed subsystem. The component failure
rates are summarized in Table 4-2.
Table 4-2. Summary of Component Failure Rates
Item
Fill valve
Pressurized gas tank
Filter
Solenoid Valve
Regulator
Nozzle {Fitting)
Lines
Fittings
Relief Valve
(1)
Generic Failure
Rate x 106
O.i00
0.039
0.011
2.27
0.77
0.04
0.05
0.04
O.224
(2)*
(1) x Ki
0.066
O. 026
O.0073
1.50
0.51
O. 026
0.033
0.026
O. 150
*Ki is a factor to adjust reliability numbers to current-state-of-the-art (See
Appendix I)
It was further recognized, that a system which could tolerate failures and on which no
diagnostic tests need be performed in case of failure to accomplish fault isolation is
inherently more reliable. The fact that "on board" equipment and instrumentation for
diagnostic tests and switching of the propulsion system plus associated telemetry
channels and higher sampling rates are not needed, makes the selected system the
most desirable. For this reason, the selected system in volume "A" does not contain
latching solenoid valves, although these valves were considered in the reliability
estimates herein.
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4.2.6.1 RELIABILITY CONFIGURATION ANALYSIS
Configuration 1 (Figure 4-3)
This configuration provides no redundancy. A common gas reservoir consisting of two
interconnected tanks contains enough gas to complete the mission. The regulator is
internally series redundant. A single solenoid is used with each nozzle.
This system, although rather attractive from a weight standpoint, is very susceptible
to failure due to leakage. A severe leak at any point in the system can drain the entire
gas supply.
4.2.6.2 CONFIGURATION 2 (FIGURE 4-4)
The design utilizes a single system, but with all around hardware redundancy. The
control solenoid valves are in a series-parallel arrangement, resulting in four valves
per nozzle, or 8 valves per couple for a total of 48 control valves. The two regulators
are in parallel; however, each is internally redundant having two seats in series.
Each of two gas storage reservoirs, mutually isolated by check valves, contains
enough gas to complete the mission.
FILL
SSUR E
TRANSDUCER
_--_ FILTER _T _____LIEF-
VALVE VALVE
(INTEGRAL WITH
RE GU LATOR)
PRESSURE
TRANSDUCER
P
Figure 4-3. Configuration 1
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Figure 4-4. Configuration 2
4.2.6.3 CONFIGURATION 3 (FIGURE 4-5)
This configuration utilizes redundant assemblies each containing nozzle couples, such
that there are two sets of couples each axis direction. Each assembly alone can per-
form its task without degradation. In addition, there are interconnections, which
permit removal of portions of each assembly, as well as rerouting of the gas flow
upon ground command. Each assembly contains sufficient gas supply to complete the
mission.
In addition, 50% additional gas is stored in each assembly to offset catastrophic leakage
through any one valve in the system.
4.2.6.4 CONFIGURATION 4 (FIGURE 4-6)
This design consists of two assemblies, each containing a nozzle per axis-direction, so
arranged that the corresponding nozzles of each assembly form a couple. These would
normally work in unison, generating pure torque. However, in the event of failure of
one nozzle to fire, the system can continue to function with one nozzle per axis-direction.
Each assembly contains enough gas to complete the mission plus 50% additional to off-
set catastrophic leakage of any one solenoid control valve.
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4.2.6.5 CONFIGURATION5 (FIGURE4-7}
This is a modified version of Design 4. In this configuration there are two assemblies,
eachcontaining onenozzle per axis-direction, with the corresponding two nozzles (one
from eachassembly) forming a couple. The modification consists of having two solenoid
valves in series with eachnozzle. This reduces drastically the risk of having a cat-
astrophic leakagethrough one nozzle.
This configuration appears to be the most promising and was selected for Voyager
attitude control propulsion.
4.2.7 RELIABILITY ANALYSIS SUMMARY
A summary of the configuration weights and reliability estimates is included in
Table 4-3.
FINAL PREFERRED SYSTEM
Figure 4-7. Configuration 5
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Table 4-3. Reliability and Weight Summary
Configuration
Designs
1
2
3
4
5
Weight *
(lb)
42
113
114
97
102
Reliability
Estimates
0. 9010
0.9900
0. 9900
0. 9968
0. 9998
* Weight includes complete loaded system plus electronics interfacing.
4.3 HOT GAS PROPULSION SYSTEMS
Hot gas systems can be categorized for the purposes of this study as follows:
a) Mono-Propellants b) Bi-Propellazats, liquid phase injection and c)Bi-Propellant,
gas phase injection. They axe attractive alternatives to cold gas systems for total
impulses greater than 5000 lb sec.
For the hot gas techniques the following propellants may be suitable choices:
a. Mono-Propellants - 90% H202 or N2H 4
b. Bi-Propellants, liquid phase injection - Oxidizer N204; Fuels 75/25
N2H 4 MMH or 50/50 N2H 4 UDMH
c. Bi-Propellant, gas phase injections CIF 3 - CH3NH 2
Both mono- and bi-propeUant, liquid phase injection, systems are restricted to thrust
levels of 0.5 lb and 0.1 lb minimum respectively to insure safe, reliable, stable
operation due to the practical limitation imposed by propellant orificing. The small
orifices required to produce the 0. 047 lb thrust level would preclude these systems
from serious consideration.
4.4 VAPOR JET
Table 4-4 illustrates the parameters of interest in the evaluation of vapor jet propul-
sion system for 10 different fluids. The specific impulses ranged from 103 to 34.8
seconds when perfect gas calculations were utilized. An Isp of 130 seconds for water
vapor is predicted when actual gas properties and a complete isentropic expansion
to 100:1 was assumed. The propellant which provides the lightest system is water.
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Fluid
Water (H20)
Ammonia (NH 3)
Propane (C3H8)
Ethyl Alcohol
Acetic Acid
Cyclopentane
Ethyl Chloride
Ethyl Ether
Methyl Chloride
Freon 113
Table 4-4. Summary of Vapor-Jet Propellants
Vapor Pressure
@120F
(psia)
1.69
286
243
4.3
11.0
14.7
49.9
24.6
154
15.4
Latent Heat of
Vaporization
(Bm/Ib)
1025
455
129
411
174
127
152
148
149
63
Calculated
Specific Impulse
lbf - sec/lbm
130"/103
110"/99.6
69.4
67.8
58.8
55.3
55.2
54.1
50.2
34.8
Specific
Gravity
1.0
0.57
0.46
0.92
1.05
0.75
0.92
0.71
1.0
1.51
* Calculated using actual gas properties and E=100:1
Its inert properties make it compatible with practically everything. The most testing
experience has been accrued with water vapor systems and one experimental flight
test has been completed though unsuccessfully. Experimental data for various testing
conditions utilizing H20 have indicated performance efficiencies of 50 to 80% of the
theoretical value. Seventy seconds was felt to be a reasonably conservative value for
specific impulse for the water vapor system.
Long continuous operations, however, require large amounts of heat to avoid significant
reduction in thrust. Such a system would be suitable for the limit cycle operation of
the Voyager mission but in general would not be desirable for the initial acquisition mode
and is therefore ruled out from further consideration.
4.5 SUBLIMING SOLIDS
The subliming solid concept is essentially equivalent to the vapor jet except that the
propellant is stored in the solid phase and sublimes as required. It has the additional
advantage of high density storage and does not require phase separation. Properties of
some subliming solids are shown in Table 4-5. Ammonium bicarbonate, NH4HCO 3,
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Table 4-5. Summaryof Subliming Solid Propellants
Propellant
NH 4 HCO3
NH 4 HS
NH2CO2NH 4
{NH4) 2CO 3
SO3 - alpha
CNBr
NH4CN
N2 0 5
PH4Br
PH 4 I
Vapor Pressure
@65 F °
(psi)
0.62
6.37
1.16
0.6
0.87
1.55
7.55
4.8
4.2
1.1
Melting
Point
(°F)
144
124
97
86
Molecular wt.
of Gas
26.4
25.6
26.0
24.0
80
105.9
22.0
108.0
57.4
81.0
Density
(lb/pn)
0.0572
0.05
0.071
0.0727
0.059
0.103
Heat of
Sublimation
(Btu/lb)
929
782
877
960
366
120
825
and ammonium hydrosulfide, NH4HS have been selected as the best choices at the
present time since they are readily available or can be easily made and have experi-
mental histories. A specific impulse of 85 seconds (vacuum) has been reportedly
achieved.
A valveless rocket concept has also been announced by Rocket Research Corp. which
markets the subliming solid concept. The engine is pulsed by exposing the solid
propellant to a radiant energy source. Specific impulse between 60 and 80 seconds
can generally be achieved. The electrical power necessary for operation is on the
order of 10-15 watts per millipound of thrust. The nominal 0. 047 pound thrust level
needed for attitude control would require large amounts of power. The concept is
applicable in the 10 -4 to 10 -1 lb thrust range. Response times are not known but it
is assumed that thrust response and thrust decay is very slow. This concept is still
in early development stages, and not recommended for Voyager application.
4.6 INCREMENTAL SOLIDS (CAP PISTOL)
Incremental solids or the cap pistol system which is under development by USAF Rocket
Propulsion Laboratory consists of a tape on which are mounted miniature solid pro-
pellant rocket motors. The motors are advanced into firing position by means of a
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sprocket wheel andignited by a discharge of electrical energy. The motors are her-
metically sealed to the tape by a polystyrene cover. A firing rate of 20.0 cps has been
reported althoughthis is not required for Voyager. For three axis control with roll
couples, it is assumed, that each engine consists of a pulser or stepping motor and a
sufficient number of cycles to fulfill the total impulse requirement for that axis.
Sincethere is no commonstorage of energy of all axes, a contingencyfactor of 30%
was felt necessary to accountfor variable impulse demands.
Performance has beenestimated from the following information for a 0.01 lb-see im-
pulse bit system.
a. Specific Impulse - 200 sec
b. Nozzle area ratio - 4.1
c. Propellant Weight - 0.050 lb/1000 shots
d. Capsule- 0. 0836lb/100 shots
e. Tape - 0.00301b/100shots
f. Pulse - 0.7605 lb
g. Storagebin. - 3.5 lb
15 watt sec
h. Energy Required - lb/sec
i. Power for Pulser - 17 watts.
Extrapolation has been done analytically and some educated "guessing" was necessary.
Figure 4-8 is a plot of total impulse capability versus system weight for various im-
pulse bit capabilities.
The system weight includes the equipment of twelve nozzles, propellant and 2 storage
containers.
Assuming a thrust level of 0. 047 pounds per engine and a minimum engine on time of
0. 030 sec., the impulse bit resulting will be 0. 00145 lb/sec per pulse. For a total
impulse requirement of 0. 2500 lb/sec, the total weight would be approximately 134
pounds. This weight does not compare favorably with the cold gas systems.
From the data it is evident that decreasing impulse capability results in increased
system weight. This, of course, is not the desired trend. In addition the movement
of the cartridge belt may complicate the vehicle dynamics. This system was deemed
unsuitable for Voyager consideration.
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4.7 ELECTRIC PROPULSION
Electric propulsion techniques canbe categorized in many ways dependingupon the
state of the propellant, mechanism of accelerating the propellant, types of "ignition",
etc. Developmentof most of the various techniques are in the early stages and are
generally applicable to very low thrust levels (10-4 lb and less). Their advantagesin-
clude, in general, very high specific impulses; their disadvantages - relatively low
efficiencies, high power requirements, not highly developedto the point of practical,
reliable application. Only two techniques were felt deserving of some consideration for
the Voyager mission; a) Resistance jets and b) The SPET (Solid Propellant Electrical
Thruster) engine concept.
In the resistance jet, a gas is heatedby an electrical resistance element before the
expansionprocess in the nozzle. The propellant choices are practically unlimited.
The performance of typical resistance jet using hydrogen as a propellant andwhich is
applicable to the study is listed below:
a. Isp = 596 sec
b. Power/Thrust Rate - 13.3 kw/lb
c. Flow Rate/Thrust Area - 0. 196 lb/sec -in 2 .
d. Thrust/Throat Area = 129 lb/in 2 .
For a 0. 047 thrust engine with an area ratio of 38.1 the power requirement is 600
watts.
The SPET engine concept developed at GE requires the discharge of electrical energy
to dissociate a solid propellant. The feed system consists of a porous plug through
which the propellant, immersed in a suitable liquid, passes by capillary action. No
regulators, valves, etc. are required. Specific impulses of 800 seconds to 2000
seconds can be achieved. Thrust levels of 10 -5 lb have been demonstrated. Up rating
the thrust capability to 0.1 pound is theoretically feasible for the second generation
system, but no hardware development has been accomplished to date. Moreover, the
estimated power requirements are high.
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APPENDIX I
RELIABILITY COMPUTATIONFOR ATTITUDE CONTROL
COLD GASJET SUBSYSTEM
I. 1 RELIABILITY ESTIMATION
For these reliability estimates generic component failure rates }vere taken from a
report entitled "Reliability (The Physics of Failure)" by D. R. Earles and M. F. Eddins
as published in the "Proceedings of the Ninth National Symposium on Reliability and
Quality Control". These failure rates were up-dated in 1963. To bring these in line
with current state of the art a "K" factor was used. This factor is defined on
page 24 of GE Reliability Manual TRA 873-74. The part failure rate and computational
procedure used in analyzing the attitude control cold gas system are presented in
Table I-1.
Table I-l. Configuration
Component Failure
Rate x 106
1. Fill Valve
2. Gas tank
3. Filter
4. Solenoid Valves
5. Regulator
6. Nozzle (Fitting)
7. Lines
8. Fittings
9. Relief Valve
ZA
(_ _.)-t#
R
Weight
1
Qty Failure Qty
Rate
0.066 1 0.066 1
0.026 2 0.050 2
0.0073 1 0.0073 1
1.50 13 19.5 49 *_
0.51 1 0.51 2*
0.026 12 0.312 12
0.033 1 0.033 1
0.026 1 0.026 1
0.150 1 0.150 2*
-- 20.656 -
-- - 0.104 -
-- - 0.901 -
-- - 42
Configuration
2 3 4 5
See note 1 See note 2 See note 3
Failure Qty Failure Qty Failure Qty Failure
Rate Rate Rate Rate
0.066 2 -- 1 0.066 1 0.066
0.050 2 -- 1 0.026 1 0.026
0.0073 2 -- 1 0.0073 1 0.0073
1.50 32 -- 7 10.5 13"** 1.5
-- 4 1 0.51 1 0.51
0.312 24 -- 6 0.156 12 0.312
0.033 1 -- 1 0.033 1 0.033
0.026 1 -- 1 0.026 1 0.026
-- 4 -- I 0.150 1 0.150
1.9963 -- - 11.4743 - 2.630
0.0100 -- 0.0573 - 0.0132
0.9900 0.9900 0.9968 - 0.9998
113 I14 97 - 102
#t = 5040 HOURS (210) days)
* Redundant
** 48 valves make up 6 pairs of quad-redundant valves - R z 1
*** 12 valves make up 6 pairs of redundant vales - R _ 1
Note 1 - Configuration 3 consists of (I each Items 2, 4, 7, 8, taken redundantly)
h, line with (1 each items 3, 4, 7, 8, 9; 5 being redundant: taken redundantly)
in line with(1 each items 7 & 8, item 4 _, 13, Item 6 _, 12: taken redundantly)
Note 2 - Configuration 4 has two parallel branches of the components listed hence the
final reliability is calculated for a redundant system.
Note 3 - Configuration 5 has two parallel branches of the components listed hence the
final reliability is calculated for a redundant system.
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ALTEtLNATE SUBSYSTEM 5_LECHANIZATIONS CONSIDERED
AUTOPILOT SUBSYSTEM
Index
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3 Control System Design
Appendix I - Dynamic Response of the Vehicle Considering Engine Thrust and Inertial
Coupling of the Engine
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i.0 SCOPE
This document describes alternative subsystems and equipment which were considered
in the design of the Voyager Autopilot Subsystem. The design analyses and performance
characteristics of these alternatives are presented.
The function of the Autopilot Subsystem is to control the guidance correction maneuvers.
............................................This iS done by maintaining the required rocket engine thrusting direction and shutting
off the engines when the proper value of velocity increment has been attained. Such
guidance maneuvers fall in two categories; 1. reasonably small velocity changes of less
than 50 meters per second, which occur at midcourse corrections and 2. a velocity
change of several thousand meters per second which occurs at the point of injection into
Mars orbit.
The report is in two general sections. One deals with the control system sensing con-
siderations needed to satisfy both the guidance and the control requirements. Alternative
sensors, such as gyros and accelerometers, are discussed in this section.
The second section deals with the control system design, which is heavily dependent upon
the chosen propulsion system and to some extent, upon the spacecraft configuration.
Methods of achieving control torques are covered in this section.
2.0 AUTOPILOT SENSORS
Guidance analyses reported in VB220AA103 require that a velocity correction be applied
as follows:
maneuver: fixed inertial direction
angular error: 10-20 mr 1 sigma
magnitude error: 1% or less 1 sigma for corrections over 1 meter
per second and somewhat larger percentage errors
for smaller corrections.
A brief explanation of the angular error is in order. A deviation of 10 mr is desirable
because the entire capability of the DSIF orbit determination is used and the likelihood
of reducing the number of maneuvers, below the nominal three, is increased. A system
having the larger deviation, however, can adequately perform the guidance function
without increasing the number of maneuvers while maintaining the orbital or capsule
touch down accuracy. The angular error permissible is for the entire maneuver. It
includes errors attributable not only to the autopilot (during rocket engine thrusting)
but also to the initial attitude reference (attitude control) and to errors incurred in
the rotations which yielded the maneuver attitude. A 20 mr 3 _ (6.7 mr 1 _ ) error
was allocated to the autopilot for both midcourse and retro maneuvers. The overall
system maneuver error is then expected to be less than the following with a 68%
probability.
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Typical midcourse 11.7 milliradians
Large rotation midcourse 15.9 milliradians
Midcourse following
capsule separation 17.6 mflliradians
Orbit Injection 15.3 milliradians
The req,,iremen_2s listed above can be met with reasonably simple sensing equipmer.t
and little or no computation. Devices such as stable platforms or large angle com-
putational equipment were not considered extensively. Strapped down sensors are used.
It is recognized that coupling of motions through sensors exists when they are strapped
down. Since the magnitude of rotations is small, the coupling is felt to be insignificant;
it was neglected in these studies. Future work should evaluate this effect quantitatively
to verify the assumption.
The gyros are used both for attitude control and autopilot functions. Physically, they are
part of the Attitude Control Subsystem. The study which evaluated gyros and led to the
selection is reported in the Attitude Control Alternatives VB234AA102.
2.1 SELECTION OF ENGINE CUT-OFF SYSTEM
2.1.1 INTRODUCTION
Two procedures were studied for determining when the vehicle velocity reaches the value
specified in mid-course and orbit insertion maneuvers. The first was to calculate the
engine on-time required to attain this velocity assuming nominal thrust levels and vehicle
mass. This time could then be stored in the Controller and Sequencer (C & S) or if
necessary a device with better resolution, to control engine on-time. The second method
was to align a single axis accelerometer along the thrust vector axis and integrate its
output. A comparison of this velocity with the desired velocity would provide an engine
stop signal. The first method is simpler (hence more reliable) while the second method
is more accurate. Detailed analyses of the expected random errors for both methods is
presented in paragraphs 2.1.5 - 2.1.7. Results summarized in Table 2-1 show that a
timer method cannot attain the desired accuracy for all correction velocities, hence the
acceleroIneter method was chosen as a primary means of control with the timer (using
the C & S) as back-up means of thrust termination.
Engine thrust level variations are the major contributor to the timer error analysis. If
these thrust levels could be reduced to 2% (3 _ ) a re-evaluation would be justified. At
present however, meeting the mission requirements dictates the use of a velocimeter
circuit.
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Table 2-1. Three a Distrubance Values
Orbit Insertion
Midcourse - 45 m/s
1 m/s
0.i m/s
3 ff error
Timer
(%)
7.1
5.04
5.04
5.19
Accelerometer
(%)
0.306
0.745
0.9
3.
2.1.2 CHOICE OF ACCELEROMETER - INTEGRATOR DESIGN
Attaining the velocity magnitude accuracy requires the use of a force rebalance accelero-
meter. The following three types of force balance accelerometer loops were considered:
a. A feedback loop with an input axis torquer receiving a signal directly
proportional to the proof mass displacement could be used. For computation of
velocity, the output of the accelerometer could be fed to a D.C. integrator.
When used with adc integrator, the complication of generation of a dc precision
voltage proportional to desired velocity is considered prohibitive.
be In a digital system, the accelerometer output may be fed into a constant level,
constant pulse rate generator whose polarity depends upon the accelerometer
output polarity. These pulses are fed back to the input axis torquer. The effect
of this pulse train is to produce a feedback signal proportional to the proof
mass displacement, since all higher frequency components are filtered out by
accelerometer inertia. Velocity is obtained by algebraically counting the pulse
generator output. This circuit contains the greatest number of components of
the three considered, but is the most accurate.
Co An integrator in conjunction with an analog feedback similar to that
described in paragraph "a" was considered. The accelerometer output is
integrated to a certain (small) level, then set to zero. Each time it is set to
zero, a pulse is generated. The output is then a constant level constant polarity
variable rate pulse train, each pulse representing a fixed velocity increment.
Counting the pulses and comparing with a known total velocity will serve as an
engine shut-off signal.
The digital reset integrator approach was chosen since it can be designed to provide the
desired accuracy and should be more reliable than the totally digital circuit.
2.1.3 CHOICE OF VELOCITY COMPARATOR CIRCUIT
The velocimeter must compare a stored number representing the desired velocity with
the measured velocity from the integrated accelerometer output. Two methods to
achieve this comparison were considered:
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ao The desired velocity (in binary form) could be stored in a shift register with
bit by bit comparison logic between it and a counter, which counts the pulses
from the accelerometer-integrator circuit.
bo A pseudo random counter could be loaded with a number such that, when shifted
by the correct number of velocity bits (output pulses from the accelerometer-
integrator), the counter will arrive at an all logical one state. This condition
could be sensed to provide the engine shut-off signal.
More components arc required to describe the desired result with a normal flip-flop
counter and no increase in reliability can be achieved. Therefore the pseudo random
counter approach was used.
2.1.4 DESCRIPTION OF THE PROPOSED ENGINE SHUT-DOWN CIRCUIT
The velocity determination circuit is shown in Figure 2-1. All flip-flops change state
on the trigger trailing edge. Assuming a velocimeter resolution of 0.01 ft/sec, and
a maximum velocity increment (orbit insertion maneuver) of 7100 ft/sec., there must
be storage capability for 19 binary bits of information. A significant reduction in the
number of shift register stages will result if the velocity meter is scaled to provide
0.1_ resolution for the orbit insertion maneuver. Switching logic at the accelerometer
output would be required and is not shown in the present circuit. A sequence of events
for operation in the primary mode is as follows:
a. Alert pulse sets the telemetry to a "yes" indication.
b. The shift register receives a 19 bit message from the command decoder.
This loading process will cause a "no" indication on the telemetry.
CQ A second word containing the same information as in '%" (and an alert signal
to reset telemetry) is sent for bit by bit comparison in stage "1" and "20"
of the shift register. If these two stages always agree, the telemetry signal
will continue to read a "yes" after storage of the second message. Re-
verification can be accomplished by sending an additional word (the same as
the first two) when needed.
d. Receipt of a start engine signal enables the accelerometer-integrator output
pulses to shift the register, causing one shift for every 0.01 ft/sec, velocity
increase. When the register has shifted the required number of ft/sec, it will
reach the all logical one state, causing a loss of signal in the output "or" gate.
e. Receipt of this change of state initiates the stop engine logic.
The effect of other signals from the C & S and Command Decoder are as follows;
a. Orbit insertion/mid-course maneuver signals will enable/disable the large
(2200#) engine firing signal. Note that when in orbit insertion maneuver, the
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large engine will not start until several seconds after at least one of the small
engines start and it is known that none of the autopilot gyros are against a stop.
Note also that the large engine must be off before the mid-course engines will
shut off. This is accomplished by the threshold level detector that senses
accelerometer output level.
be An enable/disable velocimeter signal will inhibit the engine shut-down sequence
at the shift register output any time before an all logical one state is reached.
In the disable state, engine thrust is terminated by a programmed signal from
the C & S {stop engine pulse). This back-up stop engine command will always
be stored in the C & S in case it is not known that the accelerometer-integrator
is inoperative. Since it is a back-up command it is programmed to arrive after
the 3 _uncertainty in engine on-time has elapsed. From the timer error
analysis (paragraph 2.1.5), this is 5.04% over the nominal engine on-time for
mid-course maneuver (assuming a nominal correction) and 7.53% over the
nominal engine on-time for the orbit insertion maneuver. The C & S one second
timer granularity must also be considered, requiring any calculated timer
setting to be rounded to the next highest 1 sec. interval.
c. Duplication of signals occur at the Command Decoder and C & S inputs. The
primary source for these commands is listed in VB234FD105.
2.i.5 TIMER ERROR ANALYSIS
Paragraph 2.1.1 indicated the possibility of controlling engine on-time through the use
of a timer. An error analysis follows, showing the 3 a random uncertainty in attained
velocity when a timer is used. The results show this error to exceed mission require-
ments, forcing the use of an accelerometer-integrator for velocity mangitude control.
The following nominal values were assumed.
Nominal Engine On-Time (sec)
Minimum Engine On-Time (sec)
Nominal Velocity Increment (m/sec)
Minimum Velocity Increment (m/sec)
Thrust Level (_ , (_ (lbs)
Specific Impulse (sec)
Tail Off Variation (lb/sec)
Shut Down Time (ms)
Initial Weight (lb)
Effect of Control Throttling on Thrust
Acceleration Level (g)
3 (lb)
Mid-Course
Correction
344
0. 765
45
0.1
100 * 5%
230 • 0.5%
0.8
30 - 120 ± 5
7500
0. 218 or 0.218%
0.0133
I Orbit
I Insertion
331
u_
1860
--m
2200 • 5%
305 * O. 5%
8.85
30 - 120 ± 5
5150 ± 4.7%
231 or 1%
0.7
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Explanatory notes.
® Midcourse thrust level is provided by four separate engines with a common fuel
feed system. Hence the separate thrust vectors are not considered independent.
Therefore, they are assumed to be totally dependent (worst case for random
analysis), causing the 5% resultant thrust variation.
® A control vane inside each midcourse engine causes some drag, lowering the
forward thrust vector value. For midcourse, this value is 0. 0259% and for
orbit insertion, is 0. 002%. Both are considered negligible.
® The four midcourse engines work in pairs, seeking the minimum thrust level
to eliminate torques about their axes of alignment. A C.M. shift will cause a
resultant increase in forward thrust level that must be considered random in
the timer analysis. This C.M. uncertainty was assumed to be 0. 109 in. for
midcourse correction and 0.5 in. for orbit insertion.
Definition of symbols:
a - acceleration level (in gs}
t - engine on-time
A V - required velocity increment
T - thrust level
T V - jet vane drag
t
S
- engine shut-down time
I
e
- engine tail-off impulse
W 1 - initial weight
m - initial mass
a} For the mid-course maneuver, variation in weight of the vehicle is
small, which allows calculation of A V by:
T.tAV -
m
8of72
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From this, variation in A V is:
bZ_V 3___V _AV bZ_V _ _V
bAV - bT bT; _T ?t; 5 ts bts; hie hi; ? TV bT V
where the terms on the right are considered to be independent and will be root sum
squared. The result for various values of A V is:
b T 2.25
I 0.0011
e
t 0.0006
s
T V 0.098
I 0.225
sp
3u _AV 2.27
% 3a 5.04%
error
bAY
_,V = AV= Av = Av = Av =
45 m/s 25 m/s 10 m/s 0.3 m/s 0.1 m/s
m/s m/s m/s m/s m/s1.25
0.0011
0.0006
0.055
0.125
0.5
0.0011
0.0006
0.022
0.05
0.015
0.0011
0.0006
0.0007
0.0015
0.005
0.0011
0.0006
0.0002
0.0005
1.26 0.503 0.0152 0.0051
5.04% 5.03% 5.07% 5.1%
From this chart, we can make the apporximation:
%bAy =! 4 (%bT) 2 ÷ (%bIsp) 2
for/_ V >lm/s.
b) For the orbit insertion maneuver use:
W 1
_V = I gln_
sp W2
Analysis similar to the mid-course case will provide the following result.
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5 A V For Orbit Insertion
5 T 129
5I 9.3
sp
t 0.04
S
I 0. 00296
e
T V 26
W 1 0.05
3 (_ error in A V 132
% 3 a error 7.1%
From this chart comes the approximation:
m/s
0
Note that the above analysis was made assuming a negligible timer granularity effect.
In calculating the timing uncertainty to accomplish this, assume a minimum engine on-
time for midcourse correction of 0.765 sec. (0.1 m/see.). To be insignificant, the
timer error must contribute less than 141"O%0= 3.16% to the total error. Therefore,
timer granularity must be less than 0.0244 sec., causing the need for construction of
a special timing circuit, as this accuracy is not provided by the C & S.
2.1.6 ACCELEROMETER ER!_OR ANALYSIS
Errors in the use of an accelerometer will contain those errors in stopping the engines
plus the normal accelerometer integrator errors. Table 2-2 lists the errors used in
this analysis along with the results. Nominal values given are in the timer error
analysis and all errors are assumed to be independent. More specific accelerometer
performance characteristics are given in the section on velocity sensors.
2.2 VELOCITY SENSORS
2.2.1 INTRODUCTION
A study was made to select an accelerometer suitable for velocity cut-off control in
the Voyager '71 midcourse corrections and orbit insertion phase. The study emphasis
was on an investigation of acceleration sensor characteristics and associated electronics
critical to the Voyager application.
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Among the factors investigated were life, reliability, null and scale factor stability,
velocity resolution and environmental capabilities. These characteristics are listed
in a matrix (Table 2-5} for those accelerometers andvelocity meters found suitable for use.
2.2.2 CONCLUSIONS
a. Five units are acceptable for Voyager:
Bell IIIB
Bell VIIB
HoneywellGG177
Kearfott 2401
Sperry 16P1P
b. Also two others are in late development:
Donner 4810
Arma Solid State
c. The Bell VIIB is preferred becauseit is slighly advantageousby the following
measures:
Weight
Power
Size
Performance.
2.2.3 DISCUSSION
2.2.3.1 SYSTEMREQUIREMENTS
2.2.3.1.1 VELOCITY MEASUREMENT
a. Midcourse Corrections - It is desired that the Voyager midcourse corrections
be performed to an accuracy of about 1%(1 _) of the actual velocity increment.
The maximum expectedvelocity increment in any one midcourse correction is
45 meter/see and is obtained after 344 secondsthrusting time. It is desirable
to have the midcourse system capable of adding a velocity increment as small
12 of 72
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as 0.1 meter/sec with a 3 a error of 0.01 meter/sec. The midcourse
acceleration will be about 0.0134 g.
be Orbital Insertion Phase - It is desired to measure the Voyager orbit insertion
phase velocity to a 3 _ accuracy of 1%. At the beginning of the flight spacecraft
orbital insertion phase the acceleration will be ab.out 0.4 g, whereas, at the
end it will be about 1 g. Time of thrusting will be about 330 seconds.
The accelerations associated with the midcourse corrections and the orbit insertion phase
are expected to be unidirectional and to have associated up to ± 1 g peak maximum
vibrations. The velocity measurement is desired to be fiat in response to about 150 cps.
2.2.4 APPROACH USED
First, an indication of the accelerometer allowable velocity errors was obtained. These
errors are shown in Table 2-3 and were obtained by integration over the total thrusting
time for the bias and non-linear errors. The accelerometer scale factor error is directly
proportional to the velocity error. Any one error alone in the table is the total velocity
error allowed. The accelerometer chosen should have a total root sum square error
that is less than the velocity error since, in addition to the accelerometer errors in the
table, there is a pulse weight error, alignment error of the accelerometer and thrust
axes and engine cut-off error.
Table 2-3. Allowed Accelerometer Errors
Function Units Mid Course Orbit Insertion
Max. Min.
Measured Velocity
Allowed Velocity Error
(3
Thrusting Time
Meters/sec
Meters/sec
Seconds
45
1.35
344
0.1
0.01
0.764
Bias or non-linear error
Scale Factor Error
Temperature Variation
1o°F)
Bias Temp. Sensitivity
Scale Factor Temp.
Sensitivity
g
%
g/°F
%/" F
4x10 -4
3
0.2x10 -4
0.15
13.3x10 -4
10
-4
0.67x10
0.5
2310
23.1
330
72x10 -4
3.6x10 -4
0.05
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To obtain the accuracies shown in Table 2-3, it is necessary to use a servo rebalanced
accelerometer. Also, to obtain the desired minimum velocity error of 0.01 meter/sec,
the pulse weight of the accelerometer output velocity information must be less than
0.01 meters/sec (0.0328 R/see. ). A pulse weight of about 0.01 ft/sec was considered
necessary for the Voyager mission. This pulse weight is easily obtained at the low g
levels that are to be measured. For example, if the maximum g level due to vibration
and steady state vehicle g levels is 2g, then a pulse train of
2
2 x 32.2 ft/sec
0.01 ft/sec.
= 6440 pulses per second
maximum is required. This in turn requires electronic switching at a 72.5 _ second
rate, which is easily obtained.
Numerous prominent accelerometer manufacturer's products were investigated and an
initial selection was made.
After this initial selection, seven manufacturers were chosen as having suitable ac-
celerometers. These are Bell Aerosystems Company, Honeywell Aeronautical Division,
Donner Division, Kearfott Division, Northrop Nortronics, Sperry Gyroscope Company
and Arma Division.
In the final choice of an accelerometer manufacturer, the ability to demonstrate per-
formance of an accelerometer at the present time was considered necessary along with
the ability by July 1966 to obtain a demonstrated flight history from numerous produced
units.
Also the final choice was made on an accelerometer system that was small in size and
low in weight. Low input power was considered of secondary importance in the choice
of an accelerometer from those systems using less than 10 watts since the accelero-
meters will be used infrequently during the Voyager mission and the difference between
the accelerometer systems in input power is of the order of only a few watts.
The accelerometer system schemes represented by the seven manufacturers were as
follows:
a. pendulous accelerometer, digitally constrained
b. pendulous accelerometer, analog constrained with an A/D converter.
The advantages of a digitally constrained accelerometer are that the non-linearity errors
are eliminated, and, in the case of an accelerometer like the Donner 4810, the pulses
act as a dither or tapping motion, reducing the stiction (bias) errors.
The advantages of an analog constrained accelerometer are the ability to constrain,
and thus protect, the accelerometer up to high g levels while still being able to control
14of72
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the output voltage to the acceleration and frequency level desired. Also, the analog
information is available for threshold detection.
No preference was given to either system.
2.2.5 BELL AEROSYSTEMS COMPANY
Bell has available two accelerometers for Voyager. The accelerometers are Model
HI B and Model VII B. Both are pendulous, spring suspended, electrically damped
units and are analog constrained.
2.2.5.1 HI B ACCELEROMETER AND ELECTRONICS
The HI B accelerometer has been in production since 1956. The HI B has a history of
over 1000 units produced, of which 120 no failure flights have been made.
The accelerometer system for Voyager would consist of the HI B accelerometer and
accelerometer loop and A/D conversion electronics. This '_ackage" is now part of
Bell's DVM HI velocity meter. This is Bell's present production velocity meter.
The DVM HI velocity meter has a history of fifteen units built of which five have been
flown on Minuteman re-entry vehicles.
The digital output of the DVM HI is capable of 5000 pulses per second which will give
sufficiently low pulse weighting for Voyager at the expected low g levels. In the
Voyager package as in the DVM HI, the accelerometers would be analog constrained
to their maximum g range with the A/D conversion by a capacitive reset integrator.
Bell has worked with dual scaling of the accelerometer loop output, thereby minimizing
the counter bits required for two different velocity increment maneuvers such as the
midcourse maneuver and orbit insertion in the Voyager program. The HI B system
requires no heater for +10 ° F temperature operation.
The HI B accelerometer has the best accuracy of any accelerometer reviewed. Draw-
backs of the HI B accelerometer, accelerometer feedback loop and A/D conversion
system are its large size {73 in 3} and weight (3.8 pounds} and, relative to other
accelerometer packages investigated, its large input power {10 watts}.
2.2.5.2 VII B ACCELEROMETER AND ELECTRONICS
Within the last year Bell has started production on the VII B which is similar to the
HI B except for size {1/10} and weight {1/4}. Over 500 units are expected to be produced
by the end of 1965, production for at least two different contracts, one being the LEM
program.
The VII B aceelerometer will be used in the DVM V velocity meter. The DVM V is a
micro-miniaturized version of the DVM HI. Four DVM V units have been built so far
and are being flight tested. The technical comments on the DVM HI apply also to the
DVM V.
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Accuracy on the VII B accelerometer is presently less restrictive than on the IIIB,
although the VII B specifications still are one of the best of the initial selection. Data
on VII B accelerometers producedto date showpromise of its being as accurate as
the III B.
The VII B accelerometer and micro-miniaturized accelerometer loop and A/D con-
verter, now a part of the DVM V velocity meter, are selected for use in Voyager.
This package has the lowest size and weight of any of the accelerometer packages
investigated, and it also has one of the lowest input power requirements. Tests
on production VH B aceelerometers to date have proven the high accuracy claimed
by Bell, and by early 1966 there should be sufficient flight test history available.
As mentioned previously, the electronics part of the Voyager package is from the DVM
V velocity meter. Results of the flight tests on the DVM V should be available soon.
It is expected that the results will be very satisfactory since
a. The DVM V is patterned after the DVM III which in turn has a demonstrated
flight worthiness.
b. Additionally, the electronics in the DVM V are more reliable than those in
the DVM HI.
No heaters are required on the Bell VII B system for temperature operation of ±10 ° F.
The output digital information is positive voltage only for positive accelerations.
2.2.5.3 TRADE-OFF OF THE 111 B AND VII B
The HI B and VII B are similar enough electronically to be easily combined with either
the DVM HI velocity meter or the DVM V velocity meter electronics. Thus, if any
unexpected problems arise with either the VII B aceelerometer or the micro-
miniaturized (DVM V) electronics, the HI B accelerometer or the DVM III electronics
can be used as a back-up.
2.2.6 HONEYWELL AERONUATICAL DIVISION
Honeywell' s preferred accelerometer sensor for use in Voyager is the GG177, a hinged
pivot, oil damped, pendulous accelerometer. The GG177 represents Honeywell's best
performance accelerometer and has a history of over 200 produced units since 1963.
The GG177 would be digitally constrained, using a pulse on command digitial feedback.
Honeywell has stated their ability to go to as low as 0. 001 ft/sec pulse weight.
Drawbacks of this aecelerometer are its larger size, higher weight, and higher power in
comparison to the Bell VII B.
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2.2.7 DONNERDIVISION
Donner' s best accelerometer for the desired velocity measurement accuracies is the
digitally constrained model 4810. This is a pivot and jewel, fluid or electrically damped,
pendulous aecelerometer.
The 4810 is a relatively new model, in production within the last year. It is a combina-
tion of the model 5310 and model 4310 accelerometer, of which over 13,000 have been
sold since 1954.
The digitally constrained 4810 is a developmental stage v.dth a few prototypes built.
The pulses act as a dither or tapping motion on the accelerometer and, according to
Donner, reduces the stiction (bias error) by an order of magnitude. It is this error
reduction that makes the 4810 suitable for use in Voyager. The analog 4810 is not
useable due to its high bias error.
Pulse weighting of 0.01 ft/sec can, according to Donner, be provided.
The 4810 has one of the lowest size, weight and input power of the initial selection ac-
celerometers.
Drawbacks of the 4810 are its lack of demonstrated flight perfomance, and the
questionable bias error, especially when used at the low midcourse g levels where the
pulse rate would be low.
2.2.8 KEARFOTT DIVISION
Kearfott has available an analog constrained accelerometer for use in Voyager velocity
measurement. This is the 2401 spring suspended, fluid damped, pendulous accelerometer.
Several thousand of the 2401 accelerometers have been built.
Kearfott also has available a CAPRI (capacitive reset integrator) A/D converter capable
of 10,000 pps output, suitable for the required pulse resolution.
Drawbacks of the accelerometer system are its high input power (20 watts) and large
weight and size in comparison to the Bell HI B system.
2.2.9 OTHERS
Nortronics AP-E accelerometer is a pivot and jewel, fluid damped floated pendulous
accelerometer. The accelerometer is digitally constrained with a eontinous pulse train
feedback loop. Drawbacks of the accelerometer are its requirement of the heater and
heater power to keep flotation temperature, a digital output that is both plus and minus
in voltage for positive accelerations, and its low frequency response.
Sperry 16 PIP is a pivot and jewel, fluid damped, pendulous accelerometer. It is
digitally constrained, using the same digital feedback scheme as the Nortronics AP-E.
Drawbacks are its type of digital output, size, and variety of input voltages required.
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Arma has in development a solid state accelerometer that makes use of a strain gauge.
The accelerometer will be servo rebalanced and will be available late this year. The
Arma accelerometer was not considered due to its lack of demonstrated performance.
2.2.10 VELOCITY MEASUREMENT ACCURACY OF THE BELL VII B
Table 2-4 shows the accuracy performance of the Bell VII B accelerometer system.
The vendor specs were used. The pulse weight was obtained by using 5000 pps and
assuming a maximum acceleration level of 2g.
The velocity errors were obtained as follows:
a. Bias and non-linear errors; integrate the accelerometer bias and non-linear
errors over the thrusting time.
b. Scale factor errors; product of the accelerometer scale factor error, thrusting
time, and average thrusting g level (average g level during mideourse is 0. 0134g,
average g level during orbit insertion is 0.7g}.
The table shows that the VII B accelerometer easily meets the accuracy requirements
and leaves room for thrusting axis misalignment error and thrusting cut-off time error.
2.2.11 ACCELEROMETER MATRIX
An accelerometer matrix, showing the important characteristics of the initial selection
accelerometers is shown in Table 2-5.
The weight, size, and input power figures are for a complete accelerometer system
whose output is a digital representation of velocity. The errors given are 3 cr values.
The maximum possible frequency response is given, and in all cases it can be reduced
by electronic filtering.
3.0 CONTROL SYSTEM DESIGN
3.1 INTRODUCTION
The autopilot control system configuration is influenced by the propulsion system being
used, and the design revolves around the method of achieving control torques. Four
general methods of achieving control torques were considered;
a. Gimballing the rocket engine
b. Auxilliary thrusters
1. Operating in a bang-bang mode
2. Throttlable to achieve continuous control
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Table 2-5. Accelerometer Matrix
Characteristic
Feedback
loop
Life-opera-
flag
Uhits pro-
duced as of
12/o5
Heater
Operating
temp.
Vibration-
sine
Shock
Storage
temp.
Hermetically
sealed
Max. Freq.
Response
Range of
Measurement
Bias Error
Scale Factor
Error
Non-linear
Error
Bias temp.
sensitivity
SF temp.
sensitivity
Threshold
Vibration
Rectification
Input Voltage
Input Power
Weight
Size
Voyager
Requirements
1000 hrs.
80 to 100°F
lOg peak
30g peak
Bell
IIIB VIIB
Analog Analog
1000 500
Yes Yes
-80 to -80 to
200 200
40 40
30 30
Honeywell
(GG177)
Digital
MTBF =
100,000 hrs.
2O0
Yes
70 to 180
el0
25
200
Yes
150 cps
0 to 2g
g's
o/o
gVs
g/° F
%/" F
ggs
g/g2
volts
watts
pounds
in. 8
-80 to -80 to
+200 +200
Yes Yes
2000 2000
±100 ±150
0.5x10-4 10 --4
0.005 0.01
0.3x10-4 or lO-4xg
O.lxlO -4 O. lxlO -4
Incl. in SF error for
±10°F
10 -6 10-6
10 50
+28VDC +28VDC
or 400cps or 400cps
10 3.5
3.8 0.85
73 i0.0
-65 to 200
Yes
7OO
±50
1.5x10 -4
0. 005/month
10 -4 or 10-4
xg
0.4xl 0-4
O. 0005
10 "5
0.2
+28 VDC
8
3.
18.
Donner Kearfott
(4810) (2401)
Digital Analog
MTBF =
200,000
dev. 2000
Nortrenics
(AP-E2-SA)
Digital
MTBF =
15,000
20,000
Avail. Avail. Yes
20 to 160 -65 to 200
15 !10 2O
100 50 300
20 to 160 -65 to 200 -65 to 200
-- Yes
300 300 20
-+_25 ±20 :_20
0.8x10 -4 10 -4 2.4x10 -4
0.01/month O. 01 0. 004
2.5x10-4 or O.lxlO-4
2 x 10-4x g
0.03x10-4 0. lxl0 -4
0. 004
0. 005 0. 002
2x10 -5 2x10 -7 0.24x10 -5
100 5 i. 8
+28 VDC +28 VDC
1 20
1.0 3.5
24 39
Sperry
(16 PIP)
Dlgttat
MTBF =
100,000
62,000
Avail.
40
40
-40 to 160
Yes
200
• 4.4
CONFIDEN-
TIAL
10-4
+120_28,
_20VDC, 3.5V,
4800
10
1.0
44
Ama
(Solid State)
_Analog
dev.
i000
0.01% FS
O. 01
FS .0013%/'F
.0013
2.4 KC or 28
VDC
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c. Secondary fuel injection
d. Jet vanes in the rocket exhaust
Table 3-1 is a matrix of the propulsion systems and control torque configurations possible
for the Voyager spacecraft.
Of the possible control torque methods two were investigated in some detail and pre-
liminary control system designs were made. The two systems designed are:
a. Gimb_!ed "_+"_n"inn"l_'iOn
b. Auxil!iary thrusters (Surveyor scheme)
Other possibilities were not investigated in detail for the following reasons:
a. Secondary fuel injection systems were felt to be disadvantageous from
propulsion considerations.
bo Auxilliary thrusters operating in a bang-bang fashion require a pulse rate felt
to be too high for monopropellant systems. The cyclic control torques would
also tend to induce structural resonances.
Co Complete jet vane control as done in Mariner 4 was not evaluated because the
high exhaust temperatures of bipropellant systems were felt to exceed
reasonable design limits for vanes. In the case of a monopropellant system
complete jet vane control was not evaluated because it was an unlikely choice.
Jet vanes for roll control only were investigated.
The two autopilot systems, the gimballed engine, and the auxilliary thruster system
were designed with the following simplifying assumptions. Their effect is felt to be
small, but the validity of these assumptions will be evaluated in future work.
a. Structural resonances were not included. These can be made to be above 10
cps without excessive weight penalty. The autopilot response is well below
this value.
bo Fuel sloshing was not included. Time did not permit a quantitative evaluation
of the fuel dynamics for the selected tanks. In general the dominant slosh
frequency can be increased by baffling. If necessary this can be done to
achieve a frequency several times the autopilot response.
c. Inter-axis coupling through vehicle dynamics was neglected. This is felt to be
valid for the following reasons:
1. Single axis transient response indicates that maximum rates are low.
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2. Control axes can be made nearly coincident with principal axes for a
configuration such as Voyager.
3. In the event that coupling is not insignificant, uncoupling can be provided
by signal processing at some increase of system complexity.
As demonstrated in Section 3.3 on the gimballed engine, some separation must exist
between the gimbal pivot and the total system center of mass. When considering the
spacecraft alone this separation is easily satisfied. When considering the combined
capsule - spacecraft system, however, the condition is not easily satisfied. The pivot-
CM separation criteria then impose a restriction on location of the capsule CM. If
the capsule CM location cannot be restricted, because, for instance, the different
missions may have different capsules, then another autopilot configuration must be
employed.
Two systems have been considered which are reasonably insensitive to CM position
along the roll axis.
ao Auxilliary Thrusters - The design of this system is outlined in a subsequent
section, and described in VB234FD105. This has previously been demonstrated
on Surveyor.
bo Translatable gimballed engine. This system, which was proposed by Rocketdyne,
consists of a linkage mechanism which permits the lateral translation of the
rocket engine. The concept is relatively simple but it has not been demonstrated.
A control system design has not been performed but the transfer function of
the process has a form very similar to the pivoted gimbal configuration. The
control system design should likewise be similar.
3.2 AUXILLIARY THRUSTER AUTOPILOT
The auxilliary thruster configuration is shown in Figure 3-1 and the basic control
system is shown in Figure 3-2. The system nullifies disturbing torques acting on the
vehicle by gyro sensing of the angular position.
Non-zero position information from the gyro is processed to give rate plus position
information which drives the actuators until a torque null results. Two methods of
torque control are used. Yaw torque is produced by unequal thrust levels in the
throttlable engines symmetrically located about the yaw vehicle axis, as shown in
Figure 3-1. An identical arrangement produces torque about the pitch axis. Roll
torques are controlled by a jet vane located in each engine exhaust.
The following analysis of the autopilot is based on a linear single axis response. In
the analysis, mission accuracy requirements are translated into system specifications
which determine autopilot stability requirements. Prior to any stability analysis, a
study of the actuator is mandatory since it forms the autopilot controller. In the
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SINGLE BIPROPELLANT
ENGINE
FOUR JET VANES
ONE EACH ENGINE
+Y
I
50"
FOUR THROTTLABLE
MONOPROPELLANT
ENGINES FOR MIDCOURSE
CORRECTION AND
ATTITUDE CONTROL
THROTTLABLE ENGINE THRUST
MINIMUM 25 POUNDS
MAXIMUM 55 POUNDS
NOT TO SCALE
Figure 3-1. Engine Configuration (Looking into Engine Exhaust)
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ACTUATOR [
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PROC E S_OR !-
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ATTITUDE
Figure 3-2. Basic Autopilot System
24 of 72
CII - VB234AA105
ensuing analysis the actuator transfer function is derived and used to determine auto-
pilot closed loop performance criteria such as gain and phase margins. A detailed
analysis will be limited to the orbit injection phase. However, autopilot characteristics
and requirements for midcourse maneuver will be discussed.
3.2. i AUTOPILOT ACCURACY
The function of the autopilot is to maintain the thrust vector in the desired direction.
Any deviation from the desired direction is called pointing error. Assuming that the
thrust vector lies along the roll vehicle axis, pointing error results from spacecraft
rotation about the yaw and pitch axes. From a guidance analysis, a maximum 3-sigma
error of 20 milliradians is allowed. The yaw and pitch autopilot gain is chosen to meet
this requirement.
Since pointing error is independent of roll rotation, the angular offset of the roll auto-
pilot is based on antenna pointing angle. The antenna pointing angle must be held to
within 2 degrees during a maneuver. For design purposes, a maximum 3-sigma error
of 20 milliradians about the roll axis is used. Consequently the autopilot must maintain
spacecraft attitude to within 20 milliradinas (3 a ) about each of the axes during all
maneuver operations.
3.2.2 YAW AND PITCH AUTOPLLOT
The yaw and pitch autopilot loops consist of a gyro and gyro processor, actuator
amplifier with compensating networks and the throttle valve actuator.
3.2.2.1 YAW, PITCH GYRO PROCESSOR
In Figure 3-3, Egy is the demodulated gyro position signal which is acted upon by a lead
lag network to give rate plus position information. The input to the actuator closed
loop E is related to position signal Egy by the following transfer function:Y
E =K
y gy 0.6S+ 1
E = K
gy g O. 06S + 1
Where
K = gyro gain = (gimbal gain) x (demodulation gain)
g
K = gain variable
gY
The time constants in the above transfer function are chosen to provide satisfactory phase
margin in the autopilot open loop response.
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I GYRO
PROCESSOR
Egy
GYRO
YAW (OR PITCH)
SIGNAL
H ACTUATOR I Ea
AMPLIFIER
ACTUATOR
TORQUER ] INE DLEI"_ VALVE
o oHosoNETWORK FEEDBACK
FUEL
FLOW
RATE
Figure 3-3. Throttle Valve Actuator Loop Block Diagram
3.2.2.2 THROTTLE VALVE ACTUATOR
Figure 3-4 shows the functional block diagram of the throttle value actuator. For zero yaw
gyro input to the actuator, both engines operate on the minimum thrust of 25 pounds. A
non-zero yaw rate plus position signal operates to increase the thrust level of one of
the two pitch axis engines. This increase in thrust introduces a correcting torque in
opposition to the disturbing torque. Since the sensor and control axis are parallel,
a single axis representation of the yaw (or pitch) autopilot is possible. In Figure 3-5
the characteristic of the needle valve and the ball screw driving the needle valve is
given by Kf pounds of fuel flow per second per rad of motor shaft position. Also Is_
is the specific impulse of the fuel and _ is the displacement of the engine center lin_
from the roll axis. The valve band width is assumed to be 6 cps.
3.2.2.3 ACTUATOR AMPLIFIER AND COMPENSATION NETWORK
The actuator amplifier Figure 3-6 is an operational amplifier used to set the actuator
loop gain by properly choosing the series and shunt resistors. In addition, gain and
phase compensation result from lead networks in both series and feedback paths.
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Figure 3-4. Pitch Axis Throttle Valve Actuator Block Diagram
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Figure 3-5. Single Axis Throttle Valve Actuator
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Figure 3-6. Throttle Valve Actuator Amplifier
If, in Figure 3-6 the actuator voltage is Ea, then the following transfer functions result:
Ea Rf 1 1
Ey R 1 _'fS+l Ky _-fS+ 1
E a Rf T2 S + 1 T 2 S + 1
Eft R 2 _'fS+l -Kf T fS+I
where
rf = Rf Cf
_'2 = R 2 C 2
Using these transfer functions an equivalent block diagram is constructed relating Ea to
Ey and EB, Figure 3-7.
3.2.2.4 ACTUATOR TORQUER
The actuator contains a nonlinear parameter due to the coulomb friction in the rotor and
valve inertia. This can be made negligible by making the ratio of frictional torque to
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Eye I ] TfS+ 1
o E a
Kf(_S+I) { oE B
Figure 3-7. Equivalent Block Diagram of Actuator Amplifier and Compensation Network
developed torque small. A further simplification is possible by ignoring the very small
time constant of the actuator coil, Figure 3-8 shows a simplified actuator block
diagram. The transfer function relating shaft angle (fl) to actuating signal (Ea) is
fl _ 1 1 _ 1 1
_' J Rt )Ea Ke S(raS+l) Ke S_,_:e S+l
where
Ke = Back emf constant (VOLTS/RAD/SEC)
J = Moment of inertia of rotor and valve (oz-in-sec 2)
Rt = Resistance of actuator coil (VOLTS/AMP)
Kt = Torquer Constant (oz-in per amp)
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Figure 3-8. Simplified Actuator Block Diagram
3.2.2.5 THROTTLE VALVE ACTUATOR CLOSED LOOP RESPONSE
The final block diagram, Figure 3-9, includes a position feedback potentiometer
having a scale factor of Kflvolts per rad. The equivalent actuator closed loop
transfer function is:
K°
B 1
Ey Kfl Kf Kevf S2 + Ke
(1"aS+ i) K_ KI K_ Kf
S+I
in which the compensating zero at S = -1/T2 and the actuator pole at S = -/ra are made
equal. The closed loop is obviously stable since all coefficients are positive. However,
system damping must be chosen to insure adequate response time without excessive
overshoot. The closed loop gain is one factor of the autopilot feedback gain chosen to
meet maneuver accuracy requirements. In the event that the actuator coil inductance
is not negligible, stability is insured if the open loop gain K8 Kf/Ke is less than one-
half the coil bandwidth. The bandwidth of the Inland Motor Corporation Type No.
T-0709-C actuator is 4100 radians per second, more than adequate to meet stability
requirements.
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1
1
rf S+l
--.-i,
Kf (.r2 S + 1)
1 1
Ke S('raS+l)
Figure 3-9. Block Diagram Throttle Valve Actuator
Using parameter values given by the manufacturer, the coefficients for the above transfer
function become:
ra J Rt (0.3 x 10 -3) (5.35)
= Kt K---'---_= (2.24) (0.015) = 0. 048 seconds
Tf = 0.1T a = 0.0048seconds
71,,2 >_1
n LK--_-_-fJ = L(o_'15) 70:,_o48iJ = 131 <seconds
2 _ _ Ke _ 0.015
n K Kf (25) (0.05)
- 0.012 seconds
The closed loop valve actuator transfer function now becomes:
8 Kv
Ey _0.048s +1_[s____2 11+ 0.012 S +
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3.2.2.6 YAW AND PITCH AUTOPILOT GAIN
For a single axis solution neglecting the transient portion of the spacecraft response the
yaw or pitch, feedback gain is given by:
Wmax
Kr -
A0
where
Kr = autopilot feedback gain
= (gyro gain) x (actuator gain) x (mechanical moment gain)
Tmax = maximum disturbing torque
0 = vehicle steady state angular offset during maneuvers
Maximum disturbing torque occurs at the end of the orbit insertion maneuver when the
2200-pound engine is thrusting and CM displacement is maximum. A one-half inch
center-of-mass displacement results in a torque of 92 foot pounds. From guidance
analysis, a maximum 3 C;-error of 20 milliradians is allowed. With these values the
required feedback gain becomes:
Kr = 4580 foot-pounds
rad
for theyaw and pitch autopilots during the orbit injection maneuver.
During the midcourse correction, maneuver velocity increment is imparted by the
four small engines having a total maximum thrust level of 222 pounds. Feedback gain
for midcourse maneuvers need be only 458 foot - pounds per radian to maintain specified
accuracy since the magnitude of disturbance torque is less by the ratio of RPS thrust
to MCS thrust.
Another consideration of the autopilot is the vehicle moment of inertia which for the
yaw axis may vary by 5 to 1. The effect of variations in the moment of inertia is to
change the autopilot open loop gain. If constant feedback gain is used in the autopilot,
the midcourse accuracy is improved to 2.0 milliradians steady-state offset. The
resulting higher accuracy is accompanied by system overshoot which produces pointing
errors higher than the steady-state error for short engine burn times. However the
resulting transient error would not be expected to exceed the specified 20 milliradian
accuracy due to the small steady-state offset. For optimum performance gain switching
might be desirable.
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3.2.2.7 YAW AND PITCH AUTOPILOT STABILITY
Since the pitch and yaw autopilots are identical in operation, analysis will be limited
to the yaw autopilot. The concluded performance will also hold for the pitch autopilct.
The yaw axis autopilot shown in Figure 3-10 has properties defined by its characteristic
equation:
Kr 0.6S+ I
= 1
Jy S2(0.048S+1)!13_ + 2(0.8)131
where
Kr = KgyK F_IspK V.
S + 11 (0.06 S
J
÷1) (0.026S÷ 1)
Stability will be studied for the worst-case condition which occurs at the end of orbit
injection. The vehicle moment of inertia about the yaw axis is approximately 800 slug-
ft 2 at this time. The required feedback gain calculated in paragraph 3.2.2.6 (4580)
divided by the vehicle moment of inertia gives the autopilot open loop gain.
Ko = 5.73 seconds 2
Using this value of open loop gain the Bode diagram is shown in Figure 3-11. From the
diagram the system operates with a phase margin of 36 degrees and a gain margin of
12 db.
3.2.3 ROLL AUTOPILOT
The roll autopilot differs from the yaw and pitch autopilot in three ways:
a. Magnitude of disturbing torque
b. Accuracy requirements
c. Method of torque control.
During midcourse and terminal maneuvers a jet vane placed in each of the four throttlable
engines is included as part of the attitude control to maintain vehicle stability about the
roll axis, In the following analysis the jet vane actuator transfer function will be
presented and used to determine the performance of the roll autopilot.
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3.2.3.1 ROLL GYRO PROCESSOR
The function of the roll gyro processor is identical to that performed by the yaw and
pitch processor; that is, to obtain rate plus position information from the demodulated
gyro signal. The time constants are changed for stability reasons determined by the
open loop response of the roll autopilot. The functional relationship between Egz and
Ez of Figure 3-12 is:
K
Ez gz 1.67 S + 1
Egz Kg 0.167 S + 1
3.2.3.2 JET VANE ACTUATOR CLOSED LOOP RESPONSE
Analysis of the jet vane actuator is simplified by using the transfer function derived
in Paragraph 3.2.1.5 for the throttle valve position control. The appropriate function
is:
EY - KA [KeTf $2+ Ke 1](r aS+ 1) K_Kf K_ f S+
where:
Ki
KA - K _ Kf
The jet vane actuator is the Aeroflex TQ-18-7P actuator having a coil bandwidth of
4100 radians per second.
3.2.3.3 ROLL AUTOPILOT GAIN
Before discussing the required roll gain, disturbing torques along the roll axis will be
calculated. These torques result from:
a. Center of mass displacement and engine axis angular misalignment
b. Crosscoupling
c. Propellant flow.
The situation corresponding to a. and shown in Figure 3-13 results in a torque
Tdzl = pF sincp,
where
P = CM displacement = 1/2 inch
= engine axis angular displacement
= 0. 625 degrees or 10.7 milliradians
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The first component of roll disturbing torque is Tdzl = 0.98 Foot-potmdso
The component of roll torque due to crosscoupliag is computed from Euler' s Equa-
tion with the applied torque equal to zero. The resulting induced torque is Tdz2 =
(Ix - Iy) 0x 0y. For a difference of 481 slug-ft 2 in moments of inertia and a maxi-
mum angular rate of 3 degrees per second, the second component of roll disturbing
torque is Tdz2 = 1.32 foot-pounds. Additional disturbing torques resulting from
rocket engine propellant and gas flow will exist. The exact value of these torques
will depend on the specific propulsion system designed, but they are expected to be
less than seven foot pounds.
Combining the three components of torque, the total disturbing torque along the roll
axis is Tdz = 9.3 foot-pounds. This gives a required feedback gain of
Kr = 465 foot-pounds
Radian
for a 20 milliradian steady state offset. As in the yaw (or pitch) autopilot during
midcourse maneuvers, gain switching may be desirable for optimum performance.
3.2.3.4 ROLL AUTOPILOT STABILITY
Stability analysis of the roll autopilot is based on Figure 3-14. The open loop transfer
function for the roll autopilot
Kr 1.67S + i
GH =_
Jz S 2 (_aS+1)(0.167S+I) SIt,_ 2
xw n
where Kr = Kgz Kv KA
2s+-- S+Wn
becomes
GH = 0.58
1.67S+1
$2(0.1 S+ 1)i(0.167S+ 1)( $2
\61.52
when the following substitutions are made
Jz = 800 slug-feet 2
Kr = 465 foot-pounds per radian
1
JRt (5 x 10 -5) ('_-) (125)
= - _ 1_1__)(0.033)
_'a Kt ge (30) { }{ 16
÷0.026 S + 11
0.1 seconds
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Figure 3-14. Roll Axis Autopilot, Midcourse and Terminal Maneuvers
_K o_Kf ! 1/2 r (25) (0.05) 1 1/2
wn : Ke Tf .J = L(0._-3) (0.01)J = 61.5 radians per sec.
2S Ke 0.033
..... 0. 026 sec.
wn K _Kf (25) (0.005)
The Bode plot of the above, Figure 3-15, shows a phase margin of 44 degrees and a
gain margin of 22 db.
3.2.3.5 ROLL TORQUE CAPAB_ITY
Roll torque produced by the autopilot depends on engine thrust level, jet vane geometry,
angle and location of vane from the roll axis. The relationship for roll torque due to
one jet vane is:
Tv = F Kvd_,
where
F = Engine thrust
Kv = Jet vane lift constant
pounds
pounds lift per pounds thrust x deg.
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Figure 3-15.
= Jet-vane angle
d = Pivot distance
Bode Diagram Roll Axis Autopilot
degrees
feet.
Referring to the lift force data presented in VB238FD102, the lift constant Kv is cal-
culated as:
Kv = 0.002 (Degree) -1.
F¢_r a jet vane saturation of 25 degress the roll torque produced by each jet vane is
Tv = 5.2 ft lbs. Total roll control for four jet vanes is 20.8 foot-pounds.
3.2.4 AUTOPILOT COMPUTER ANALYSIS
The closed loop pitch or yaw autopilot response to a step disturbing torque is shown in
Figures 3-16 through 3-18. Computations were performed on the IBM 7094 digital
computer using digital simulation of analog transfer functions. Figure 3-16 shows
the angular position change due to step disturbing torque having a magnitude of Tdy =
23 Foot Pounds based on a 1/8-inch center-ofLmass displacement. One-eighth inch
is the expected displacement at the start of the orbit injection maneuver. During
engine burn a gradual increase of the CM uncertainty will take place reaching a max-
imum of one-half inch. This maximum was used in calculating the accuracy and the
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Figure 3-16. Angular Displacement Response to a Step Disturbance
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Figure 3-17. Corrective Torque Response to a Step Disturbance
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SECONDS AFTER ENGINE FIRING
Figure 3-18. Angular Rate Response to a Step Disturbance
gain requirement. Figure 3-16 also shows that the system is overdamped. Since no
overshoot occurs, the transient pointing error will always be less than the steady state
offset.
Figure 3-17 shows a peak correcting torque 50 percent greater than the disturbing
torque. If the one-half inch displacement occurred at engine turn on, which might
be the case if an orbit-adjust maneuver were attempted with the retro engine, the
peak correcting torque would be:
Typ = 137.5 Foot-Pounds.
Since the maximum torque produced by the throttable engines is
Tp = (F max - F mim) X L = 125 Foot-Pounds,
the assumed peak disturbing torque of 137.5 foot-pounds would saturate the antopilot.
In the actual system the initial torque due to one-eighth inch CM displacement at start
of retro burn will require 34.6 foot-pounds peak correcting torque, well within auto-
pilot capability.
The final curve of the computer analysis, Figure 3-18, shows vehicle angular rate as
a function of burn time assuming a step disturbance. Maximum rate occurs at 0.4
seconds with a magnitude of 7.2 millirad, per second.
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3.2.5 SUMMARY OF AUTOPILOT ANALYSIS
The results of the Autopilot analysis are:
a. Pointing error due to autopilot angular offset is less than 20 milliradians
around all three axis.
b. Autopilot torquing capabilities of 125 foot-pounds along the yaw or pitch axes
and 20.8 foot-pounds along the roll axis are well in excess of the maximum
disturbing torques. The disturbing torques are estimated to be 91.6 foot-
pounds about pitch or yaw axes and 9.3 foot-pounds about the roll axis.
Co During the nut,pilot transients a correcting torque as great as 1.5 times
the steady state torque is required. None of the peaks is large enough to
saturate the autopilot.
d. The spacecraft angular position response to a step disturbing torque reaches
steady state in less than 2.5 seconds.
e. The yaw or pitch autopilot is stable with an open loop gain of 5.73. The gain
margin is such that the gain can increase four times before the loop exhibits
unstable characteristic s •
f. The roll autopilot has a loop gain of 0.58 and can tolerate a 12 to i increase
in gain.
3.3 GIMBALED ENGINE AUTOPILOT DESIGN
3.3.1 INTRODUC TION
In the gimbaled engine configuration, the same engine is used to provide both the
translational velocity increment as well as the control torques.
In the discussion to follow, emphasis is placed upon the response of the vehicle in one
translational and one rotational degree of freedom. Emphasis is placed on two flight
conditions which represent the extremes of the "vehicle gain":
Case 1 Spacecraft with Capsule and fuel
Case 2 Spacecraft without Capsule and with fuel depleted.
The analysis below considers the response in the pitch plane where the greatest change
in moment of inertia occurs from Case 1 to Case 2. This is reporte d in VB220FD113.
The following study shows that the primary dynamic effect which must be considered in
the analysis is the in-plane inertial coupling of the engine mass and moment of inertia
to the vehicle dynamics (the so-called "Tail wags dog effect"). Unless this effect is
fully considered in the design of the control system, the controls could lead to an un-
stable response.
44 of 72
CII - VB234AAI05
A control system has been designed for a vehicle configuration which has the Capsule
CM at the forward end of the capsule. The "aft cg" lander case can also be stabilized
but will require a control system phase reversal at the time of ejecting the capsule
and possibly a change of compensation. The effects of inter-axis inertial coupling as
well as the dynamic coupling of the various sub-parts of the vehicle to the main vehicle
have not been evaluated extensively (e. g., antenna, planet scanner). Preliminary
analysis indicates that, for the vehicle response selected, these effects are of rela-
tively lesser significance.
The analysis to follow shows that the forward gimbaled configuration can be controlled
and stabilized over the range of anticipated mass variations of the vehicle provided
that a reasonable separation between pivot and system CM can be maintained. The
system was designed for a minimum separation distance of five inches. It is felt that
this cannot be reduced significantly and still maintain satisfactory performance.
Furthermore, assuming the maximum anticipated disturbance effects, * the thrust
vector can, at all times, be held to an error of less than the 1 {/ specified of 0.5 °.
In the following analysis, it should be kept in mind that the important response to be
controlled is thrust angle in inertial space rather than vehicle angle as would be the
case of the vehicle - fixed engine. This results in a somewhat lower gain system than
would otherwise be expected.
3.3.2 STABILITY AND CONTROL OF THE VEHICLE AND THE THRUST VECTOR
3.3.2.1 GENERAL
Figure 3-19 shows the conventions used to describe the stability- and control of the
vehicle and the thrust vector.
Vehicle CM i
I
e CM
I +e
I
I
I
Figure 3-19. Vehicle Stability and Control Thrust Vector
*A Gimbal thrust application point displacement of 0.125 inches (3 a) and a vehicle CM
lateral displacement of 0.125 inches (3 _) with lander or 0.48 (3 {7) without capsule.
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_'1
_2
5
0
Distance of Gimbal Point from Vehicle CM (positive as shown)
Distance of Gimbal Point from Engine CM
Engine Gimbal Angle
Vehicle Pitch Angle
(positive as shown)
(positive as shown)
(positive as shown)
In the absence of any mass or thrust misalignment, the direction of the thrust vector
would be given by the angle B where
B=O+6
For the present purposes, we will choose a B reference, 8 = 0 so that the control
system will have the objective of nulling the sum of e + 6 o
The total pointing error of the thrust applied to the vehicle will be a result of errors
in the initial pointing (e. g. due to gyro or tracker reference errors) as well as transient
and steady state errors in the system due to undesired vehicle torques and forces.
3.3.2.2 DISTURBING FORCES AND TORQUES
The primary disturbance effects which are responsible for unwanted torques and lateral
forces are:
Lateral shifts of vehicle cm, Yc
Lateral shifts of the thrust application point, yp, on the main part of the vehicle.
Thrust alignment errors, 8 T relative to engine axes.
The effect on the translational and rotational dynamics are shown in Figure 3-20.
Shift of Thrust _ yp
Application Point iv
CM shift of Vehicle--y c
Thrust direction
when 8 = 0
Figure 3-20.
CM of Main Part
of Vehicle
Translational and Rotational Dynamics Schematic
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or
Thrust torque on vehicle = F (5 - ST) £1 + F (yp
Lateral force on vehicle = -T (0 + 5 - 5 T)
- yc )
Pointing error of the thrust vector = (0 + 5 - ST)
In the steady state case, the vehicle torque must be reduced to zero
Therefore
1
and the thrust pointing error B will be
SS
=0 +5 -5 T8ss ss ss
or
1
In Section 3.3.3 of this report it is shown that alternative control designs can be conceived
which will cause different values of 0ss. In general, simple controls can be devised
which will result in a value of 0 which will either minimize the lateral off-set effect
s_
(i. e., the effect of Yc - Yp ) on guidance errors or, in an alternative configuration,
which can minimize the thrust misalignment effect (i.e., the effect of 5 T) on the
guidance errors.
Further extension of the autopilot design could, if necessary, incorporate lateral
accelerometers, which would permit the minimization of both of these effects on the
thrust pointing. However, for the vehicle configuration selected and the anticipated
misalignments and center of mass (cm) shifts this additional complexity does not
appear warranted.
The largest source of thrust pointing error appears to be due to relative lateral shifts of
the thrust point and the vehicle center of mass (i. e., the effect of yp - yc ) and hence
the autopilot should be largely designed to reduce this effect.
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3.3.3 DESIGN OF THE AUTOPILOT
3.3.3.1 GENERAL
This section discusses the various logical steps in the evaluation of an adequate attitude
control system for the "forward gimbaled" configuration.
The vehicle pitch (and yaw) response have been shown (see Appendix I) to be described
by
F
$20= (- aS2+b)(6- 5T) + -_ (yp-Yc)
where
2
r + - £2 mge (£2 £I) e
F£ 1
b-
I
and
r
ge
m
e
= radius of gyration of engine
= mass of engine
I = Vehicle Principle Moment of Inertia
F = Thrust of Engine
3.3.3.2 CASE OF AN IDEALIZED ATTITUDE FEEDBACK AUTOPILOT
In the simplest system, one might consider a control where gimbal angle is commanded
to be perfectly (negatively) proportional to vehicle angular displacement from the de-
sired reference angle as shown in Figure 3-21.
The response of the thrust pointing direction (B = 0 + 5 - ST) to the two disturbances
shown is given by:
- (l-k0) (- aS 2+b) 5 T + (1-k 0) _ (yp- yc)
: _ ........ _ ...... 5 T
(1-k0a) S + bk 0
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-6 T 1 j I eJ c 7 -aS + b S2
Figure 3-21. Idealized Attitude Feedback Autopilot Schematic
It is evident that this response is unstable for gains where k 0 > 1/a and has an un-
damped natural frequency of _/kfgb/(1 - ak0) where k O < 1/a. This response to a mis-
alignment torque alone is described qualitatively bythe root locus plot of Figure 3-22.
A physical interpretation of this instability may be visualized in the following way:
the vehicle angular disturbance resulting from the two types of disturbances results
in a command to the autopilot (in this case, simply an ideal gain of -k.0 ) a displace-
ment in the gimbal angle. The gimbal angle experiences an aceelerahon and conse-
quent displacement which are negatively proportional to that of the vehicle. The
gimbal acceleration, through the mechanism of inertial coupling causes a destabilizing
torque to inertia ratio on the vehicle which is porportional to (+ak 0 $20). The thrust
torque to inertia ratio however is stabilizing and is proportional to (-bk 0 0). The
response of the vehicle can then be written
820 = +ak 0S 20-bk00
or
C(1- ak 0) S2+bk 0 _ 0= 0
For the simple idealized case then, the inertial coupling has an effect equivalent to
reducing the moment of inertia of the vehicle. If the feedback and the mass/geometric
factor, "a", are sufficiently large, the result is to produce, in effect, a "negative
inertia" which, of course, cannot be stabilized with a "stabilizing thrust torque".
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=O
imagina_'y
S plane
C_ real
Figure 3-22. Ideal Autopilot Position Feedback Only (a>0)
This single idealized attitude feedback autopilot is inadequate because, depending on
feedback gain, it is unstable or, at best, has an undamped oscillating response.
Some form of further stabilization is required.
3.3.3.3 CASE OF AN IDEALIZED AUTOPILOT WITH ATTITUDE AND ATTITUDE
RATE FEEDBACK
The initial consideration to stabilize the idealized autopilot might be to add attitude
rate feedback. As shown below however, this can lead to instabilities unless further
compensation is added.
The closed loop thrust direction response, /_, is shown in Figure 3-23.
The closed loop response of the thrust pointing is described by:
B=I{-(korla)S3+(1-ko)aS2+(ko'rlb)s-(1-ko)b}ST+{ko'rlS+(1-ko)}F(yP-Yc)l_(ko_a)S 3 + (1-k0a)S 2 + (korlb S + kob -ST
which indicates an unconditional instability due to a de-stabilizing rate of acceleration
(a negative "jerk") characterized by the term -ak e rl s3 in the characteristic equation.
This response is described by the qualitative root locus plot of Figure 3-24.
3.3.3.4 CASE OF AN AUTOPILOT WITH ATTITUDE, ATTITUDE RATE
FEEDBACK AND REALISTIC ACTUATOR DYNAMICS
The foregoing control system can be stabilized by "slowing down" the autopilot re-
sponse. This can be accomplished in several ways. However, it is convenient that
the compensation introduced by realistic actuator dynamics is sufficient to ensure a
stable response (rather than the "infinite response" frequency) of the actuator implicit
in the idealized analysis thus far. This closed loop response is shown in Figure 3-25.
The thrust pointing response to the two disturbances is given by:
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-5 T
____J+ .( _ -aS2+b
F_(yp _yc)I
Figure 3-23. Closed Loop Thrust Direction Response Schematic
imaginary
real
Figure 3-24. Ideal Autopilot Position and Rate Feedback
An inspection of this response function reveals that the response is stable over a wide
range of actuator dynamics and other system parameters.
Specifically the response is stable if
25A >k0_ _A a
and
l>ak 0
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-8 w
F {yp_Yc)I
-as + b |+
VEHICLE
8
-_W
2
o¢A
$2+28A o_A S + O_A2
ACTUATOR
_--.] -Ko(I + "rib-") ]_
Figure 3-25. Closed Loop Response of an Autopilot with Attitude Attitude Rate
Feedback and Realistic Actuator Dynamics Schematic
Realistic natural frequency and damping ratio of an actuator with position feedback are:
0¢A = 30 rad/sec
5A = 0.8
Also for the Voyager configuration considered the value of "a" ranges from:
Case I
Case 12
Then in Case I
a = 0.00490
a = 0.00839
(with capsule and all fuel)
(without capsule and all fuel depleted)
and
k o should not exceed 204
should not exceed
26
A
- 10.9
%a
53 of 72
CII- VB234AA105
Likewise for Case II
k,_ shouldnot exceed 119
k0T 1 should not exceed 6.4
The limits indicated for stability assume that the actuator dynamics are the only
method stabilizing the de-stabilizing "tail wags dog" inertial coupling. If it were
desirable, additional compensation could be inserted into the control system so that
the feedback gain could be increased even further. However, as indicated later the
upper limits specified above are more than adequate and the gimbal actuator can pro-
vide sufficient stabilization for the configurations considered. In fact considerable
latitude on the selection of the actuator dynamic response is possible without jeopar-
dizing the stability of the response. Satisfactory response has been demonstrated
when o3A is less than 15 radians/sec. This response is described qualitatively by
the root locus plot of Figure 3-26.
In a physical interpretation, the dynamics of the actuator have effectively slowed down
the response of the gimbal acceleration and acceleration rate so that the initially de-
stabilizing inertial coupling effect is less than the effect of the stabilizing thrust torque
term.
The steady state response of the system /3ss will now be investigated.
foregoing relationship it is evident that:
T _F _
flss --k 0 b I (Yp Yc )
From the
or substituting for the value of "b"
5 T
fl - +
ss k 0
Note that if k 0 = 1 then _ss = -ST
Analog computer results (some of which are shown in the next section of this report)
show that a value of ko = 1 may not provide optimum transient response for Case I
(i.e,, with capsule and with fuel).
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IMAGINARY
AXIS s plane
\
\
REAL AXIS/
/
Figure 3-26. Autopilot with Actuator Dynamics,
Position and Rate Feedbacks
If, then, k 0 need be greater than unity in order to satisfy transient response require-
ments, this type of control may be satisfactory if
Yp - Yc [
£1 I < 5 T
However, for the present configuration, the following 3 _ values of the distrubances
are anticipated:
Case I
(with Capsule
and fuel)
Case
(without capsule
and without fuel)
5 T
(rad)
0.004
0.004
£
1
(in.)
5
25
0.125
0.487
Yp- Yc
(rad)
0.025
0.019
This suggests that we may wish to modify the control to reduce the lateral velocity
guidance errors due to (yp - yc/£ 1).
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3.3.3.5 COMPENSATION FEEDBACK TO THE ATTITUDE REFERENCE
As discussed before, the control system can be modified further to reduce the steady
state error when ke _ 1. This can be done by establishing, in effect, a "0 reference
bias" equal (1 - l/k0) (yp - yc)/£1. This must be done through a relatively long time
constant T2 so as to avoid instability in the transient response.
The schematic (Figure 3-27) shows that adding such a "bias compensation" has the
effect of adding a "time constant" feedback around the actuator. The gain of this
feedback signal is designated as C.
F (yp-Yc) - 5 T
+ VE HIC LE
"BIAS COMPENSATION"
C i
1 + T2S
.___.___
-K0O_A2
S2 + 2SAGAS + WA 2
ACTUATOR
r
(1 + T1S )
+
LEAD COMPENSATION
Figure 3-27. Compensation Feedback to the Altitude Reference Schematic
Then the thrust pointing response becomes:
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or in the steady state:
flss - T k 0
Yp - Yc
The steady state effect of (yp - yc/_l ) can be eliminated by selecting C
then flss = - 5T
= (1 - 1/ko)
This is attractive since 6 T is expected to be well within the total thrust pointing re-
quirements from a guidance point of view.
Based upon the anticipated disturbing effects on the vehicle and the thrust pointing
specifications this type of control is recommended for the gimbaled engine.
Section 3.3.4 of this report shows the response for this type of control with various
parameters.
3.3.4 ANALOG COMPUTER RESULTS
The response of the autopilot was further evaluated by means of the analog computer.
The same two extreme flight conditions as discussed previously will be considered
here. These two cases have the parameters indicated in Table 3-2.
Other parameters are:
, )2(Radius of gyration of engine) 2 (rg e -- 1.85 ft 2
Engine Thrust, F = 2200 lbs
Engine Mass, m = 3°0 slugs
e
Actuator Natural Frequency, ¢0A = 30 rad/sec
Actuator Damping Ratio, _A = 0.8
The objectives of the analog computer study were to:
a. Investigate transient response.
b. Select system parameters (e.g., gains, time constants) for each condition
of the vehicle.
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Table 3-2. Flight Conditions Comparison
Case 1
lu_fh oapmt!]o
and fuel)
Case 2
(without capsule
and without fuel)
Vehicle Parameters
£1(ft)
0.42
2.08
£2(_)
2.67
2.67
I (slug ft)
4803
1224
a_
Transfer Function
Parameters
2 -_
rge+(£2-£1 ) i:
I £2 me
m _
O.0049
0.0066
_--.
F£
1
tad
O.194 ---9
sec"
3.74 __rad
sec 2
Co Determine whether system parameter scheduling is required or if a compro-
mise fixed set of system parameters would provide an adequate response for
all conditions.
In the subsequent analysis 3ff value of all disturbances are assumed. * Furthermore
the disturbances are inserted in a directly additive way. Hence, the response (which
we will show is generally quite satisfactory) tends to show a "very worst" case
response.
About 200 computer runs were made to evaluate the system response. Only typical,
good responses, for the recommended system are shown here.
The general approach was to select system gains and time constants which would give
adequate steady state performance and the best transient response in vehicle condition
I (i. e., with capsule and fuel).
Then the response of the same autopilot in condition II was evaluated (i. e., without
capsule and without fuel) to determine if system parameter scheduling might be re-
quired. This appeared as a reasonable approach since the transient response in
Case I (where very short mid-course corrections might be required) is more critical
than the transient response during the retro-maneuver.
Table 3-3 lists the conditions for the representative computer results which are shown
here. The notation conforms to that of Figure 3-28.
Each record shows the response of _, 0, 0, fl, and also _ Bdt. It should be recognized
that the t' Bdt is a measure of the unwanted lateral velocity error due to autopilot per-
formance and is therefore a figure of merit of the guidance system.
*As listed in Table 2-1 in paragraph 2.1.1 of the previous section.
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Table 3-3. Representative Computer Results
Computer
Record
1
2
3
Flight
Condition
1
2
2
Ko
4
4
1
System Parameters
T 1
(sec)
0.3
0.3
0.2
C
(l-l/K0) = 0.75
(l-l/K0) = 0.75
(1-1/Ks) = 0
T 2
(sec)
0.8
0.8
0.5
Input
Disturbance s
Yp- Yc
_1 5T
(rad) (rad)
0.025 0.004
0.019 0.004
0.019 0.004
Computer run No. 1 shows that for K 0 = 4 the 3ff value of f_ can be at all times less
than 0.9 degrees even when 3a values of both disturbances are introduced additively.
fl exceeds 0.5 ° for only a brief period of four seconds. For short mid-course correc-
tions the average value of B is shown plotted in Figure 3-29 as a function of burning
time •
In this "worst case" approach the average value of fl never exceeds 0.7 degrees, which
is well below the total 3(_ apportionment of 1.15 degrees (20 milliradians). As dis-
cussed previously Bss approaches 5 T = 0.25 ° (4.5 milliradians).
The maximum vehicle rates never exceed 0.5 °/sec.
This performance appears most acceptable.
The performance of the same autopilot (i. e., same gains and time constants) controlling
the vehicle after lander deployment and after most of the fuel is expended is now
considered.
This is shown in Computer Trace No. 2. Here a peak value of f_ of 1.6 ° occurs for
a very brief period. B exceeds 0.5 ° for a duration of less than two seconds. During
this time vehicle rate reaches a peak of only l°/sec. The response rapdily reaches
a steady state response of f_ss = 0.25.
Since this condition will be significant only during the rather long duration retro-fire
maneuver, it can be expected that this response will be quite adequate. If, however,
there is any further need to reduce the peak excursion of fl during the transient, this
can be done by gain scheduling. Computer Trace No. 3 shows this response with a
gain of K 0 = 1. In this case C = 0 and B reaches the momentary peak of only 0.7
degrees.
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A(de_o
-0.5
-1.0
-1.5
-2.0
0
1.5
1.0
0.5
0
deg
sec
+0.5
0
-0.5
1.0
#
0.5
0
-0.5
-1.0
$_dt
deg sec
10
t................ _ ............
RUN1
,iiiJ_i
RUN 2 RUN 3
Figure 3-28. Computer Traces for Runs 1, 2, and 3
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1.4
1.3
1.1
1.0
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.9
0.8
<
0.7
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< 0.5
0.4
0.3
3 0 "SPECIFICATION" ON]$
p
p
p
I I I
1 2 3
0.2
0.1
• I I I
0 4 5 6
S.S. VALUE
I I I I I
7 8 9 10 11
DURATION OF MID-COURSE CORRECTION (Scc)
Figure 3-29. Average Value of Thrust Pointing Error as a Function of Mid-Course
Correction Burning Time when System is Subject to Additive 3_ Disturbances
Based upon the foregoing analysis a fixed system parameter autopilot is satisfactory,
The parameters shown in Computer Traces No. 1 and No. 2 should be employed.
That is:
K 8 =4
T 1 = 0.3 sec
T 2 = 0.8 sec
C = 0.75
The analysis shows that the response is not critical to these exact values. Wide
changes in parameters can still result in acceptable response. Furthermore, the
analysis has shown that the actuator response frequency can be considerably reduced
to something less than 15 radians/sec.
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3.4 ROCKET ENGINE GIMBAL ACTUATION
3.4.1 INTRODUCTION
An investigation and a preliminary design of rocket engine gimbal actuators was per-
formed. The objective of the study was to select a promising method of actuation
which would satisfy the bandpass requirements of the Autopilot. An actuator response
of 30 radians per second with a damping factor of 0.8, was felt to be adequate and the
design was based on this value. It was subsequently demonstrated (Section 3.3.0)
that such an actuator bandpass is indeed entirely adequate for autopilot design. In
fact the response might be reduced if this should provide a power reduction or im-
prove reliability of the actuator.
A preliminary study investigated both hydraulic and electromechanical actuators.
From this study it was concluded that electrical actuation was both lighter and more
reliable for the current application. More detailed investigations considered electro-
mechanical systems only.
Details of an electromechanical actuator design are presented in the next section.
This is not necessarily an optimized design. It does demonstrate that an electro-
mechanical actuator with a response of 30 radians per second and a damping ratio
of 0.8 can be designed with conventional equipment.
3.4.2 DESIGN OF AN ELECTROMECHANICAL ACTUATOR
The electrical actuator considered consists of a d-c motor, tachometer, a 5:1 gear-
box and b/b screw having a travel of about 3 inches (Figure 3-30). The design of the
actuators for pitch and yaw gimballing are identical, except for the steady state gain.
The pitch-gimbal actuator is designed here to obtain bandwidth, gains and damping in
accordance with an investigation which established autopilot gains and time constants.
3' [
i
Figure 3-30. Electrical Actuator
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That investigation utilized a 2nd order model for the actuator with 30 rad/sec natural
frequency and damping of 0.8, while steady state gain was in the range from 1.0 to
12.5 for midcourse and deboost maneuvers respectively.
The tachometer motor for the pitch-plane actuator is attached to the vehicle along the
yaw axis so that the actuator may remain parallel with the engine's longitudinal axis
during gimballing in yaw. The actuator is assumed to be attached 1 foot from the pivot
point of the engine. The output-end of the actuator transmits force to the engine
through an arm which is attached to the engine near its neck. The nominal length of
the actuator is assumed to be 3 feet. When gimballing is commanded, rotation of the
motor causes the nut to move up or down along the leadscrew thereby increasing or
decreasing the actuator length. The relation between gimbal angle and leadscrew
travel may be obtained as follows:
-1
B = tan 1/3 = 18.4 °
To find angle A, define n + m =
and
n --_ m -
/T6
= /i0-n- (£-1) (£ + i)
/Y6
n = 1/2 [ J10- (£- i) (£+ i)/i-6
Since n = b cos A = cos A then
n
_---1 v
L°
3'
[ JA = cos -1 I0- (£- 1) (£ + i)2 iJiE
letting A£ = £ -3' and B = 18.4 + A. Figure 3-31 shows the desired relation.
The forces which must be transmitted depend on the gimbal angle _ and its derivative.
Dependent on _ are:
spring force 2.51bs/deg or = 1431bs/rad
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mass deflection force 51bs/deg or 286 lbs/rad
K = 143 + 286 = 429 lbs/rad
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1.0 .8 .6 .4 .2 0 ..2 .-4 .-6 .-8 -1.0
Figure 3-31. Gimbal Angle (¢v) vs. Actuator Length (_$)
Dependent on o_ is 0.51bs/rad/sec = D
Using this information the differential equation for the pitch motion ¢_ (t) is
(JE $2
where
JE
D
K
T E
+Ds+K) G = T E
= 32.2 slug ft 2
= 0.51bs/rad/sec
= 4291bs/rad
= torque applied
Using a maximum torque requirement of 100 lbs/ft and aduty cycle of _ (t)
the power at the engine was found to be 12 watts.
1.25
= 57-"7"_.sin 4 t
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A Saginaw b/b screw having a diameter of 3/8 inches, a pitch of 1. 8 inch and an
efficiency of 90% requires an input torque of 0. 185 lb/ft.
T = 0.185 lbs ft
S
Using a 5:1 gear with an efficiency of 92% the required motor torque is
T M = 8 oz-in
The maximum gimbal rate is 0.008 rad/sec. This results in a maximum linear
velocity of the nut of the b/b screw of 0. 083 feet per second and a rotary speed of
the screw of 480 RPM. Motor speed is 2400 RPM
One available motor for this application is made by Inland Motor Corporation as
type T-1352A with an output of 20 oz-in torque and a maximum no-load speed of
400 rad/sec. Additional constants for this motor are:
2 2
JM = 10-3 oz-in sec , rotor moment of inertia = 5.2 x 10 -6 ft lbs sec
K
v
-3
= 62x10 volts/rad/sec, back emf
K T = 8.7 oz in/amp, torque sensitivity = 0.0453 ft lbs/amp
R = 11.3 ohms, winding resistance
a
The differential equation of the motor can be represented in block diagram form as
Figure 3-32. The model of engine and actuator can be established once the overall
"gear ratio, N" is determined. This ratio is the relation between rotational speed
of the motor, _, and gimbal rate. Given _ the rate of change in length of the actuator is
= 0.95
S
0.95_
0.12------_(12) 2 ff
9 =5 0.95 112)2,, &
0.125
= 2850 &
This shows the overall "gear ratio" N = 2850. Using Figure 3-32 and the differential
equation for the engine, the following relations may be written:
= s2
TE (JE + Ds + K) (_
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Figure 3-32.
1 1
= __ T E -N N
= JM s 9
Motor Differential Equation Block Diagram
_JE 2 _1
s +Ds+K)
T M
KT
- R (e -K e)a v
a
9
=
N
Substitution and elmination of 9 and its derivatives results in the following transfer
function
R s 2 s£ KR
o a _-- a
M N2 + JE TKv N2 + DR
which may also be represented by the block diagram shown in Figure 3-33.
1
(T s + TmN2) S
K 1 K 1 N 2
D+
R
a
L
1
I
S
Figure 3-33.
m
Transfer Function Block Diagram
X
v
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Using the numbers available:
K T N
= 11.4
R
a
K
JE + JM N2
- 5.9
KR
a
KTKvN2 + DR a
= 0.215
The transfer function is now
£
O
0.0265
2
S S
--+--+1
5.9 0.215
The factored denominator is
1 (s 2 1+ 27.5s + 5.9) =5.9 5.9 (s + .21) (s+27.8)
so that
O_ O. 156
£ (s+0.21) (s +27.8)
0
Using amplification, tachometer feedback and position feedback to give steady state
gain of K A , the closed loop transfer function from gyro-package output, v, to gimbal
angle (_ will now be made to behave as a second-order process with 30 rad/sec natural
frequency and damping of 0.8.
There are a number of ways to determine the coefficient for the tachometer feedback.
The coefficient is assumed to be 1/45 to cause an "upbreak" on the Bode-plot at
u)= 45 rad/sec. The open-loop gain will be set such that the gain is unity at u_ = 30
rad/sec. Thus the transfer function becomes
K
eq
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Ats=j 30,
K (1 + j.67)
eq
(1 +j143) (1 +jl.08)
= 1
K _ 185
eq--
The open loop transfer function is
S
185 (1 + 45)
+___s + s
for which the Bode plot is shown in Figure 3-34 and the closed loop transfer function
for K A = 1 is
a 185
v s + 1 2--7.8+1 _-_+1 185
1
S 2
+ 0.0482 s* 1
1090
The selections produce a natural frequency and damping better than necessary. If
desired, the requirements may be more closely matched without difficulty. For
instance, a gain of 165 would produce 0_= 31 rad/sec and damping of 0.8.
For the high-gain case i.e. K A = 12.5, the block diagram for the closed loop system
is shown in Figure 3-35.
The closed-loop transfer function is
0_
v
(12.5) (165)
) /s +1 s +1 + 12.----"5 165
0_ 12.5
v 2
s
+0.0513s+ 1
975
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(12.5) (16.5) I(s s0.21 + 1) ( + 1)
(S + 1) 1 ]45 i2.5 I
GIMBAL ANGLE
Figure 3-35. Closed Loop System Block Diagram
In both these cases, the ratio of tachometer feedback to position ((_) feedback is 1/45.
(See Figure 3-36.) Since gain changes are implied by the two different values for KA,
it becomes necessary to insert a gain of 12.5 after completion of the midcourse
maneuver but before orbit acquisition is initiated. This may be accomplished by
inserting a gain of 12.5 at the output of the gyro package or, rather, to remove a
12.5:1 attenuation.
GYRO
__ 12.5 K 165
V_11__+ _ --+S2 --+S 1 : GIMBALANGLE
5.9 215 &
Figure 3-36. Tachometer Feedback Schematic
Since the tachometer generator is mounted on the same shaft as the d-c motor, the
tach measures motor speed and its output must be attenuated by a value proportional
to N.
Further factors to consider are the resolution obtainable from these devices, especially
the linear transducer, and the amplifier noise level. These factors determine the
amount of residual pointing error of the thrust vector and therefore an unbalanced
torque which causes limit cycle operation in the system. For instance, a typical value
for resolution might be 0.001 inches, so that an error in gimbal angle of approximately
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0.005 degrees remains. If the vehicle mass during orbit acquisition is 2 feet below
the engine pivot point, the moment arm for the residual thrust is about 2 x 10 -4 feet
resulting in a torque of 1/2 ft-lb. This torque then sets off a limit cycle depending
on the resolution of all the sensors and amplifier noise levels in the autopilot loop.
However, when this resolution error is expressed as an equivalent center of mass
displacement of 0.0002 ft., the magnitude of this error is perhaps considered in
proper perspective.
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APPENDIX I
DYNAMIC RESPONSE OF THE VEHICLE CONSIDERING ENGINE THRUST AND
INERTIAL COUPLING OF THE ENGINE
This appendix develops the principal dynamic coupling effect which must be considered
in the development of the autopilot.
The vehicle is considered to be comprised of two bodies: "the Main Part" and the
Engine.
The rotational and translational response of the vehicle is described by the coordinate
systems of Figure I-1.
ENGINE
GIMBAL
POINT
CENTER OF
MASS OF £2
"MAIN PART" (hi) £
3
CENTER ;
OF MASS
OF TOTAL
SYSTEM
Y
CENTER OF
MASS
OF ENGINE (me)
Figure I-1. Rotational and Translational Coordinate System
No relative lateral displacement of the center of mass from the gimbal point is as-
sumed initially.
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The total angular momentum of the system about the total system center of mass is
given by:
H = I 0 + Ie ({_ + 5) + (M£32 2+m `6 )& (1)e 4
Equating the external applied torque to the time rate of change of angular momentum the
following is obtained:
oo
- + m `6 ) q_ (2)FxY p+ F Xp = I0"+I e (0"+_') + (M`632 2Y e4
where Xp and yp are the coordinates of the gimbal point. But, by inspection, the left
hand side of this equation, using small angle approximations, equals:
-F xyp + FyXp = - F (`63(° + `61 0) + F (5+ 0) (`61 +'63) (3)
Hence:
eo
+ `610) + F (5 + e) (`6 + = ie('_+ (M`632 2)1 _3) Ie + 5") + + m `6 O (4)
- e4
But from inspection:
`6 +`6 +£ =£
1 3 4 2 (5)
also
M`63 = m £e 4 (6)
and
(Ye-Yp) = `62 (5 + 0) = (`63 + `64 ) _ + £1 0
where Ye is lateral coordinate of engine C.M.
Substituting equation (5) into equation (7) results in
52(O=O+
,6 -£
2 1
(7)
(8)
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Solving equations (5) and (6) for _3 and _4
_3
_4
m
e
(_2 - $1 ) M-"
m
e
i+_ M
m
e
I+--
M
(9)
(10)
Substituting equations (8), (9) and (10) into equation (4) yields:
I - _2 6-F (_2 .$1) -_ + - + _1 e + F (e + 5)m .$2 - "_e 1/
1 + --_--
('$2 - .$1) Me-
" "_" +.$1
1+_._ e
M
= I0"+I e(O'+Si +
---'m-"--_ + m 2 0 + _ :"'.$1
J
Rearranging terms and using the Laplace operator yields:
0
m ___
5
_S 2 e "+ + m .$ (.$2-.$1 + F £e 2 1
S2E(I+Ie) /l+_----e)+me(.$2-.$1)21
which can be approximated by
0 -S 2 a+ b
5 2
S
(11)
(12)
(13)
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where
f 2m +m _ -£e ge e 2 (_2 1
"_ (14)a_._ I
and
F_
1
b "_ I (15)
where r is the radius of gyration of the engine.
ge
In addition to the 0 "output" that results from a 5 "input", there is also a torque on the
body resulting from a relative lateraldisplacement of the center of mass and the gimbal
point, (yp - yc) which is equal to:
F
S2 0 =_- (yp -yc) (16)
Also because of possible engine thrust misalignment, the zero thrust gimbal angle will
be 5 T. Hence, the total response is
tS ) F0 = a2+b (5- ST) +-- (yp-Yc).
S S21
(17)
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1.0 INTRODUCTION
The following requirements are set forth in the Voyager 1971 Mission Guidelines:
1. Establish an arean orbit with periapsis accurate to 500 km. (3_) and the orbit
plane accurate to 5 degrees (3_).
. Land a capsule at a predetermined latitude and longitude, each accurate to
7.5 degrees (3_). (This roughly corresponds to the periapsis accuracy of
500 kin. )
The projected navigation accuracy for 1971 is approximately 350 kin. (3_), which is
adequate for the 1971 mission requirements. It is anticipated, however, that the later
Voyager flights will require even greater accuracy. To be useful, the Approach
Guidance Subsystem must be at least as accurate as the projected DSIF accuracy. If
it only attains this accuracy it may be used to corroborate the DSIF measurements; ff
it attains a higher accuracy it may be used to improve the accuracy of the bus arean
orbit and capsule landing site.
2.0 REQUIRED MEASUREMENTS
A linear analysis was performed during an earlier Voyager study of the effects of
position and velocity errors on the bus periapsis radius and the lander site location.
This analysis showed that the accuracy of the DSIF velocity estimates is more than
adequate, so that the Approach Guidance Subsystem need not measure velocity. In
addition, if the position errors are approximately spherically distributed (i. e., that
the errors are nearly the same in all directions) then the "timing error" (position
error along direction of travel) is of little consequence. To a first order approximation
its effects upon bus periapsis radius and lander site location are zero. A Monte
Carlo analysis performed during the current study contract has shown that the effects
of higher order terms must be small, so that the timing error from DSIF needs no
improving.
Consequently, the only two quantities to be estimated by the Approach Guidance Sub-
system are the impact parameter and the distance from the nominal approach plane.
If the lander were to remain in the approach plane probably only the impact parameter
would need be improved; however, rotation of the landing plane from the approach plane
may be necessary.
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3.0 ACCURACY REQUIREMENTS
The impact parameter and the rotation of the approach plane can both be determined
from an angular measurement of the direction of Mars from the spacecraft. If a
measurement is taken approximately two days from impact, at a distance of 500,000 km.,
then it must be accurate to _ 350^^ radians or 0.7 milliradians (3a)to equal the
_UU ,UUU
projected DSIF accuracy of 350 km (3 a). If this measurement is taken just prior to
capsule separation, at a distance of 200,000 km., then an accuracy of 1.75 milli-
radians is equivalent to 350 km. error.
In addition to the guidance errors there will be "execution errors" which arise in the
thrusting maneuvers that place the bus into arean orbit and the lander capsule on an
impacting trajectory. These errors will be in the neighborhood of 1 km/hr, leading
to a landing site dispersion of about 50 km. Since these maneuvers take place sub-
sequent to approach-guidance measurements, it is fruitless to design an Approach
Guidance Subsystem whose accuracy is far superior to the execution errors. A 50 km
landing site dispersion would be caused by about a 20 km guidance error. The point
of diminishing returns, therefore, would be an angular measurement accuracy of
20
radians, or 0.04 milliradians, (0.1 mrd if measurement taken at 200,000 km)
500,000
unless the execution error is reduced, for example by the use of vernier engines.
In summary, the accuracy of the approach guidance measurement should be greater
than 0.7 milliradians (3_). To obtain a significant improvement over DSIF the
measurement accuracy should be better than this by about 2 to 1. With this in mind an
accuracy goal of at least 0.3 milliradians (3_) is set for the sensor. The design of the
approach guidance sensor should not be compromised to obtain accuracies greater than
about 0.04 milliradians (3if}, however, since little system improvement is realized
beyond this point.
4.0 NOISE CONSIDERATIONS
The actual accuracy of the impact parameter estimation depends upon the nature of the
sensor error, that is, whether the error is systematic, random or a combination of
both. This information is not yet available for the actual sensor to be used, so a
general expression for the attainable accuracy of estimation was developed, assuming
the sensor data contains both random and systematic errors. This analysis is pre-
sented as Appendix I. Numerical values based upon Voyager 1969 Mars mission are
used to obtain numerical results, from which conclusions may be drawn for other missions
as well. These results are plotted in Figures I-2A through I-2Z of Appendix L Figures
I-2A through I-2Rpresent the accuracy of the estimated impactparameter as a function
ofthe range from Mars when the first measurement is taken , with the measurement rate,
the standard deviation of the sensor random noise,the initial uncertainty in sensorbias,
and the range from Mars when the last measurement is taken as parameters. A DSIF
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accuracy of 350 km (1_) is assumed for these curves. Figures I-2S through I-2V
present similar information for an assumed DSIF capability of 200 km. (lcr) for a single
measurement rate, while a DSIF capability of 100 km. (1_) is assumed in Figures
I-2W through I-2Z.
To be more specific, consider the following conditions which seem likely for the
Voyager 1971 mission:
DSIF capability - i00 km. (i_)
Measurement rate - one per hour
Range from Mars at closest measurement - 250,000 km.
Standard deviation of sensor random noise - 0.1 mrad
These conditions correspond to Figure I-2X of Appendix I. Assume that the initial
uncertainty in sensor bias is the same as sensor random noise, 0.1 mrad. Then the
= 0.1 curve of Figure I-2X shows that the impact parameter uncertainty will be
Eo
reduced from 100 km to about 34 km by a single measurement. It improves very little
more if as many as 16 measurements are taken. Taking 26 measurements (starting
0.5 Gm from Mars) reduces the uncertainty to about 24 km, while 76 measurements
(starting 1.0 Gm from Mars) reduces the uncertainty to about 14 km.
From these figures one concludes that a single measurement is the best policy unless
many measurements are to be taken. This means, of course, that bias is not really
estimated at all.
In the derivation of these results it was assumed that the bias error remained constant
over the measurement period. If the bias does not remain constant then the estimation
accuracy with more than one measurement would be worse than the results presented.
Since it is doubtful that the bias will remain constant over the measurement period
(1 to 2 days) it seems likely that little improvement can be obtained by estimating bias.
5.0 SENSOR DISCUSSION
5.1 GENERAL
As pointed out in the preceding section the approach guidance sensor must measure the
direction of Mars to an accuracy of 0.3 milliradians (3if) or better. Achieving such
accuracy is not an easy task, especially considering that the spacecraft attitude is
nominally controlled to only "13 milliradians;however, it is believed that such a
measurement is within the current state of the art.
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Three distinct approach guidancesensingschemeswere considered: 1) multi-sensors
(individual Sun, Canopusand Mars sensors), 2) TV guidanceand 3) the "Optical
SpaceSextant". *
In the first scheme two-axis measurements of the direction of both Mars and the Sun
are taken, as well as a single-axis measurement of the direction of Canopus, all with
respect to a set of spacecraft reference axes. These five angular measurements define
the direction of Mars in a celestial (Sun-Canopus) coordinate system.
In the second scheme a TV picture of Mars is taken with the field-of-view large enough
to include a star pattern h_-.b4_ .... _d The roslt.o- of the Mars image on the screen
relative to the star pattern image defines the direction of Mars in inertial space.
The third scheme is a combination of the other two schemes. It takes a TV picture of
Mars, the Sun and Canopus simultaneously by means of three separate optical as-
semblies which are combined by fiber optics and imaged on a single vidicon tube. Each
optical assembly has a narrow field-of-view so that no background objects are included
in the picture. The positions of the Mars, Sun and Canopus images on the screen
define the direction of Mars in a celestial coordinate system• The TV picture provides
two-axis measurements of all three bodies. Only three celestial measurements are
required, but the fourth may be used as a confidence check.
Tradeoffs were made in a number of areas prior to choosing the optimum approach
guidance sensor. Tradeoffs of accuracy versus complexity, complexity versus
reliability, data compression versus communication requirements and multi-sensor
versus single-sensor concepts were made.
Generally speaking, optical sensor accuracies can be expressed as a percentage of
field-of-view and can be arbitrarily chosen to meet a desired requirement (within
limits) by simply changing the optics, provided the accompanying change in view field can
be tolerated. Unfortunately, for approach guidance the field-of-view requirements are
such that the accuracies as a percentage of field are at or near state-of-the-art limits.
Assuming a spacecraft motion of +3/4 degree, a growth in planet diameter to nearly
2 degrees, and a planet motion of 1.7 degrees in the field, a field of over 4.5 degrees
is required of the planet tracker• With a nominal accuracy requirement on each
measurement of 0.15 milliradian (assuming the 0• 3 mr is equally shared between the
planet sensor and the celestial reference) Mars must be tracked to a relative accuracy
better than one part in five hundred. If the Sun and Canopus are to be tracked for
references these sensors have the same absolute accuracy requirement, although the
relative accuracy is considerably less. With the vehicle referenced to these bodies, the
sensor fields-of-view need only account for their 1• 5 degree or less total relative
motion, and a relative error of less than one part in two hundred is adequate.
*See NASA Contractor report No. CR-133, "Optical Inertial Space Sextant for an Ad-
vanced Space Navigation System" by W.D. Foley et al, of the Armament Control
Product Section of the General Electric Co.
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It is to be noted that the relative errors specified above are to be provided across the
entire field of view. Sensors providing a high accuracy only at null- as manydo -
are unsatisfactory for approachguidance. It is also to be noted that no alignment
error is provided for in the values given. It is assumedthe sensors involved can be
located in sufficient proximity that their alignment, one to another, will add negligible
error: but whatever error must be allowed will subtract from the allowable sensor
error.
5.2 MULTI-SENSORDISCUSSION
In this approachguidanceconceptthree separate sensors are employed, sensing Mars,
Canopusand the Sun. By referencing the direction of Mars to the directions of
Canopusand the Sun, the required fix on the direction vector of Mars is obtained in-
dependentof the spacecraft attitude. This requires Sunand Canopustrackers capable
of the required accuracy over a field of view adequateto cover attitude motions and a
Mars tracker capableof covering attitude motions plus the one-axis drift of the
planet as it is approached.
Becauseof the requirement for precise knowledgeof the relative alignments of the
sensors, it will be necessary to mount them contiguously. This can be doneby
mounting the group on the side of the vehicle such that Canopusand Mars are in view.
then penetrating the skirt in the -z direction with a tube to permit a view of the sun.
The following sections describe possible sensors for use in this application.
5.2.1 CANOPUSTRACKER
The Canopustracker for approach guidancecanbe the same as the current Mariner IV
Canopussensor in basic concept. Two changesmay be indicated: the steppedup-
dating or electronic gimballing is not necessary in approach guidance, and an
effective scaling of the field-of-view and the electron aperture could be made to take
full advantageof the resolution capabilities of the tube. During the entire approach
guidancephaseof flight, Canopus, dependingon flight dates, will move four degrees
or less in the non-measureddirection. Adding two more degrees for vehicle attitude
uncertainty still leaves the total within the instantaneousfield length of the Mariner IV
tracker. If the electronic gimballing feature is deleted, however, it will be necessary
to provide updating of the sensor boresight direction to accommodatedifferent launch
dates. It has beenreported that the JPL - designedCanopustracker provides
accuracies of 20arc secondsover a = 2-degree field in the measurement direction. If
so, this is already adequate for approach guidance; however, it would seem appropriate
to increase the optics focal length, changing the sweep voltages and the instantaneous
aperture accordingly in order to use a larger area of the image dissector photocathode.
In general, the angular displacement resolution of a target image will be a function of
the optics focal length - the longer the better, provided adequate view field is
maintained.
6 of 21
CII - VB234AAI06
CBSLaboratories, vendor of the tube used in the JPL designed Canopus tracker,
reports a useful photocathode diameter of 0.75 inch, but with best resolution over
the central 0.6 inch diameter. Fitting a rectangular view field of 2 by 6 degrees
within this 0.6 inch diameter results in 2 degrees occupying 0.19 inches on the tube
face for a ratio of 0. 095 inch/degree. This is nearly seven times the ratio of the
Mariner tracker and should result in a significant improvement in accuracy. Even
a greater improvement could be made with the use of anamorphic optics, using a
long focal length in the two degrees or measurement axis and a short focal length in
the six degree axis; however it is doubtful that the potential improvement warrants
the additional size, weight and complexity of anamorphic optics.
5.2.2 SUN TRACKER
An off-axis Sun tracker of accuracy sufficient for approach guidance is not readily
available. Several concepts have been advanced, but only one precision off-axis
tracker is known to be in development -- The AOSO Sun tracker being developed by
Minneapolis Honeywell. The basic technique of this device is to use a precision null
sensor and mechanically scan it with the use of optical wedges. This introduces the
reliability risk of mechanically moving parts plus the problems of angle readout (not
so bad with wedges, however, because of relatively large motion required for a
small direction change}.
More promising for Voyager application would again appear to be an adaptation of the
image dissector Canopus tracker. In this case the optics would be small and contain a
filter to attenuate the solar image to a level compatible with the detector. Being an
extended source, unlike Canopus, the Sun will provide a different signal profile to the
processing circuitry; however, with appropriate choice of tube aperture width the re-
quired modifications for this problem should be minimal.
Of more concern is the need for tracking the Sun in two axes. In theory, a measure-
ment of only the single Sun-Mars angle coupled with measurement of the Canopus-
Mars angle will provide the necessary approach information. But, unfortunately, the
accuracy of referencing the Mars vector to a single axis measurement of each of the
celestial references is a function of vehicle attitude; and despite the fact that the
measured value is affected only by the cosine of an attitude error angle of less than
one degree, this is more error than can be accepted for approach guidance.
A Canopus-type Sun tracker would provide only single-axis information. For two axes,
two sensors could be employed. However, since identical fixed and sweep voltages
would be used, only the detector assemblies need be doubled and they could share
common electronics. Either parallel or time-shared signal processing could be used
in this concept.
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Another possibility is to perform the two axis tracking with a single image dissector
tube, employing an L-shaped aperture instead of a slit aperture. The concept would
then effectively scan this L aperture across the view field in onedirection, reading
out one axis information; then scan the L in the orthogonal direction and read out the
secondaxis. Thus on a time-shared basis a single tube and optics could provide the
required two axis information. The feasibility of this orthogonal line scan concept is
currently being evaluatedin an in-house development program. An image dissector
tube with an L aperture has beenprocured andcircuits are being breadboardedfor
this program.
5.2.3 PLANET TRACKER
Tracking the planet Mars during the approachphase of flight poses the most difficult
problem. The field of veiw of this sensor must account for vehicle attitude error, as
did the Canopusand Suntrackers, plus an approximate 1.7-degree change in direction
of Mars as viewed from the Spacecraft during approach. In addition, Mars will ap-
pear as anextendedsource of angular diameter varying from approximately 3/4 to
nearly 2 degrees. Finally, and most serious, is the unsymmetrical image provided by
the nominally half illuminated planet, making impractical a simple centroid-tracking
concept. It will be necessary to obtain sufficient information from the illuminated
limb to permit a calculation of the position of the planet center.
Nosensor is knownto have beendevelopedspecifically for the tracking of anextended
source as presentedby Mars during approach. It is probably possible to devise a
concept which will obtain the planet edgedata, process it on board and provide the
two-axis coordinates of the center; however, it seems more feasible to process data
on board only to the point of identifying limb points and perform the center-determining
computations on Earth.
An image tube-most likely a vidicon-is a potential candidate for the Mars sensor
detector. From a complete video picture more than adequateinformation is available
for an Earth determination of planet center. Actually, data compression circuits
would be usedto reduce the redundancyof information in order not to overload the
communications subsystem. A vidicon, however, is capable of doing the entire ap-
proach guidancejob without aid from other sensors (SeeSection 5.3) and, for this
multi-sensor alternate, a simpler sensor is needed.
Another likely candidateis a sensor employing the ubiquitous image dissector tube.
Using a sensor similar to that proposed for the SunTracker (Section 5.2.2) except
for the optics andfilter density, with orthogonal line scanningtwo orthogonal lines
tangential to the planet limb are determined (assurance that the true limb, andnot the
terminator is being tracked canbe provided by properly adjusting scan directions
before flight). Sincethe planet diameter at any time during the mission canbe
calculated, knowledgeof the tangential line measurements is sufficient to fix the
planet center.
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5.3 TV GUIDANCEDISCUSSION
In this concept a single sensor, a TV camera, provides all the information required
for approachguidance. In principle the target planet is viewed against a starfield
background and its direction vector canbedetermined by interpolating between
precisely knownstar directions.
Actually, to make useof the stars directly surrounding Mars a_ viewedduring ap-
proach presents several possible problems. Dependingon the image tube andcir-
cuitry employed the large difference in effective brightness* between the planet and a
typical star canbe a problem. The number of stars of useful brightness within a
reasonable field of view can also be a problem, dependingon the flight date and ap-
proach trajectory. Consequently, it will be more practical to view a different star-
field for the direction references. This has the advantageof allowing some freedom
of choice of starfield to assure the presence of an adequatenumber of sufficiently
bright stars; however, starfields must beviewed in a direction close to that of the
planet -- or directly opposite -- since, for starfields significantly off the planet line,
pitch or yaw of the planet relative to the vehicle is converted partially into roll about
the starfield line andis not measuredwith goodaccuracy.
Detection of the off-planet-axis star field may be implemented by use of a partially
reflecting mirror to superimpose the starfield over the planet view. An additional
bonus from this scheme is the possibility of using a large percentage of the light from
the starfield and a relatively low percentage from the planet to reduce the effective
relative brightness. This can be accomplished by controlling the partial silvering of
the mirror such that most of the starlight and very little of the planet light is admitted
in the instrument.
With the superimposition of fields it will be necessary to know** the angle between the
two optical axes to an accuracy considerably better than the measurement accuracy
goal. This will require full state-of-the-art laboratory techniques. However, once
set for a specific flight date, updating will be required only if the flight date is delayed
for an extensive period--assuming an area of reasonable star density, i.e., three
or more randomly distributed detectable stars in the predicted field of view. Only if
the calculated change in approach angle becomes sufficient to shift the view field into
a sparsely populated region of space will updating be necessary.
*Actually a star is brighter than the planet in the strictest sense; but, integrated over
the instantaneous field-of-view of the image tube, the planet is effectively much
brighter.
**Note that it is not necessary to precisely set these axes to a given angle. Instead
the angle is set only reasonably close, then very accurately measured.
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A variation on TV Guidance as described above would make use of an image dis-
sector tube with an L-shaped electron aperture (Reference also Section 5.2.2 for
other uses of an L aperture). This concept, called orthogonal line scanning, ef-
fectively scans a line across the field of view, alternately in orthogonal directions.
The output would be a number of x coordinate positions of stars and planet edges, and
independently the y coordinates, with no association of x's with y's. The result is
a redundancy of possible star locations. However, since the starfield in view will be
known for any specific flight, true positions can be distinguished from false ones. The
planet position within the starfield can be determined from the measured orthogonal
tangent line positions plus the a priori knowledge of planet diameter.
Advantages over the full imaging system as first described are the use of an inherently
more rugged tube (cold cathode), a far greater brightness latitude and a considerable
reduction in data for equivalent basic accuracy. To illustrate, assuming a sensor
with a resolution matrix of 1000 x 1000 elements, with the full image TV system a
point must be located among 106 possible addresses. In the case of orthogonal line
scanning only 1000 + 1000 or 2000 resolution elements exist, yet with the same basic
coordinate accuracy in each case (albeit with a priori information required for re-
duction of line scan data).
The prime disadvantage of the orthogonal line scanner is the very poor sensitivity of
the image dissector tube relative to an image orthicon. Also since even with the image
orthicon, assuring an adequate number of detectable stars in the field of view is a
major problem, the probability of a successful TV Guidance sensor based on the image
dissector is likely to be low. However, the increased reliability, dynamic range and
data compression capabilities are sufficiently inviting tradeoffs with optical aperture
to warrant further study before rejecting the possibility.
5.4 OPTICAL SPACE SEXTANT DISCUSSION
The space sextant combines some of the advantages of the Multi-Sensor and TV Guidance
concepts. In addition it has the advantage of being essentially a proven sensor with
some extended capabilities. The basic device is a sensor system that has been developed
and reduced to operating hardware by the Armament Control Product Section of the
General Electric Company on Contract NA 52 - 1087 for Ames Research Center.
The tracker system consists of three optical assemblies combined by means of fiber
optics to present a non-overlapping field array to a vidicon image tube. The optical
assemblies simultaneously view Mars, Canopus and the Sun.
The vidicon, which has an integral reticle pattern to initialize and linearize the sweeps,
serves as the primary sensor of the system. The video output of the vidicon is
amplified by a chain of camera electronics. Pulse center detection circuits define the
planet edge crossing, Canopus center and solar disc center. They provide input to a
digital data processor.
10 of 21
CII - VB234AAI06
The data processor relates the Canopus: Sun and Mars edge crossing pulses to pulses
obtained from the reticle pattern and provides the image plane coordinates of these
points as outputs.
The output of the data processor which can be updated at the end of each frame is in
the form of a 20-bit word for each coordinate set. One set of coordinates for Canopus,
one set for the Sun, and six or more sets of planet edge crossing coordinates are
provided. Thus a full frame of data consists of eight or more 20 bit words. This
would mean approximately 160 bits/frame. The processor will hold the data from one
frame for any specified length of time to allow transmission to Earth.
A sketch of the basic concept is shown in Figure 5-1.
The angular relationship between the three lines of sight will be chosen for the time of
the Martian encounter. Pre-launch alignment of the Mars and Canopus sensors to
account for launch time variations can be accomplished by making use of the flexibility
of the fiber optics or by incorporating an optical wedge assembly in front of the tracker.
A block diagram of the complete system is shown in Figure 5-2, while the pertinent
details of the tracker concept are discussed in section 6.0.
CANOPUS
SUN
CAMERA
ELECTRONICS &
VIDICON
DATA PROCESSOR
OPTICS
ASSEMBLIES
MARS
FIBER
OPTICS
Figure 5-1. System Concept
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6.0 SENSOR SELECTION
6.1 APPROACH
The Optical Space Sextant sensor system was selected for Voyager primarily because
it involves the least development risk. Except for the optics, which require only
straightforward design, the entire sensor system has been built, albeit not packaged
for flight. The required accuracies have been demonstrated.
In contrast, the multi-sensor system, employing separate sensors, requires at least
some development of the fine Sun sensor - assuming one of the in-development sensors
will serve; but even more important, it requires virtually complete development of
the Mars sensor, and with a device considerably simpler than a vidicon, since the
vidicon tube performs the entire approach guidance task in the selected system.
TV Guidance has development problems also, but in addition has some unique concept
problems. Generally speaking at least 4th magnitude and possibly fainter stars must
be detected within a reasonable field of view. This probably implies the need for an
image orthicon tube, and space experience with an IO is either minimal or non-
existent. The large dynamic range required in the simultaneous detection of Mars
and a starfield, while not impossible to achieve, also adds development problems for
TV Guidance.
The remaining development of the space sextant includes the lens/fiber optics heads,
including an updating adjustment for different flight dates, and the packaging of the
two component parts. The data processor will be packaged with microminiature circuit
components and the existing circuits are designed with this object in mind.
System reliability tradeoffs provide no clearcut choice among the three systems con-
sidered. The basic sensor is in each case an imaging tube - or its approximate
equivalent in the case of the planet tracker for the multi-sensor system. The data
processor used with the space sextant system will have a larger parts count than the
multi-sensor system; however, TV Guidance would also require a data compression
system of probably similar complexity.
It should also be noted that, compared with the multi-sensor system, the space
sextant system - and to the same extent also TV Guidance - provides redundant
measurements which could prove useful. Two-axis tracking of the Sun and Canopus
as well as Mars will be provided, while only three celestial measurements are re-
quired.
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6.2 SENSORDESIGNPARAMETERS
The design requirements for the approachguidance sensor are:
a. Rangeof Operation: 500,000 to 200,000 km. from Mars
b. Planet Phase:,_ 90_
c. Vehicle Pointing Accuracy: :0.75 ° (Sun-Canopusreference)
d. Accuracy: provide data which allows determination of center of Mars
relative to celestial references to within 0.3 milliradians (3or).
e. Computations: earth-based computers to operate on relatively raw data
telemetered from the spacecraft
f. Angular Motion of Mars: 1.7 _ maximum during the tracking period
g. Angular Motion of Canopus: The Canopuscone angle will vary approximately
1° maximum during the tracking period.
6.3 FIELDS OF VIEW
The operating range for the Mars tracker is to be 5 x 105 to 2 x 105 kilometers
from the center of Mars. The equatorial diameter of Mars is 6760kilometers so the
range of subtendedangles is:
-1 6760 -10min = tan = tan 0.0135 = 0.766 °
5 x 105
-1 6760 -1{9max = tan -- tan 0.0338 = 1.94 °
2x105
Since the spacecraft has a fixed orientation with respect to Canopus and the Sun, as it
approaches Mars there is a relative angular displacement. During its operating period
the tracker's aiming point is nominally 10,000 kilometers from planet center. Thus
the expected angular motion is
A_ = tan-1 10000 _ tan-1 10000 _ 2.87 ° - 1.15 ° = 1.72 °
2 x 105 5 x 105
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The selected field-of-view for the Mars head is 5.5* x 5.5 ° . Figure 6-1 shows the
design fields-of-view for each of the sensors. The Sun field need only be large enough
to account for attitude control errors and sensor misaUgnments. The Canopus field
must provide an additional one degree field in one direction to allow for cone angle
variation during the tracking period.
The Mars, Canopus and Sun fields of view will be combined by means of three fiber
optics in a non-overlapping pattern on the target of a one inch vidicon. The same scale
factor is assumed for all three fields. This simplifies computations with optical trans-
fer functions. Allowing_ approximately 1/8 of the compesite field in one direction for
the reticle pattern on the vidicon the combined field will be as shown in Figure 6-1.
The reticle pattern consists of one vertical line to initialize the horizontal sweeps and 17
diagonal segments at 45 degrees to the vertical to initialize and linearize the vertical
sweeps.
6.4 OPTICAL APERTURES
Based on actual test data obtained with vidicons on real stars a peak signal to rms noise
ratio of 10/1 can conservatively be obtained from a +2.0 visual magnitude star with
3.25 inch diameter optics. For Canopus, at visual magnitude -0.73, an optics
aperture of 1 inch will suffice.
SUN FIE 1.D
2°(_ °
3_
5°3 a
CANOP/'S FIELD
3.5 ¢
/ / :J ,
/ , !
MARS FIELD - EXTREME POSITIONS SltOWN
6,25"
Figure 6-1. Combined Fields of View
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Referring to Figure 6-1, the 0.63 inch diameter in the final image plane will cor-
respond to approximately 8.33 degrees so the focal length of the optics will be:
O. 63
2tan (_'_)
= 4.34"
The f/# of these optics will therefore be approximately 4.34 for worst case Canopus.
Mars and the Sun will provide considerably brighter images than Canopus. It is there-
fore proposed to use smaller apertures and filters to reduce their image brightness to
a value approximating that of Canopus. Thus no electrical compensation is required
in the vidieon when passing from one field to the next.
6.5 READOUT ACCURACY AND ALLOWABLE VEHICLE RATES
The data processor will quantize the composite field of view into 1024 parts in both
x and y. An rms error of 1/865 of the field-of-view in the x direction and 1/500
in the y direction has been demonstrated. With a 5.5 ° full field of view this would
provide accuracies of
103mr 1
Lx= 5.5 ° x x _ = 0. ii mr rms
57.3 865
103mr 1
Ly =5.5 ° x x57.3 500
- 0.19 mr rms
The view angles can be arranged such that the desired measurement axis on Canopus
is on the vidicon x axis (the second axis information from this source is actually un-
necessary for approach guidance; but being readily available, the information will be
transmitted for possible diagnostic use).
In the case of the planet the two axis information is required, but a six-point or more
limb determination adds redundancy to average out possible errors. The maximum
error contributed by a state of the art system on any single measurement is 0.11 +
0.19 = 0.30 mr. However, by averaging and known available system improvements
this should be readily decreased to considerably less.
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An estimate of the allowable vehicle rates can be made by limiting the motion to that
which produces an image motion of 1 resolveable element per frame time. The scale
factor will be approximately 5.5 x 10 -3 degrees per element. A frame takes 0.25 sec.
5.5 x 10 -3deg = 0. 022 deg/sec.
so the allowable vehicle rate will be approximately 0.25 sec
6.6 DATA PROCESSING
6.6.1 CENTROID TRACKING
in the Canopus field the x coordinates on all lines containing a signal are averaged to
produce a single x. The central data line is then chosen as the single y. The proven
pulse center detection techniques proposed here are shown in Figure 6-2.
Referring to the Figure, the integrator's output rises at a rate C1, during the on-time
of the Schmitt Trigger (ts). At the end of this period the rate doubles to 2C1, and the
output continues to rise for a time (td) until it reaches the fixed level V 0. At this
point a step function is generated, the leading edge of which is delayed by T seconds
from the true center of the image. Varying the width of the signal does not change this
fact as can be shown:
t
VO = C1 ts + 2Cltd td = T--_-s2
= + 2C 1 -C 1 t s
Vo
T -
2C
1
Thus T is not a function of t s, the signal width.
If the Sun is treated as a "fat" star, the pulse center detectors and the Data Processor
averaging will still derive a single coordinate set defining its center.
6.6.2 EDGE TRACKING OF PLANET IMAGE
The sensor can be so oriented that the limb of the planet will be in a known orientation
to the raster lines. The image will range in size from
0.766 ° at 5 x 105 to 1.74 ° at 2.0 x 105 km.
The scale factor for the vidicon output will be approximately 186 bits/deg.
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Figure 6-2. Pulse Center Detection
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The limits of image size vary from
C min = 0.766 x 186 = 142 bits
C max = 1.94 x 186 = 361 bits
Tracking the edge can be done on all lines resulting in a maximum of 361 sets of co-
ordinates per frame, or more practically a reduced number of selected readings can
be made. It is assumed that 6 readings are more than sufficient to define the circle
(only three are mathematically required). The spacing of the samples would be a
variable depending upon target size. A sophisticated method of determining spacing
would measure the image size on one frame and adjust the spacing for readings on
successive frames. A simpler scheme would vary the spacing on a programmed time
basis. The extreme cases are shown in Figure 6-3.
At each data point two lines of data would be compared and averaged to reduce errors
and minimize noise effects.
The edge crossings are defined as shown in Figure 6-2. This is similar to the star
pulse center detection scheme with the addition of a differentiating stage.
6.6.3 DATA OUTPUT
The output of the tracker for each frame would be:
MARS EDGE
CANOPUS
SUN
I
2
3
4
5
6
X-COORDINATE
IIIIIIIIIII
IIIIIIIIIII
Y-COORDINATE
!1111111111
IIIIIIIIIII
This involves 160 bits/frame for the coordinates. The data is taken quickly (one frame
each 1/4 second) but it will be stored and transmitted to Earth at the vehicle data frame
rate. The data will be read out on a single output line.
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Figure 6-3. Edge Tracking Data Points
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6.7 PHYSICAL CHARACTERISTICS
A size, weight and power estimate for the system is as follows:
Optic/Vidicon Camera Assembly
Data Processor
Totals
* Envelope Size
Size Weight Power
(pounds) (Watts)
10VTxl0V'xl6VV* 19
2-1/2 x 6 x 20 6
15
5
1900 cu. in. 25 lbs. 20 watts
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APPENDIX I
ACCURACY OF APPROACH GUIDANCE WITH BIASED SENSORS
I.1 INTRODUCTION
Interplanetary vehicles launched to date have been guided by a radio system. This
system uses the Deep Space Instrumentation Facility (DSIF) to measure range and
range rate from Earth to the craft. These measurements, combined with the ballistic
constraints of free fall through space, suffice to determine vehicle position and velocity
to an accuracy that has been acceptable thus far.
Future .._-_I._ however, --"_ _.... "---_ "-"v_._x=_, w_, uv _l_,,vu tasks u,aL require more accurate
navigational data. To be specific, the Mariner craft perform only fly-by functions; the
future Voyager vehicles will go intoplanetary orbits and also place landing capsules
upon the target planet. Even with the improvements expected in DSIF by the date of the
Voyager missions, the DSIF network may not be able to provide sufficientlyaccurate
data. Consequently, "approach guidance" is under active consideration as a supple-
ment to the DSIF radio guidance.
Approach guidance is achieved by placing sensors (optical) on board the vehicle. These
sensors measure, in effect, the angles from the target planet to certain reference
bodies such as the Sun or Canopus. Information derived from these angular measure-
ments can be used to improve upon navigational estimates obtained from DSIF.
However, the approach-guidance sensors are not without errors themselves. Error
sources include resolution, misalignments, sweep nonlinearities, and the like. It is
not the purpose of this report to discuss these sources, nor indeed to attempt to as-
sign numbers to them. We shall assume several values thought to be typical, so that
numerical results can be obtained here. It should be noted that errors in the approach-
guidance sensors can be divided into two general categories:
a. purely random errors
b. bias errors
Purely random errors are those which are uncorrelated from one measurement to
others; bias errors are those which have non-zero correlation. For example, mis-
alignment of a sensor optical axis would be a bias type of error.
Procedures have been developed for estimating quantities whose measurement are
contaminated by random noise (see for example I.I. Shapiro, "The Prediction of
Ballistic Missile Trajectories from Radar Observations", McGraw-Hill, 1957). If
the measurements also contain bias errors, these procedures may be extended so
that one estimates the biases as well as the signals (see in particular C. Arabadjis,
"Maximum Likelihood Estimation and Error Analysis with a Treatment of Bias Errors
in the Estimation of Trajectories from Radar Observations", General Electric report
R62DSD7, Syracuse, 1962). The interested reader is referred to the referenced
reports for details Of computing these estimates.
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In this report, expressions derived by Shapiro, Arabadjis, and others are adapted to
the approach-guidance situation. Specifically, it is assumed that the approach-
guidance sensors contain both random and systematic (bias) errors, and an expression
is obtained for the attainable accuracy of estimation. Numerical values based upon a
1969 Mars encounter by Voyager are used to lead to numerical results, from which
conclusions may be drawn for other missions as well.
I. 2 ASSUMPTIONS
For the sake of simplicity, certain assumptions have been made.
a. Only the impact parameter b is considered here. The Approach Guidance
Subsystem will provide an estimate of both the impact parameter and the orientation
of the approach plane; however, the impact parameter is the most critical component
of position.
b. Execution errors are not considered. If one considers the accuracy of
placing a craft into orbit about a planet or of landing a capsule upon a planet, both
navigational errors and execution errors must be taken into account. "Execution
errors" are those which arise in performing the thrusting maneuvers to place the
craft into orbit or onto a landing trajectory. Execution errors are excluded from the
present work, so that it may be more general.
c. Bias errors are constant. Bias errors may have many different correlation
functions. For instance, one might expect adjacent measurements to be highly cor-
related, but measurements far apart in time might show no correlation whatsoever.
Sequentially correlated biases may be estimated (see W.G. Breckenridge, "Approach
Guidance Accuracy Studies", in "JPL Space Programs Summary", vol. IV, no. 37-23,
Sept. 1963). However, accuracy analysis is much simpler if constant bias errors are
assumed. "Constant bias" is tantamount to unity correlation for all times. If the
period over which measurements are taken is reasonably short, unity correlation is a
reasonable assumption. Assuming constant bias error where such is not the case will
lead to optimistic results; see Breckenridge's results for comparison.
d. The spacecraft travels on a straight line. This is equivalent to assuming that
all bodies in the universe are without mass. The assumption is rather well founded,
since measurements will be taken within a region where the craft is relatively far from
the target planet, yet not so far away that heliocentric trajectory curvature becomes
predominant. It is expected that results on actual curved trajectories will not differ
significantly from the ones obtained herein for straight paths.
e. Optimal estimation is used. Equations previously developed for the accuracy
of an "optimal estimator" form the basis of this work. Optimal estimators are not
achieved in practice, primarily because an accurate model of measurement errors
cannot be constructed. However, practical estimators often approach the optimal.
Thus, the results for optimal estimation should be fairly realistic.
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f. Measurement accuracy is not a function of range to planet. It is assumed in
this study that all measurements are made far enough away from Mars that accuracy
is essentially independent of range. This is a valid assumption for the chosen sensor
since its accuracy is a fixed percentage of field-of-view.
I. 3 GEOMETRY
The actual geometry of approach-guidance measurements is complicated, because
several images are projected onto the field of view of a single sensor. However, ap-
proach guidance devolves into simply measuring the angles from the center of the
target planet to each of two or more reference bodies.
Figure I-1 illustrates the geometry in the approach plane. Here 0 is the angle from the
target planet (Mars) to the asymptote of the approach hyperbola, and _ is the angle
from the approach hyperbola to the projection of the reference body upon the approach
plane. Assume perfect knowledge of the craft velocity vector, so that _ is known
perfectly if the reference body is a star (or nearly perfectly if the reference body is
the Sun). Thus, we need concern ourselves only with 0.
Also shown in Figure I-1 are three distances:
b = impact parameter (to be estimated)
R = range from center of planet to craft
S = distance from periapsis (massless planet) to craft
From this right triangle, it is immediately seen that
b
_- = tan O. (1)
The approach-guidance sensor measures, in effect, the angle 0 (assuming perfect
knowledge of _ ). However, the actual measurement of 0 is contaminated by noise.
Call the actual measurement.a. Then the "i"th measurement can be represented by
a. = O. + _ + _i. , (2)
I 1 1
where
0 i = true value of 0 at the time of the "i"th measurement
= sensor bias angle
_]i = random noise in the "i"th angular measurement
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Figure I-1. Geometry of Approach-Guidance Problem
Assume that S is given perfectly by DSIF.
of b from a sequence of measurements a i"
(i)and (2).
The problem, then, is to obtain an estimate
Note that b is related to a via equations
1.4 EQUATIONS OF ESTIMATION ACCURACY
Assume optimal estimation by a maximum-likelihood procedure. It may be shown
(A. Zizmont, "Recursive Navigation", General Electric Space Sciences Laboratory,
Astrodynamics Memo #22, June 1964) that the optimal estimate has an error expressed
as follows:
P = + P (3)
o _i,0 1 Qi i (I)i,0 o '
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where
^
P
O
covariance matrix of state vector, referred to time zero, as improved by
observations
P
O
Qi
M.
1
_i,0
= initial covariance matrix of state vector, before observations
= covariance matrix of "i"th observation
r 5Yi']
-_ observation sensitivity matrix =L-_i]
= transition matrix from initial state to state at "i"th observation
X°
1
= state vector at "i"th observation
x 0 = state vector at time zero
Yi = vector of the "i"th measurement (observation)
However, the interest is in errors in the state vector at the time of the last ob,
&
servation, not at time zero. If Pk is the covariance matrix at the present,
^ ^ T
Pk = ¢_k,0 Po ¢_k,0 (4)
Combining equations (3) and (4), there results
^ TM.TQi-IM. _i,0 + P - -1Pk : Ck,O Oi,o o ¢k,oT
i=l
(5)
Equation (5) is the basic equation with which we deal.
A
covariance matrix Pk o
The result will be found in the
I-5 of 41
CII- VB234AA106
Next, the various vectors and matrices which appear in equation (5) must be defined.
These are as follows:
^
State vector x. = (6)
where
A
b
i
A
E.
1
= estimate of impact parameter b,
= "i"th estimate of bias ¢
Measurement vector
at the "i"th observation
where
Yi = a i (7)
a. = scalar value of "i"th angular measurement
1
Covariance matrix of X^
A
^ = [%i 2
Pi L^ ^ A
P i(_bi_ ¢i
where
^
ffbi =
h
=
¢i
A
Pi =
Covariance matrix of y
standard deviation of estimate of b, at 'T'th time
standard deviation of "i"th estimate of bias
^ A
correlation coefficient between b and
Qi = O'_)i
where
A A A
PirYbi_ ¢i I
(8)
(9)
= standard deviation of "i"th angular measurement
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Observation sensitivity matrix
by use of equations (1) and (2).
_Yi]° _
Mt = 1
Si2 + b 2
5b
(IO)
Transition matrix
bxo
_) _-
i, 0 5x i
5 bo/5 b i 5 bi/5 ¢ o ]
= _5_o/5b i 5ei/5_oJ
o [ 0]1,0 0 i = I , (11)
since both b and _ axe constant.
Inverse of initial covariance
matrix of _} [2 ]p -1 O'bo 0= -2 ' (12)
o 0 _E0
^ A
assuming that b and ¢ are initially uncorrelated, since b 0 comes from DSIF and C 0
comes from pre-launch calibration of sensor.
Substitute equations (6) through (12) into equation (5).
k
-2
= E ff0i
This produces the expression[ J1 _b[2 - _i ¢ffbi ^(1¢i._-1
: pal2 ^ ,^ ^ ,-1 ^ -21
-Pi _(_bi (r ( ip (Yet
 sSiti 2 + b 2
S.
1
S.2 2+b
1
2 S.
1
S. 2 + b 2
1
+
1
I
i=l
-2
0ffbO
-2
0
eO
(13)
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Equation (13)consists of three scalar expressions,
k
t"
^ -2 a 2 I -2 _ -2
O.bi = (1 - Pi ) _(Yb0 + L (Y0i
i=l
k
n -2 (1 - 2 -2 + _ 0 i(_¢i i) ere0
i=l
(14a)
(14b)
k
2 -2
^ (A A )-i = (i- _i ) Z _i
-Pi bi_¢l
i=l
These three expressions may be solved for ^crbi,Act i, and _i.
2
a -2 A_bA
A
E p
crbi = A
E
2
^ -2 ^_bA AIE p(y =
Ei Ab '
The results are
(14c)
(15a)
(15b)
2A
^ 2 = __.p___
Pi Ab A E
where for convenience the following defintions are made:
k 2
_2 Si i=l +b
k
-2 E -2A = 0" + ff_iE E0 $
i=l
(15c)
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-2 1A = _Ai
P +b
i=1
Equation (15a) is the one of primary interest, since it gives the standard deviation of the
estimate of the impact parameter. Note that ^ ^abi, a_i, and i are all independent of
the bias _ : and that they are only weak functions of the impact parameter b (it will
later be approximated that they are entirely independent of b}. Therefore, accuracy of
approach guidance does not depend upon the size of the bias error, nor does it essentially
depend upon the geometry of the approach.
I. 5 SPECIAL CASE -- ZERO BIAS
Should it be known that the bias is zero (or, phrased differently, should it be presumed
that the initial calibration is perfect), then set _ _ 0 = 0. Making this substitution
into equations (15a) and (15b), there results
(_ bi No Bias _ bi
(y --_ 0
¢0
2-2 _ -2 ]{Yb0 + ff_}i i2 + b 'i=1 (16a)
{_ -2_ = lim ^ -2 = CO(i | No Bias a_i
_, O" -'-_ 0
_0
or
No Bias
= 0 . (16b)
Equation (16b) is merely confirmation of the postulate. Equation (16a) is exactly the
expression which one obtains when the derivation does not take bias into account.
Thus, the expressions are in agreement with results obtained by others for the zero-
bias case. As might have been anticipated, there is no discontinuity as bias is added.
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I. 6 APPROXIMATIONS
Four approximations will nowbe introduced into equation (15a). This is doneto simplify
subsequentnumerical work.
a. Random noise is independent of range from Mars. If this is the case, then the
standard deviation of the angular measurements should be the same for all measure-
ments.
ffOi = (rO ' (17)
for all values of i.
b. All measurements are taken far from Mars.
b<< S.
1
If this is true, then
or
S. _ R.. (18)
1 m l
That is to say, range to planet is approximately equal to distance from periaream
point.
c. Summations can be replaced by integrals. Computations using equation (15a)
require evaluation of R. -1 and R. , presuming that approximations
1 1i=l i=l
(a) and (b) above are employed. Evaluation of these sums can be tedious when many
measurements are taken. However, when there are many measurements the sums
can be closely approximated by integrals. In general,
kZ N k f(x) dx , (19)
f(xi)-- Xk_ x 1
i= 1 Xl
provided that the x i are equally spaced or nearly so. Application of equation (19) to
the two sums in question produces
k
1 R 1 - R k l°ge
i=l
(20a)
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and
k
E R.-2 ,.., k1 -- R1 Rk
i=1
(20b)
Since it is expectedthat measurements will be about equally spaced, these approxi-
mations shouldbe applicable when k is large•
d. Constant AR. It has already been assumed that the craft travels in a mass-
free universe, so that its speed is constant. This implies that increments A_ are all
equal for equal time increments A t. Using approximation (b) above, it is concluded
that
AR.--'_ AR (21)
1
for all i. In other words, range increment between measurements A R is constant.
e. Resulting Equations.
equation (15a), the result is
^ -2 -2 -2
ffbi = (_bO + fro
If all approximations except (c) are substituted into
k
Ri_2
i=1
li =Zl Ri- 11 2
k +
2 (22)
If all approximations are used, including approximation (c), the result is
(
^ -2 -2 -2 { k
(Ybi = (Tb0 ÷ {7_ '[ R1Rk
k2[l°ge ]
(23)
All numerical calculations are made by using either equation (22) or equation (23), with
(23) being used only when the number of measurements k is very large.
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I. 7 NUMERICAL VALUES FOR 1969 VOYAGER MISSION
The following conditions were picked as being representative of the 1969 Mars encounter
by Voyager:
Craft speed V = 3 km/sec
Measurement rate m = 1/hour, 1 per 5 hours, 1/day
(Thus range increment between measurements A R = 0.01, 0.05, 0.25 Gm, where a
Gigameter (Gin) is equal to 106 kilometers. )
DSIF capability for impact parameter, (rb0 = 350 km
Sensor random noise, ff = 1, 0°3, 0° 1 milliradian
8
Initial uncertainty in sensor bias, g ¢ 0 = 00, (;8' 0
Range of closest measurement, R k = 0.25 Gm, 0.40 Gm
Range of furthest measurement, R 1 = many values from R k to 4 Gm
Calculations were made for all combinations of the values listed here for these various
parameters, using equations (22) and (23). Also, DSIF capability of 100 and 200 km.
was examined, but only with measurements at once per hour.
Results are plotted in Figures I-2A through I-2Z. For convenience in referring to
these figures, Table I-1 lists the various conditions which define each one. There are
four conditions which vary between figures: measurement rate, standard deviation
of sensor random noise, range from planet at closest measurement, and DSIF capabil-
ity on each figure there are several curves; the parameterwhich distinguishes them is the
initial un-certainty in sensor bias. Finally, the abscissa of each figure is the range
from planet at farthest measurement; and the ordinate of each figure is the resulting standard
deviation of estimated impact parameter.
Care must be exercised in interpreting these figures. They do not represent, as is
often plotted, the improvement in the estimate as more measurements are taken. What
these figures mean is this: if measurements are begun at some range noted on the
abscissa and are continued to be taken at the stated rate until the closest range (to left
of figure) is reached, then the corresponding point on the ordinate shows the final
estimation accuracy. Consider an example, Figure I-2A:
Say that one starts taking approach-guidance measurements at 1.0 Gigameter
from the planet. At the rate stated for Figure I-2A (one measurement per hour),
76 measurements will be taken before the closest measurement range of 0.25 Gm
I- 12 of 41
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Table I- 1. Plots of Results
StandardDeviation Range from PlanetFigure DSIF Measurement of Sensor at ClosestNumber Capability Rate RandomNoise Measurement
Oneper hour
Oneper hour
Oneper hour
Oneper hour
Oneper hour
Oneper hour
One per five hours
Oneper five hours
Oneper five hours
Oneper five hours
Oneper five hours
Oneper five hours
Oneper day
Oneper day
Oneper day
Oneper day
Oneper day
Oneper day
Oneper hour
Oneper hour
Oneper hour
Oneper hour
Oneper hour
Oneper hour
Oneper hour
Oneper hour
2A 350 km
2B 350km
2C 350km
2D 350 km
2E 350 km
2F 350 km
2G 350 km
2H 350 km
2I 350 km
2J 350 km
2K 350km
2L 350km
2M 350 km
2N 350 km
20 350 km
21) 350 km
2Q 350 km
2R 350Km
2S 200 km
2T 200km
2U 200km
2V 200 km
2W 100km
2X 100km
2Y 100km
2Z 100km
1 mrad
0.3
0.1
1
0.3
0.1
1
0.3
0.1
1
0.3
0.1
1
0.3
0.1
1
0.3
0.1
0.3
0.1
0.3
0.1
0.3
0.1
0.3
0.1
0.25 Gigameter
0.25 Gigameter
0° 25 Gigameter
0° 40 Gigameter
0.40 Gigameter
0.40 Gigameter
0.25 Gigameter
0.25 Gigameter
0.25 Gigameter
0° 40 Gigameter
0.40 Gigameter
0.40 Gigameter
0.25 Gigameter
0.25 Gigameter
0° 25 Gigameter
0.40 Gigameter
0.40 Gigameter
0.40 Gigameter
0.25 Gigameter
0.25 Gigameter
0.40 Gigameter
0.40 Gigameter
0.25 Gigameter
0.25 Gigameter
0.40 Gigameter
0.40 Gigameter
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is reached (see "Number of Measurements" scale; also note that Range from
Planet at Closest Measurement R k = 0.25 Gm. ). If the sensor random noise
has a standard deviation of 1 milliradian (for all of Figure I-2A) and if the
initial uncertainty in sensor bias is also 1 milliradian, the curve labelled
"_ ¢0 = 1 mrad." shows that the ordinate is _b = 125 km. This is the
estimation accuracy for the impact parameter after all 76 measurements are
taken.
In this example, the DSIF accuracy of 350 km has been reduced to 125 km, but it has
taken 76 measurements to do so. This happens to be rather a poor example. Other
figures show considerably more improvement, or alternatively considerably fewer
measurements for the same improvement.
Note that the ff ¢ 0 = CO curve and the _ ¢ 0 = 0 curve form upper and lower bounds.
_ 0 = ¢0 represents an unrealistic situation, since the distribution of biases certainly
has some finite variance, g ¢ 0 = is also unrealistic, for this presumes perfect prior
knowledge of bias. In practice, one expects the bias to have a variance of the same
general magnitude as the variance of the random noise. Thus, the inner curve is
more practical. On each figure it represents _ equal to
c0 e
Note that Figures I-2A through I-2R assume a DSIF capability of 350 km., which is
better than currently available. Some predictions show that DSIF may be as accurate
as 100 kmo by 1971; hence, Figures I-2S through I-2V have been prepared for 200 km.
DSIF capability, and Figures I-2W through I-2Z for 100 km. capability.
I. 8 CONCLUSIONS
Figures I-2A through I-2Z provide an evaluation of approach-guidance accuracy for a
wide range of conditions. In order to be more specific, select conditions which seem
likely for the 1969 Voyager mission:
DSIF capability, 100 km. (lff)
Measurement rate, one per hour
Range from planet at closest measurement, 0.25 Gm.
Standard deviation of sensor random noise, 0.1 milliradian
These conditions correspond to Figure I-2X.
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Assume that initial uncertainty in bias will be the same as sensor random noise,
0.1 mrad° Then the ¢yE0 = 0.1 curve of Figure I-2X shows that the impact-parameter
uncertainty will be reduced from 100 km to about 34 km. by a single measurement.
It improves very little more if as many as 16 measurements are taken. Indeed, taking
76 measurements (starting 1 Gm. from Mars) only reduces _b to about 14 kin.
From these figures, one concludes that a single measurement is the best policy unless
many measurements are to be taken. This means, of course, that bias is not really
estimated at all.
Thus, questions about constancy of bias become irrelevant. For a non-constant bias,
estimation accuracy with more than one measurement certainly would be worse than
the results shown here (see Breckenridge's article referenced earlier). It is doubtful
that bias would hold constant over the time required to take many measurements. Thus,
it seems likely that little improvement can be obtained by estimating bias -- unless the
bias should hold very nearly constant over times long enough to obtain many
measurements.
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ALTERNATE SUBSYSTEM MECHANIZATIONS CONSIDERED
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1.0 INTRODUCTION
At the initiation of the Phase 1A Study, a number of systems concepts were proposed
for the fulfillment of the spacecraft command function. From these, after careful
consideration of the cases for and against each, the broad concept of the Controller
and Sequencer (C&S) was selected. Numerous alternatives within the framework of
the selected approach subsequently presented themselves. The factors that were
weighed and the reasoning that led to the Controller and Sequencer functional design
described in VB234FD107 are presented in this section.
2.0 SELECTION OF A COMMAND SYSTEM CONCEPT
In the course of selecting a systems approach to the accomplishment of the space-
craft command function, various command system concepts were proposed and eval-
uated. All of these involved one or more of the following four basic concepts.
a. The use of an on-board, general purpose, digital computer which, with the
aid of an associated library of programs, would generate all spacecraft
operational commands based on commands and data received from the
ground. Rewriting of programs, if necessary, would be performed from
the ground.
b. Commanding of the spacecraft on a real-time basis via the radio link -- all
computations and generation of commands would be performed on the ground.
Co The use of a stored-program command system which would store command
data and read out commands at times specified by the data -- the stored pro-
gram would be electrically alterable from the ground via the radio link.
do The use of a fixed-sequence command system which would be functionally
similar to the stored-program command system but would not be alterable
from the ground.
The last concept was ruled out because of the inflexibility of such a system. Some
events in a Voyager mission are unpredictable as to timing of occurrence, necessi-
tating a flexible command system. The cases for and against the other alternatives
are reviewed in the following paragraphs.
2.1 ON-BOARD COMPUTER
Utilization of an on-board computer affords the following advantages.
ao The capability of computing, with the aid of a library of on-board programs,
variable parameters and generating required commands to execute various
spacecraft operations, if given certain input data from the ground (updated
orbital elements and tracking information, time of desired operation, desired
2 of 16
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orbital elements, etc. ). These programs would be initiated by ground con-
trol and could include midcourse maneuvers, orbit adjustments, orbit injec-
tion, capsule separation, antenna orientation, occultation prediction, capsule
contact, scientific package pointing and operation, and Earth contact.
b. The capability of performing electrical power management to optimize life
of batteries, charge/discharge scheduling and logging.
c. Alteration of computer storage from the ground.
do The capability of performing all 9".nctions of real-time and/or stored pro=
gram command system. In addition, can automatically correct the time
tags of all stored commands with a minimum of update information from the
ground.
e. The capability of carrying out several tasks simultaneously.
f. The capability of performing computations and generating commands when
time is insufficient for ground computation, command generation, and
transmission.
g. The capability of flexibility in data management.
Among the disadvantages of this system are:
a. Utilization of computerVs computational capability is extremely low through-
out mission.
b. Ground computation is more accurate and ground-loop reaction time is
seldom limiting.
c. Existing computers are not flight proven. In addition, they are deficient in
cost, size, weight, and power consumption.
do For a completely nominal mission, computer updating and commanding
would require almost as much transmission time as the stored program
command system. In addition, rewriting of computer programs, if neces-
sary, would require transmission of large quantities of highly accurate data.
e. Computer vs erasable storage is usually insufficient for program storage. A
tape recorder or other bulk storage device is normally required. This is a
reliability factor that must be considered.
f. Much of the equipment (commutators, A/D converters, etc. ) associated with
a non-computer system is required as computer peripheral equipment.
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2.2 REAL-TIME COMMAND SYSTEM
The principal advantages of a real-time command system are-
a. Least hardware and operational complexity (high equipment reliability), and
minimum size, weight, power and cost.
b. For a given command word length, information content is maximum. That
is, no bits are required to designate memory location or time of execution.
Among the disadvantages are:
a. Limited commanding flexibility. No commands can be transmitted during
Earth occultation. Precise execution of a sequence of commands is difficult.
b. Requires continuous ground station support and commanding.
c. Critical commands may be rejected.
d. System reliability is low as a consequence of the foregoing.
2.3 STORED-PROGRAM COMMAND SYSTEM
Advantages of a stored-program command system are-
a. Predictable event commands can be loaded prior to launch.
b. In Mars orbit, command loads can control spacecraft operation for extended
periods without ground station support.
c. Command storage is erasable and addressable. Program can be revised
partially or completely.
d. Acceptance of commands can be verified in advance of events.
e. Real-time command capability is available as back-up.
f. Stored program hardware is flight-proven.
g. Permits control of spacecraft during all phases of mission (cruise, orbit
correction, capsule separation, orbit injection, orbit operations and Earth
exclusion).
The principal disadvantages are:
a. For a given command, more data bits must be transmitted since time tags
and memory addresses are required.
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b. Hardware is more complex than that for a real-time command system.
c. Requires ground station computation and generation of command data words.
2.4 CONCLUSIONS
After careful consideration of the advantages and disadvantages of each system con-
cept, the following conclusions were reached.
a. A real-time command system alone is insufficient to accomplish the Voyager
missions because of the possibility of a critical command being rejected and
because control of the spacecraft by real-time commanding is impossible
during Earth exclusion. Equipment simplicity and reliability are outweighed
by the lack of system reliability.
be In view of the greater mission flexibility afforded by ground-based com-
puting equipment, use of an on-board computer for the Voyager missions
appears to be justified only if ground-loop reaction time exceeds the time
available for computation and generation of commands. Analyses made in
the course of this study indicate that ground-loop reaction time is sufficiently
short for all mission phases.
Co A stored-program command system with real-time command support and
back-up will satisfy Voyager requirements and is the approach adopted for
the Controller and Sequencer.
3.0 SUMMARY OF CONTROLLER AND SEQUENCER REQUIREMENTS
The requirements which have been determined for the Controller and Sequencer Sub-
system in the course of this study are summarized below.
a. Storage of up to 255 command data words and readout of commands at times,
and to destinations, specified in the stored words.
b. Decoding of up to 255 different command destinations.
c. Resolution of all stored commands of one second.
d. Maximum readout rate of stored commands of one command per second.
e. Memory addressable and electrically alterable by means of ground-to-
spacecraft commands.
fe Cyclic control signals derived from the C&S timing chain provided to other
subsystems requiring them.
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g. Basic timing accuracy of the C&S of ± one part in 104 or 0.01 percent over
a temperature range of 40 ° to 90° F.
h. Only semiconductor and magnetic core logic and memory elements to be
used.
i. Redundancy employed to augment reliability wherever more than one output
signal is jeopardized by a failure occurring in the C&S.
In the paragraphs that follow, alternatives available within the limits of these require-
ments are discussed and reasons for the selection of specific approaches are given.
4.0 CONTROLLER AND SEQUENCER REDUNDANCY
With the exception of the combining logic and output switches and the final logic level
of the command matrix, a failure in any C&S component can jeopardize all or many
of the C&S output signals. Therefore, with the exceptions noted, redundancy is re-
quired for all C&S components.
The redundancy approaches considered were:
a. The use of two independent Controller and Sequencers - Normally, both
would be operating but the outputs of only one (the primary C&S) would be
enabled. Upon indication of failure (may be contained in C&S telemetry data
or may be output signal malfunction) in the primary C&S, its outputs would
be disabled and the outputs of the other (the back-up C&S) enabled by ground
command. The principal advantages of this approach are that it requires
less hardware than approach (b) and the hardware is more easily tested than
that of approach (b). A serious disadvantage is that failure of a critical out-
put signal may be the first indication of failure of the primary C&S. Further-
more, single failures occurring in both C&S's can completely disable the
stored command function.
Do The use of three units majority logic with voting in triplicate - The principal
advantage is that operation of the C&S is unaffected by single component
failures or even by multiple failures tmless these occur in particular com-
binations. Disadvantages are the converse of the advantages of approach (a).
The latter approach was adopted as involving the lesser risk of mission
failure.
Provision for non-redundant operation of one C&S unit in case of catastrophic
failures in the other two units was ruled out since serious degradation of
reliability would result from the introduction of the switching circuits nec-
essary to accomplish this mode of operation.
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In the functional descriptions of the various C&S components (Section
VB234FD107), redundancy approaches and majority logic voting points are
suggested. The application of redundancy to greatest advantage requires
thorough failure-mode analyses conducted in conjunction with the hardware
logic and circuit design efforts. The desirability of somewhat different re-
dundancy configurations or more or fewer voting points may be indicated
by additional analyses.
5.0 COMMAND DATA WORD FORMAT
A C_S command data word must contain infornrat.ion concel_ing the memory or
memories in which command data are to be stored, the memory address of the stored
data, the timer to which the command is related, the command execution time, and
the destination of the command. If each piece of information is conveyed by a dif-
ferent group of bits, the result is a 45-bit master timer command data word and a
37-bit sequence timer command data word as indicated in Table 5-1.
Table 5-1. Command Data Word Format
Information
Memory
Memory address
Timer
Time tag
Destination
Totals
Master Timer
Command
(Bits)
2
8
1
26
8
45
Sequence Timer
Command
(Bits)
2
8
1
18
8
37
Reduction and uniformity of command data word lengths are desirable. Shorter words
result in a lower transmitted command rejection rate and a reduction of required
storage capacity. Uniform length requires less complexity in the command decoder
and C&S hardware.
The number of times a given master timer command will be required during a Voyager
mission is predictable or can be closely estimated. The length of a master timer
command data word can be reduced by assigning one or more specific memory ad-
dresses to each master timer command. The number of the address in which the
command is stored defines the destination of the command and the eight destination
bits in each address are not required. The destination of a master timer command
is determined at execution time by decoding the eight memory address bits in the
address pseudo-noise generator. The result is a master timer command data word
of 37 bits instead of 45 bits as shown in Table 5-2.
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Table 5-2. Master Timer Data Word Format
Information
Memory
Memory address {and
command destination)
Timer
Time tag
Toml
Master Timer
Command
(Bits)
1
26
37
Attention is called to two points regarding this approach. The first is that, although
each master timer command is restricted to one or more specific memory locations,
flexibility of time tags is maintained. The second point is that a memory address
assigned to, but not in active use by, a master timer command can be occupied by a
sequence timer command.
A considerable decrease in memory complexity can be effected as a result of the re-
duction of master timer command data word length. The stored portion of any word
is 27 bits long instead of 35 bits. Consequently, eight read/write Y-line switches and
2040 magnetic cores can be eliminated from each memory.
6.0 TIMERS
In order to readout stored commands, the services of at least one timer (or clock)
are required. Accomplishment of the C&S function is possible with the aid of a single
timer. However, differences in command usage make the utilization of two or more
timers advantageous. Execution times of one group of commands will be related to
elapsed time from mission start. This group is best served by a timer (the master
timer) that is synchronized with mission start time and operates continuously for the
duration of the mission. Many orbital commands, however, will be issued repetitively
at intervals approximately equal to the orbital period. A timer that can be recycled
once per orbital period is appropriate for these commands. One memory entry for
each such command will be sufficient for several revolutions of the spacecraft. Exe-
cution times of most maneuver commands can be predicted or fixed with respect to
maneuver start time but not to mission start time. Furthermore, at least two ma-
neuver sequences are nearly identical. Utilization of a timer that is started at ma-
neuver start time and reset upon completion of the maneuver sequence is indicated
for these commands.
A requirement for three timers might be inferred from the foregoing discussion.
However, a single timer (the sequence timer) that can be reset and stopped or reset
8of16
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and continued can serve for both maneuver and orbital sequence since a conflictbe-
tween the two groups of commands willnot exist. In the event that a maneuver must
be performed in orbit,maneuver commands can be stored and subsequently erased
by ground command within one orbital period. Therefore, itwas decided to use two
timers, the master timer and the sequence timer.
Under normal conditions, the sequence timer will be started by a command keyed to
the master timer and then reset and stopped or reset and continued by a command
keyed to itself. However, if the master timer should be disabled, the sequence timer
could be started immediately after storage of a sequence timer start command, keyed
to the sequence timer and having an ':aU-zeroes" time tag. The sequence timer could
then assume the duties of the master timer although frequent updating of stored com-
mands would be necessary because of the lesser capacity (approximately 72.8 hours)
of the sequence timer.
The resolution of both timers is one second. Twenty-six master timer stages are
required to provide for a mission of at least 18 months. Seventeen stages are re-
quired in the sequence timer to provide for orbital periods up to 24 hours. However,
since a uniform command data word length is desirable and that length is dictated by
the master timer command requirements (see discussion of command data word
format), eighteen bits can be devoted to sequence timer command time tags. An 18-
stage sequence timer is recommended because the additional capacity would be ad-
vantageous should the sequence timer be required as a substitute for the master
timer.
7.0 MEMORY
The memory utilizes triple redundancy with majority-logic voting in triplicate on the
outputs, destructive-readout (DRO) magnetic cores as storage elements, serial data
read/write operation, and a memory-scan technique for interrogation. The factors
that were considered in making these selections are discussed in the following
paragraphs.
7.1 REDUNDANCY
A magnetic core memory is a highly reliable storage device. However, certain
failures (such as the opening of a line threading one core of every address or failure
of a switch controlling current flow in that line) that can completely disable a non-
redundant memory are possible. Destructive-readout and non-destructive-readout
(NDRO) memories are both subject to these failures. Therefore, the use of three
memories with majority logic voting in triplicate on the outputs was chosen. In the
redundant system, only multiple failures in certain combinations can be disabling.
Furthermore, although one of the units may cease to contribute a valid vote on a par-
ticular bit or bits of every word readout, it can continue to assist in validation of all
other bits.
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7.2 STORAGE ELEMENTS
The use of DRO cores (simple toroids) is indicated for the C&S memories. Although
NDRO elements might be required for a non-redundant memory, the use of majority
logic for the C&S memories is considered to obviate the need for NDRO elements.
7.3 SERIAL VERSUS PARALLEL OPERATION
Serial data read/write were selected rather than parallel read/write for the follow-
ing reasons:
(a) High-speed operation is not required.
(b) Standby power required is lower for serial operation.
(c) A single sense amplifier and a single output flip-flop are required for serial
operation whereas 27 sense amplifiers and a 27-flip-flop output register
would be required for parallel operation.
7.4 MEMORY INTERROGATION
Consideration was given to two memory interrogation approaches that do not require
repetitive scanning of contents and two approaches requiring such scanning. These
alternatives and their principal advantages and disadvantages are listed below.
7.4.1 NON-SCAN APPROACHES
(a) .In one method of mechanization, commands are stored and readout in order
of execution. This approach has the advantage of not requiring frequent
transfer of command data into and out of storage and does not require the
additional command data word bits required by the non-scan approach (b).
The main disadvantage is that stored commands must be arranged in exact
order of execution. Insertion of an additional command into a stored se-
quence entails retransmission and storage of all commands that succeed
that command in the sequence. Deletion of a command requires similar
retransmission and storage.
(b) In a second method, commands are stored in random order; the address of
the succeeding command is specified by additional bits in each command
data word. Advantages are that frequent transfer of data into and out of
storage is not required and the addition or deletion of commands is more
easily accomplished than for non-scan approach (a). A disadvantage is that
the addition of one command to a stored sequence requires transmission of
two command data words: one word to define the added command, the other
word to correct the preceding command (that is, specify the new command
as the next to be read out). Similarly, transmission of two command data
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words is required for command deletion. A second disadvantage of this
approach is that it requires transmission and storage of command data word
bits (address of next command} not required for the other approaches.
7.4.2 SCAN APPROACHES
In the first scan approach, the complete memory contents are read out and
rewritten once per second (command resolution is one second). Advantages
of this approach are that transmission of only one command data word is
required to add a command to, or delete a command from, a stored se-
quence, and that somewhat less control complexity is required for this
approach as compared to the second scan approach (b). The principal dis-
advantage is that the approach involves greater risk of errors of being intro-
duced during data transfer than does scan approach (b) since all stored bits
are read out and rewritten during each scan cycle.
(b) The second scan approach consists of bit-by-bit readout and comparison of
a command time tag with a timer content which is discontinued as soon as a
mismatch is detected. The advantages are that transmission of only one
command data word is required to add a command to, or delete a command
from, a stored sequence; no definition of the next command in a sequence is
required; and much lower risk of error introduction during data transfer is
involved as compared to the first scan approach (a) since the average num-
ber of bits transferred in a scan cycle is much lower. On the average,
only three bits are transferred from and to each memory addxess. Only
the timer designation bit and the least significant time tag bit are examined
every cycle; the next least significant time tag bit is examined every other
cycle; and so on. The disadvantages of the approach are that it does involve
risk of error introduction during data transfer and requires somewhat
greater control complexity than scan approach (a).
Of the four approaches described above, non-scan approach (a) was considered to be
the least desirable by reason of its inflexibility. Scan approach (a) was rated next
least desirable because of the excessive transferring of data. Scan approach (b) was
rated above non-scan approach (b) because of the lesser data transmission and stor-
age requirements of the former and because the redundancy proposed for the C&S is
considered to reduce the risk involved in data transfer in the scan approach to an
acceptable level.
8.0 MEMORY AND COMMAND MATRIX CAPACITIES
The Command Matrix is capable of decoding at least 255 different states of the eight
destination bits of a sequence timer command data word or the 255 different states
of eight memory address bits in the address pseudo-noise generator defining master
timer command destinations.
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Approximately 137 discrete C&S command functions or combinations of functions
have been defined and are listed in Volume A, Section VB220FD112 (Flight Sequence).
Each of these can be keyed to either or both of the two C&S timers. Command data
words keyed to the sequence timer can be stored in any memory location not occupied
by another active command data word. However, command data words keyed to the
master timer can only be stored in one or more specific memory locations assigned
to the command function. The eight-bit number of a memory address assigned to a
command function keyed to the master timer is identical to the eight-bit destination
number contained in the stored command data word if that same function should be
keyed to the sequence timer. If more than one memory address is assigned to a
command function normally keyed to the master timer, any one of the assigned ad-
dress numbers can be used as a destination number if keying to the sequence timer
should be necessary.
Table 8-1 lists the number of each command function defined for the C&S, the timer(s)
to which each function will normally be keyed, and the quantity of memory address/
destination numbers assigned to each function. Ninety-one command functions are
keyed to the sequence timer and twelve functions are keyed to both timers. These
utilize 103 of the 255 available numbers. The other 152 numbers are distributed
among the 34 command functions keyed to the master timer. One hundred twenty-
three numbers are available for instrument and antenna stepping commands EC 20
to EC 27. Consequently, as many as 123 of these commands can be stored at one
time in the C&S.
The adequacy of the Command Matrix has been demonstrated in the foregoing dis-
cussion. To fully establish the adequacy of the memory, its ability to handle a peak
load of commands must be shown. Maximum loading is expected to occur at the time
of capsule separation. Approximately 63 sequence timer commands will be required
for the capsule separation events. In addition, approximately 143 active master
timer commands (including 123 instrument and antenna gimbal stepping commands)
may be in storage. The total number of commands stored will be approximately 206,
leaving 49 memory addresses unoccupied by active commands. Thus, a memory
capacity of 255 command data words appears to be more than adequate for the 1971
Mission and to provide a considerable margin for future growth.
9.0 ADDRESS PSEUDO-NOISE GENERATOR
The address register for the C&S memory is required to function as both a shift reg-
ister and an address number generator. A combination binary countershift register
requires a multiplicity of gates to accomplish the change from one mode of operation
to the other. In order to avoid such complexity, an approach is borrowed from the
Mariner C C&S design. A pseudo-noise generator is basically a shift register. Dis-
abling of the feedback logic is readily accomplished to permit simple shift register
operation. With the pseudo-noise generator enabled, all possible states but one of
the various stages can be generated. The memory is not particular as to the order
in which address numbers are generated so the fact that the numbers are not gener-
ated in binary sequence is of no significance.
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10.0 COMPARISON OF NUMBERS
The following approaches to comparison of stored command time tags with timer con-
tents were considered:
as Use of two parallel comparators: one connected to the master timer, the
other connected to the sequence timer, and both connected to a shift register
containing a time tag.
be Use of a single parallel comparator connected to a shift register containing a
time tag and to gates which would present the contents of one or the other
timer to the comparator.
C. Use of a serial comparator connected to the memory output and to gates which
present one bit of the master timer or the sequence timer to the comparator.
The contents of the timers v_ uld be circulated between one-second input pulses
to permit the bit-by-bit comparison.
de Use of a serial comparator connected to the memory output and to a shift
register to which the contents of one or the other timers would be transferred.
The shift register contents would be shifted to allow bit-by-bit comparison.
Of the four approaches, the third (c) requires the least overall hardware complexity
but degrades the reliability of the timers by increasing their complexity. The fourth
approach (d) requires the next least hardware complexity and involves no increase in
timer complexity. The latter approach is, therefore accepted.
11.0 COMBINING LOGIC AND OUTPUT SWITCHES
This is the only component of the C&S that may be subject to change from mission to
mission. Changes in numbers of memory addresses assigned to the various master
timer commands as well as changes in the quantity of command functions defined for
the C&S may result from a change in mission. Based on information given in Table 8-1
in VB220FDl12 (Flight Sequence) and VB234FD107 (Controller and Sequencer), re-
quirements for the 1971 Mission are approximately as follows:
a. Output switches
Discrete command outputs 136
Cyclic outputs 3
Outputs to LCE 3
Telemetry outputs 51
Total quantity of output switches 193
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bo Combining logic
a. Nine logical "or" functions with a combined total of 127 inputs.
b. One flip-flop
c. One two - input logical AND function.
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1.0 SCOPE
The following is a description of designs considered for the articulation subsystem.
Alternatives are considered in the following areas:
b°
Number of gimbals for articulation of the high gain antenna.
Number of gimbals for articulation of the planet scan platform.
Gimbal angle control alternatives.
Actuator alternatives.
Co
d.
In addition to the options considered in this section, an entirely different design,
_'_'_ __..............._b_d 0n an Earth-Mars referenced spacecraft attitude control, is discussed in
VB 220 AA 010 of this volume.
2.0 HIGH GAIN ANTENNA ARTICULATION OPTIONS
The following is a discussion of several options for the articulation of the high gain
antenna. In general, the antenna articulation requirements arise from the fact that
the spacecraft is not Earth oriented. The various options are in terms of the degree
of Earth orientation versus Sun-Can,pus orientation of the spacecraft. The options
considered are as follows:
a. Two gtmbah
A. X, Y Rotation
B. Y, X Rotation
b. One gimbal and biased spacecraft attitude in one axis.
c. No gimbals and biased spacecraft attitude in two.axes.
2.1 TWO GIMBAL OPTION
If the spacecraft has a fixed orientation relative to the Sun-Can.pus reference system,
two gimbals are required to satisfy all of the requirements of paragraph 3.1,
VB 234FD 108.
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Two gimbal arrangements will be considered:
ao The inboard gimbal rotates the outboard gimbal axis about the spacecraft -X
axis. The outboard gimbal then rotates the antenna about the intermediate Y
axis. (See Figure 2-1. )
Do The inboard gimbal rotates the outboard gimbal axis about the spacecraft
Y axis. The outboard gimbal rotates the antenna about the intermediate -X
axis. This gimbal arrangement is similar to that described above, except
that the order of the gimbals is reversed.
Figures 2-2, 2-3, 2-4, 2-5, 2-6, and 2-7 are time histories of gimbal angles for the
earliest and latest possible launch dates in 1971 and 1973. In these Figures the gimbal
angles for option 1 are A and B. The corresponding angles for option 2 are A' and B'.
From these curves it is evident that option 1 has a potential gimbal lock condition.
However, for communication distance greater than 15-million kilometers, this condi-
tion does not occur. Ignoring this gimbal lock problem for the moment, option 2 is
slightly better than option 1 in that the gimbal range requirements are somewhat
smaller. This fact combined with the potential gimbal lock problem leads to the
selection of option 2 as the preferred design. However, in view of the communication
distance requirements, this choice is not clearcut. It must be noted here that in
VB 234FD 108, option 1 is presented as the preferred design. This choice was made
because the potential gimbal lock problem was uncovered only after much of the vehicle
configuration and interface work was completed.
I
Y YV
Z V
\'t
/I
-Zv /
ANTENNA DIRECTION
-X V
Figure 2-1. Antenna Gimbal Arrangement
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Figure 2-2. Antenna Gimbal Angles and Communication 
Range, Launch May 3, 1971 
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Figure 2-3. .Antenna Gimbal Angles and Communication 
Range, Launch June 22, 1971 
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Figure 2-5. Antenna Gimbal Angles and Communication 
Range, Launch June 8 ,  1973 
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Figure 2-6. Antenna Gimbal Angles and Communication 
Range, Launch August 15,1973 
110 
100 
90 
80 
70 
60 
a 5 0  
w 
2 40 
W 
30 
< 
y 20 
m 9 10 
0 
-10 
-20 
-30 
-40 
-50 
0 25 50 75 i nn  125 150 175 zoo 22s 250 275 300 
TIME (DAYS) FROM SEPT 213. 1973 
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2.2 ONE GIMBAL OPTION 
Figures 2-8 and 2-9 depict the Earth cone and clock angles about the Z axis of the 
reference coordinate system. 
From the nature of these Figures, one is led to consider the possibility of using a 
single gimbal fo r  articulation of the antenna in conjunction with a spacecraft attitude 
bias. 
A possible arrangement is depicted in Figure 2-10. In this figure a rotation (A) of the 
spacecraft about the +Z reference axis is accomplished by electrically biasing the 
Canopus sensor. The antenna is then rotated through an angle (B) about the spacecraft 
Y axis. A Canopus sensor similar to the one recommended in VB 234FD 102 could be 
electrically biased over a *25 degree range. To minimize the electrical bias range it 
is necessary to provide an initial mechanical bias based on the selected launch date. 
Because of the limited electrical bias range of the Canopus sensor this articulation 
option would result in a "grayout" period in the operation of the high gain antenna. 
The key characteristics of the grayout are given in Table 2-1. 
2PC 
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Figure 2-8. Earth Cone and Clock Angles, Launch Dates 
May 3, 1971 and June 22, 1971 
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Figure 2-9. Earth Cone and Clock Angles, Launch Dates 
July 8, 1973 and August 15, 1973 
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Table 2-1. Option 2, High Gain Antennat Grayout Characteristics 
Comm Range at Max. Y 
(Khl x lo6)  (Degrees) 
Launch Date illax. Grayout Er ror  
Grayout Start Grayout End 
(Days) (Days) 
1 
I 
June 22, 1971 23 14 5 . 5  
May 3,  1971 80 108 25 11 .5  
The reason for  the grayout can be seen bv referring to Figure 2-11 which shows the 
cone and clock angle for  a May 3, 1971 launch. The mechanical bias (20 degrees) for 
the Canopus sensor is optimized for this launch date. The maximum e r r o r  in antenna 
pointing (11.5 degrees) occurs at a clock angle of 200 degrees. Grayout starts at a 
clock angle of 135 degrees (80 days after launch) and ends at a clock angle of 245 
degrees (108 days after launch). 
This grayout problem can be circumvented by biasing the antenna axis to correspond 
to the maximum angle e r ro r  shown in the table. However, the mechanical bias re- 
quired would be a function of the launch date and v,iould have to be a last-minute 
correction. 
210 200 iRO 160 140 
260 
i 26  
100 
so 
50 
Figure 2-11. Earth Cone and Clock Angles,  and Grayout for May 3 , 1 9 7 1  Launch 
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The effect on the Planet Scan Platform of using this high gain antenna gimbal option
has not been examined. However, in view of the relatively small range of Canopus
sensor bias during the orbit phase, this effect should not be severe. The gimbal range
required for the only antenna gimbal in this option is essentially the same as that re-
quired by gimbal B of the recommended design.
2.3 RIGIDLY MOUNTED ANTENNA
One possible scheme for rigidly mounting the antenna to the spacecraft is described
here. Another scheme is discussed in VB220AAl10.
In the following scheme the high gain antenna is an array, located as shown in Fig-
ure 2-12. The elements of the array are mechanically phased (slot spacing) so that
the main lobe axis is in the XZ plane and at an angle of 30 degrees from the minus Z
axis of the spacecraft.
The sun sensors which control orientation of the spacecraft about the X and Y axes are
electrically biased by the C & S so as to orient the antenna to the Earth.
If the high gain antenna is not used during the early part of the transit phase, the -Z
axis of the spacecraft need never be oriented more than 15 degrees away from the sun.
The resulting loss of solar array efficiency is less than 3.5%.
A _b-----
A qb------
ROC
ENGINE
ARRAY
VIEW A A
Figure 2-12. Rigidly Mounted Antenna
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An intermediate gain antenna must be used to substitute for the high gain antenna during
maneuvers. This antenna may be rigidly mounted to the spacecraft. The coverage of
this antenna is the X-Z half plane containing the -X axis.
The possibility of using an off-axis paraboloid instead of the array antenna described
above was also considered. The paraboloid would be designed so that the main lobe of
the antenna pattern in the XZ plane is at 30 degrees from the -Z axis. The paraboloid
would be in the same location as the array. This would require that the retro-engine
be moved to some other location. Another possible location for the retro-engine is
such that the thrust vector lies in the X-Y plane. This arrangement would unduly com-
plicate the operation of the auto pilot and restrict permissible center of mass location
thereby reducing mission flexibility. No further consideration was given to the use of
an off-axis paraboloid.
2.4 COMPARISON OF HIGH GAIN ANTENNA ARTICULATION OPTIONS
Table 2-2 provides a summary comparison of the various high gain antenna articulation
options. Option 3 would seem to be less desirable than options I and 2 because:
a. An additional antenna is required for communication during maneuvers.
b, It is theoretically feasible to achieve the off-axis pattern required from the
array. However, the design of this antenna would be relatively new and un-
proven. The most significant argument against option 2 is the requirement
that the Canopus tracker mechanical bias and the antenna mechanical bias are
functions of the launch date. Adjustments would have to be made after a firm
launch date has been selected. Other than this, options 1 and 2 would seem to
be equally good. In the interest of simplifying launch procedures, it is recom-
mended that option 1 be used.
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3.0 PLANET SCAN PLATFORM
The following is a discussion of several options for the articulation of the Planet Scan
Platform. The following options are considered:
a. Three Gimbals - Two gimbals are used to erect a perpendicular to the orbit
plane. The third gimbal rotates the Planet Scan Platform about this perpen-
dicular so as to orient the instruments to the local vertical.
b. Two Gimbals - The two gimbals are used to erect a perpendicular to the orbit
plane. The instruments are rigidly mounted to the outboard gimbal. Two
black and white TV, one color TV, and three IR instruments are used.
C- Two Gimbals - One gimbal is used to erect an approximate perpendicular to
the orbit plane. The other gimbal rotates the instruments about this perpen-
dicular so as to orient the instrument axis approximately to the local vertical.
do One Gimbal - One gimbal is used to erect an approximate perpendicular to
the orbit plane. The instruments are rigidly mounted to the outboard end of
the gimbal. Two black-and-white TV, one color TV, and three IR instru-
ments are used.
The relative value of each of these options is compared in terms of value functions
which are proposed for the various instruments. It is recognized that these values
are not absolute, but are used here to illustrate the relative merits of possible gimbal
arrangements. In addition, a comparison is made in terms of the number of instru-
ments required and the number of gimbals required.
3.1 VALUE FUNCTIONS
The following value functions are proposed as a means of comparing the relative worth
of the various Planet Scan Platform gimbal arrangements. The parameters considered
in the value functions are depicted in Figure 3-1.
3.1.1 BLACK-AND-WHITE TV VALUE FUNCTION
The proposed value function for black-and-white TV is as follows:
)
= -_exp-0.04 LL -10° " 10° _- _ILL
VBW _ Z _-30 °
L 0 ; elsewhere
-_ 75 °
H is given in kin.
This value function is given explicitly in the Voyager 1971 mission guidelines.
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Figure 3-1. Value Function Parameters
3.1.2 COLOR TV VALUE FUNCTION
The following value function is proposed for color TV.
V
e
_000
.H
_q
0
; 60 ° _ 7IL L --120°
Z --- 30 °
; elsewhere
This value function is based on the assumption that high light levels are required for
color TV. In addition, it is assumed that shadows will be of little picture value in
a color TV system.
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3.1.3 IR SCANNER VALUE FUNCTION
The following value function is proposed for the IR Scanner.
1 ; -10 ° -<TILL <-+10 °
Z -<30 °
VI. R 0.5 ; 10 ° ---TIL L _190 °
Z -<30 °
0 ; elsewhere
In the Voyager 1971 mission guidelines, it is given that IR coverage should range from
illumination angle of -10 to +190 degrees, and that the region from -10 to +10 degrees
is more valuable. The value of a half from the region +10 to +190 degrees was as-
sumed arbitrarily.
3.2 OPTION ONE, GIMBAL ARRANGEMENT
Three gimbals are used in this arrangement. The inboard gimbal and the intermediate
gimbal are used to erect a perpendicular to the plane of the orbit. The outboard gim-
bal rotates the instruments about this perpendicular so that their line of sight is par-
allel to the local vertical. This arrangement is described in detail in paragraph 3.5 of
VB 234FD 108.
3.3 OPTION TWO, GIMBAL ARRANGEMENT
The two gimbals of this option are arranged as the inboard gimbal and intermediate
gimbal of option 1. The instruments are mounted in a configuration depicted in Figure
3-2. In this figure the gimbals are depicted in their null position.
3.4 OPTION THREE, GIMBAL ARRANGEMENT
The gimbal arrangement for this option is depicted in Figure 3-3. The line M is fixed
in the spacecraft coordinate system. The line W is at a fixed angle _ from M and is
rotated about M by the inboard gimbal (A). The direction of M ;and the value of {_ are
such that W can be erected approximately perpendicular to the plane of the orbit by
means of a single gimbal rotation, A. The outboard gimbal (B) rotates the Planet Scan
Platform about W so as to orient the instruments approximately to the local vertical.
3.5 OPTION FOUR, GIMBAL ARRANGEMENT
The one gimbal in this option is the same as the inboard gimbal in option 3. The in-
struments are rigidly mounted in an arrangement similar to that shown in Figure 3-2.
The entire arrangement is set at an angle such as to give maximum value for the in-
struments early in the mission.
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3.6 COMPARISON OF VARIOUS PLANET SCAN PLATFORM GLMBAL OPTIONS
Table 3-1 provides a comparison between the four Plant Scan Platform gimbal options.
The value functions for the various options were averaged for the entire six-month
mission duration, and normalized relative to option 1.
The values given for option 4 are not entirely valid because a formulation error in the
computer program resulted in a pessimistic estimate of the value for the option.
Both options 2 and 3 compare favorably with option 1 in terms of value function, while
having one less gimbal. Option 3 does not require the extra instruments that are
required in option 2. Assuming that the proposed value functions are valid, option 3
would appear to be the best.
On the other hand, these value functions are somewhat arbitrary and are based on an
assumed set of instruments. Since the full complement of experiments is not yet
chosen option 1 must be recommended in the interest of flexibility. However, the
procedure that was followed above provides an example of a procedure which might
be used in selecting the optimum gimbal arrangement when the full complement of in-
struments is known.
3.7 PLANET SCAN PLATFORM GIMBA.L OPTIONS
The following options were considered in addition to the ones described above.
3.7.1 GIMBALED MIRRORS
The possibility of using a gimbaled mirror instead of gimbaling the instruments was
considered.
The advantage of using mirrors is that the instrument wires need not be continuously
flexed where they are passed through the gimbals. The major disadvantage of using
a mirror is that it would distort the field of vision of line scanner instruments such
as the IR scanner. If a mirror were used, the scan path would not necessarily be per-
pendicular to the orbit track. As an example of this problem, consider the following:
A mirror is aligned so that it is at 45 degrees to the orbit normal and rotates about it.
The instrument lines of sight would be aligned parallel to the orbit normal. The mirror
would be rotated so that the projected instrument lines of sight would be parallel to
the local vertical. Assume that at some point in the orbit an instrument scan line is
projected through the mirror such that it is perpendicular to the orbit track. Then,
a quarter orbit later, this same line will be parallel to the orbit track. When the
scan of a line scanning instrument becomes parallel to the orbit track, the coverage
drops to zero. For this reason, the possibility of using a mirror was discarded.
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3.7.2 ENCLOSURE IN A 'TRANSPARENT" DOME
The possibility of enclosing the entire Planet Scan Platform in a transparent dome
was considered. This arrangement would permit hermetic sealing of the entire Planet
Scan Platform including the gimbals. However, no suitable material was found from
which the dome could be constructed. The primary difficulty was that the dome would
have to be relatively transparent throughout the visible spectrum and into the far IR
(to 20 microns). If the materials problem were solved, a transparent dome would still
suffer from the problem of solar reflections off its inside surface. These reflections
would tend to interfere with instrument operation.
4.0 GIMBAL ATTITUDE REFERENCES
Since the spacecraft has a controlled attitude and its epheremis is precisely known,
the gimbals may be controlled open loop (by command from the C & S or command de-
coder ) or they may be controlled close loop (through some suitable attitude sensor).
The following is a discussion of the tradeoffs between these two approaches.
4.1 OPEN LOOP OPERATION
A simple way of implementing open loop operation is to use the C & S to command a
step change in gimbal angle whenever such a change becomes appropriate. The num-
ber of such commands required is a function of the increment size and the time history
of the gimbal angle. A 0.25 degree increment has been allocated in the error budget
for all of the gimbals. The resulting number of commands required to control the
various gimbals open loop is given in Table L, paragraph 4.5, of VB234FD108. In
this paragraph it is shown that all but the outboard gimbal of the Planet Scan Platform
require less than 100 to 500 operations during the entire mission. On the other hand,
the outboard gimbal requires 1600 operations per orbit about Mars. During the six
months of orbit phase, this gimbal will have gone through 400,000 quarter degree
increments.
4.2 CLOSED LOOP CONTROL
The type of sensor required to close the loop around a gimbal is a function of the gim-
bal application.
An optical Earth tracker or a monopulse type RF sensor (built into the high gain an-
tenna and command receiver) might be used to control the antenna gimbals. Either
sensor would have to operate over a range from 15 million kilometers to 180 million
kilometers. RF command contact with the spacecraft would have to be sufficiently
continuous for proper operation of the RF sensor if this sensor were used. In general,
command contact would have to be reestablished prior to the build up of about one de-
gree attitude error in the antenna. Inthe worst case this could occur at a frequency of
3 times a day. Operation during maneuvers might present some special problems. If
the loop around the antenna is closed during slewing of the spacecraft, some provision
must be made to slew the spacecraft such as to avoid gimbal lock in the antenna gimbals.
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If the loop is opened during spacecraft slewing, some provision must be made for
reaquisition of closed loop control around the antenna gimbals. This might be ac-
complished through the use of the C & S to orient the antenna to within the valid error
range of the sensor after each slewing maneuver. If this approach were used, the
gimbal control would include all of the equipment necessary for open loop control in
addition to the equipment required for closed loop control. The only possible justi-
fication for such an approach would be that the command load for open loop control
cannot be tolerated.
Closed loop control of all three of the gimbals might be accomplished through a 2-axis
horizon sensor and a gyro compass. The horizon sensor would erect a plane perpendi-
cular to the local vertical. The gyro compass would then erect a line in that plane
perpendicular to the plane of the orbit. Appropriate error signals could be resolved
from the sensor outputs for each of the Planet Scan Platform gimbals.
4.3 OPEN LOOP VERSUS CLOSED LOOP
An appropriate criterion for selecting between open loop and closed loop operation is
the number of step changes in gimbal angle required during the course of the mission.
This criterion reflects the complexity of open loop control which must then be compared,
subjectively, to the relative complexity of closed loop control. Referring to paragraph
4.5 of VB234FD108 leads to the conclusion that gimbal E (the outboard gimbal of the
Planet Scan Platform) is significantly different in its irequirements from the other
gimbals. The requirements for gimbal E would be rather severe if they were im-
plemented open loop. All of the other gimbals have about the same requirements
with regard to number of commands required and in general are less severe than
gimbal E. From this it is concluded that all but gimbal E might best be controlled
open loop while gimbal E might best be controlled closed loop through a horizon sen-
sor. To circumvent the possibility of horizon sensor failure, gimbal E should also
be controllable open loop in backup mode.
4.3.1 GIMBAL E HORIZON SENSOR OPTIONS
The discussion which follows is an evaluation of three options for the gimbal E (PSP
outboard gimbal) horizon sensor. The options are in terms of three types of horizon
sensors which are:
a. Radiometric Balance
b. Conical Scanner
c. Dither Scanner.
The requirements for the horizon sensor are to sense the horizon attitude about the
gimbal axis. For the type of control logic which will be used in gimbal E, the sensor
must provide an error signal in which an error between -0.25 and -10 degrees is
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distinguishable from all other values of error. The effect of all sensor error me-
chanics, combined, should be less than 0.25 degrees.
The horizon sensor must be in operation throughout the portion of the orbit where the
sub-spacecraft point is on the sunlit side or on the dark side within 10 degrees of the
terminator. This requirement presents the problem of sensing and comparing a sun-
lit horizon to a dark horizon. A simple balance of radiation from two such opposite
horizons would be subject to undesirable high error. This consideration will affect
the choice of horizon sensor.
The manner of sensing the Martial horizon is determined to a large extent by the
natural radiation properties of the planet. The tenuity of the atmosphere and the
greater distance from the sun means larger changes in temperature from day to night,
and a generally colder planet than earth. These conditions suggest the use of long
wave length infrared (10-40 microns) where there is less thermal contrast and which
includes the peak radiation for the probable temperature range of 150 to 300°K.
Because of the thinness of the atmosphere and its low level of water vapor, little in-
frared radiation will be sensed from the atmosphere itself compared to the surface
radiation at these spectral wave lengths.
The quantity of carbon dioxide is sufficiently uncertain as to preclude a design to work
in that band (14-16 microns) exclusively. Hence, the 14-35 micron range is selected
primarily on the basis of the temperature range expected at the Martian surface.
4.3.1.1 EDGE TRACKING HORIZON SCANNER
Edge tracking horizon sensors cause the projected field of view or the detectors to
dither across the horizon-space interface at two or more locations spaced around the
planetary disk. The action of this sensor is such as to cause the center of the dither
field to lie close to the horizon edge and to be relatively independent of temperature
gradients away from that edge.
The Advanced Technology Division of American Standard has developed an edge track-
ing sensor that has been flown on an OGO satellite. A newly modified version of this
sensor comprising smaller electronics would compare in size and weight to the digital
radiation balance type described below. This sensor consists of two optical heads
per axis. As designed, it is capable of greater accuracy than required, so that there
exists the potential for trading off weight and power to achieve required accuracy.
The design values listed have not, however, been compromised in such a tradeoff.
The sensor consists of a small telescope in front of which is a flat mirror that is
dithered approximately plus and minus two degrees by an electromagnetic drive as-
sembly supported by flexible pivots. The drive has no sliding frictional parts and
the flexure pivots have a proven life of 1010 degrees (e. g., at 10 degrees/cycle and
10 cps life is approximately three years). The drive can be operated from less than
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15 cps to well over 60 cps andpositioned so as to give an optical deflection to center
the dither angleover a range of *80 degrees as needed.
The dither motion causesthe field of view of the IR telescope to continually cross and
recross the horizon. Whenthe horizon is centered on this oscillation of the field of
view, a symmetrical signal is produced at the amplifier output, and the zero crossings
will be equally spacedin time. Thus, at null there will be no dc content in the am-
plifier output. Whenthere is error, the outputwaveform becomesunsymmetrical
and contains a dc component. This dc componentis amplified by the drive amplifier
and applied to the electromagnetic drive, resulting in a recentering of the field of
view onto the horizon.
A single axis system will weigh approximately six poundsand require four watts of
2400cps power.
4.3.1.2 RADIATIONBALANCE HORIZONSENSOR
The radiation balancetype sensor compares the level or radiation in two separated
fields of view aimed to include the horizon at the two ends of a diameter of the plan-
etary disk. If the radiation densities in the two fields of view are dissimilar, ac-
curacy of null along the local vertical is impaired. Compensationtechniques are
available but complicate the instrument. Two schemes are practicable. In one, each
field of view is split into subfieldswhich are equallyirradiatedwhen the subfieldsstraddle
thehorizon edge. Thesensor logic thendetermines thelocal vertical asalongthebisector
of theanglebetweenthetwomajor fields of view. In theother scheme, thefield of view is
madeinto anarrow strip upto 90degrees longandafew degreeswide. A mosiac of detec-
tors lines the strip. Thesensor electronics countthenumberofunirradiated elements on
either side oftheradiating planetary disc andcomparethemfor anull. Of theradiation
balancetypes, thosenotcompensatingfor differences in radiation density at oppositeho-
rizons arenotattractive, sincetheassociatederrors donotpermit optimumperformance
capability. Recently developedby Barnes Engineering Companyis a planetary horizon
sensor that is baseduponcounting the detector elements that are not irradiated by
the planet centeredwithin the field of view. In this sensor the detector elements are
arranged in a narrow strip so that the field of view in one axis is approximately
10x 180degreesoverall, with each detector element having a field of 1 x 10 degrees.
Whenthe planet is centered with no error, the number of non-irradiated detector
elements on oppositesides of the planetary disc are equal. Readoutis digital with
resolution of one-half degree, andthe detector mosaic strip is sampled every 0.3
seconds. Weightof one headin the production model will be approximately three
pounds. Two headsare required for 180 degreecoverage in one axis so that sensor
weight for one axis is six pounds (including onepoundfor electronics}. The power re-
quirement is approximately five watts.
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4.3.1.3 CONICALHORIZONSCANNERS
Conical scan sensors have been developed to a high level of accuracy when operating
against the earth horizon. However, similar performance against the Martian horizon
is not assured since the Martian atmosphere is considerably different and not yet as
well describable in terms of the design parameters. Moreover, high accuracy with
these sensors is obtained by a weight and power penalty that is an undesirable trade-
off in this application. For these reasons, specific manufacturers of this type are
not considered.
4.3.1.4 SELECTION OF A HORIZON SENSOR FOR VOYAGER
For the Voyager mission, the edge-tracking sensor developed by American Standard
and the radiation balance-type sensor developed by Barnes Engineering Company are
both suitable. For the prime vehicle configuration a single axis horizon sensor is
required. The estimated power and weight of either of these sensors in single axis
versions is about the same. The mechanical parts reliability of the American Standard
sensor has some greater substantiation by virtue of many earth satellite missions.
Both sensors would require utilization of integrated electronic circuitry to realize the
predicted weight. Development of the circuitry has been started. The available his-
tory of reliability and the status of needed development favor the selection of the
American Standard edge-tracking sensor at this time.
5.0 GIMBAL ACTUATOR ALTERNATIVES
The choice of gimbal actuator devices is influenced by the following considerations:
a. The mechanism must be hermetically sealed.
b. The operating life of the mechanism must allow for 12 months operation in
space after an appropriate test cycle.
c. Minimum magnetic dipole is required.
d. The available torque of the mechanism must be limited to prevent damage
when the load is restrained (caged or up against gimbal stop).
e. Reliability is a primary consideration.
fo Minimum power consumption and minimum weight are among the primary
considerations.
g. The driving signal must be in digital format.
h. Detent, or holding action, is required between changes in gimbal angle.
i. The minimum gimbal angle increment must be 0.25 degrees.
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The following actuator devices were investigated and eliminated in light of the above
considerations:
ao Servo Motors - This type of device would require closed loop operation
through a gimbal pickoff or a gimbal attitude sensor. The device is analog
in nature so that a digital to analog converter would be required to interface
with the C & S or command decoder. The power consumption would tend to
be a function of the noise level in the gimbal pickoff or the attitude sensor.
b. Rotary Solenoids - This type of device would require complicated mechanical
linkages.
Co DC Motors - This type of device has a very high starting torque. Therefore,
rate feed back would be required (in addition to position feed back) to stabilize
the drive loop. If this device used brushes, it would tend to be unreliable.
Brushless versions, on the other hand, are still in the early development
phase and have unsubstantiated reliability.
do Magneto-Strictive or Piezo Electric Devices - These devices show a great
deal of promise, but for the moment they are largely in the laboratory de-
velopment phase.
After eliminating all of the above alternatives, there remains only stepper motors as
a possible choice for the gimbal drive. Such devices have been successfully used as
solar vane position actuators on Mariner. The resolution and response time of stepper
motors is adequate for this application. High reliability, low power consumption, and
open loop operation with digital inputs are some of the other advantages of these de-
vices.
Gearing will be required to provide the desired drive characteristics. The size of the
motor, the gear ratio, and the input step rate are all functions of the required load
drive characteristics.
5.1 STEPPER MOTOR AND GEAR RATIO CONSIDERATIONS
The stepper motor selected for all of the gimbals is the I. M.C. Magnetics Model
No. 020-800 which has the following key characteristics:
Step Size - 90 ° Stall Torque - 25 oz in.
No Load Speed - 100 steps per second Running Torque - 8 oz in.
Rotor Inertia - 15.4 gram centimeters 2 Detent Torque - 0.8 oz in.
The estimated load characteristics and requirements are given in Table 5-1.
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The key design equations which govern motor selection and motor step rate are:
_H = (_'s°r I"D) m+T F
IR
SL = SNL IR + IL/m2
The symbols in the equations above are defined as:
r = The holding torque available at the gimbal.
H
T = The motor stall torque. This torque is available to hold the load if the
motor is energized in the stall mode.
D
The motor detent torque.
motor is not energized.
This torque is available to hold the load if the
V F = Gimbal friction torque.
m = Gear ratio.
S
L
= The maximum output speed of the rotor under load.
SNL = The maximum no load speed of the rotor.
I R = The rotor moment of inertia.
I L = The load moment of inertia.
Analyzing the requirements of Table 5-1 using the above equations and the given motor
characteristics, results in the following conclusions:
a. A minimum of 360-to-1 gear ratio is required to achieve the necessary step
resolution of 0.25 degrees at the gimbal.
Do A minimum of 2500-to-1 gear ratio is required to hold gimbal A using a
motor in the stall mode. A gear ratio of 2880-to-1 willbemore convenient;
therefore, this value will be used.
C. A minimum of 420-to-1 gear ratio is required to hold gimbal B using a motor
in the stall mode. A gear ratio of 720-to-1 would be more convenient; there-
fore, this value will be used.
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d. With the above recommended gear ratios, a gimbal step rate of 0.25 degrees
per second can be achieved on all gimbals. For gimbal A all commanded
steps will be converted to eight steps at the input of the motor. The steps
will be approximately 1/8 second apart. On the other gimbals all commanded
steps will be converted to two steps at the input of the motor. The steps will
be approximately 1/2 second apart.
6.0 GIMBAL PICKOFFS
The following is a discussion of alternative methods for sensing and reporting gimbal
angle. In this discussion, it is assumed that stepper motors are used to drive the
gimbals in 0.25 degree increments so that it is not necessary to provide a feed back
signal around the gimbal drive. The only purpose for the gimbal pickoff is to provide
a telemetered indication of the gimbal position.
The gimbal angle requirements for the 1971 and 1973 missions are as follows:
-25 "-A -< + 15
-50 -< B -< + 206
-23 -<C -<-+ 53
-57 -D -< +6
-10 -< E -< + 190
The gimbal pickoff accuracy required is 0.25 degrees. An analog pickoff such as a
potentiometer would not be adequate since the telemetry encoding accuracy is 3%.
The output of a digital sensor can be processed by the telemetry encoder with no
further degredation in accuracy.
Two types of digital gimbal pickoffs will be considered:
ao Shaft angle encoder. A shaft angle encoder senses the actual shaft angle
and provides a binary coded indication of the angle. The output is available
as N parallel lines each of which is a logical 1 or zero. The number of lines
required is the binary order of magnitude of the encoder.
b. Shaft angle step sensor. A shaft angle sensor will sense an incremental
change of shaft angle and the direction of the change. The output is available
as a pulse pair on two lines. The order of the pulse pair (line 1 followed
by line 2 or vice versa) is an indication of the direction of change. Each pulse
pair is an indication of one increment change in shaft angle. The output of
the instrument may be converted to binary coded shaft angle in a reversible
counter. A negative gimbal stop indication may be used to initialize the
counter.
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Assuming the presence of a negative gimbal stop sensor, the two types of gimbal
pickoffs can be made to provide equivalent functions. The relative advantages and
disadvantages of these two types of instruments are:
ao Power Consumption - In general the step sensor w.ill have a significantly
lower power consumption than the shaft angle encoder. However, a tempor-
ary power dropout could cause a loss in reference in the step sensor revers:-
ible counter.
b. Weight - The step sensor willweigh less than the shaft angle encoder.
c. Reliability - The step sensor should be more reliable than either an optical
type or brush type shaft angle encoder.
d. Number of Output Lines - The reversible counter for the step sensor can be
located within the telemetry subsystem thus requiring only three lines.
A shaft angle encoder for any_of the gimbals in this system would require at
least nine output lines.
In view of the above listed advantages, the step sensor is selected in preference to the
shaft angle encoder.
6.1 STEP SENSOR SELECTION
The function of this sensor is to generate a direction sensitive pulse or pulses for
each 0.25 degrees rotation of the associated outboard gimbals. Several devices were
considered in the selection; these included photoelectric, variable reluctange pick-
i offs, and mechanical and magnetic switches.
The photoelectric step sensor would require a minimum of two photo diodes or tran-
sistors, two lamps (or one lamp and a lens arrangement), a rotating chopper disc
for light-beam interruption, and direction determination, and electronics to shape
and amplify photo-sensor output.
The variable reluctance sensor requires two pickoffs, angularly displaced in a plane
normal to the shaft. A slug of permeable material, mounted in a non-magnetic
carrier on the shaft is rotated past the pole piece of the pickoff and the change in flux
linkage between the pole pieces of the pickoff induces a small EMF. Shaping and am-
plification of the output is required prior to its use as a digital signal.
A pair of sealed snap-action switches with roller followers may be actuated by a pair
of angularly displaced cams on the shaft to be sensed.
A pair of hermetically sealed magnetically operated permeable reed switches may be
mounted parallel to the axis of the rotating shaft. They are actuated in sequence by a
bar magnet attached to the shaft, in a non-magnetic carrier.
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Primary considerations in the _lec_lon were:
Weight, Power, Output, Reliability, Life, and Torque.
Table 6-1 compares these devices.
7.0 COMMAND DECODER INTERFACE CONSIDERATIONS
Gimbals A, B, C, and D are driven by the C & S in the primary mode. Gimbal E is
driven closed loop through a horizon sensor in the primary mode. The following is
a discussion of considerations involved in using the command decoder as a backup
control for these gimbals.
The control of two types of gimbal action must be considered:
a. Slew Action - In this type of action the gimbal is set into motion at 0.25 de-
grees per second. The source of control signal (C & S or horizon sensor
loop) contains the necessary logic to stop gimbal slew after the desired change
in angle has been executed.
b. One Step Action - In this action the gimbal executes a single 0.25 degree
change in angle per command.
Discrete command decoder commands can be used to control one step action. How-
ever, ff discrete commands were used to control slewing action, the stop slew com-
mand would have to be transmitted and executed at a prescribed integer number of
seconds after the start slew command. It is not practical to depend on this degree of
timeliness for command decoder commands. Therefore, quantitative commands
would have to be used if the command decoder is to control slewing action of the gim-
bals.
Quantitative commands would be received in a buffer register associated with the
gimbal. The contents of the register would correspond to the desired number of
quarter degree steps required in the slewing action. The sign of the required slew
could be indicated by one of the bits of the quantitative command. A discrete com-
mand could be used to start the slew. Upon receipt of this command, the gimbal
would start slewing in the desired direction at 0.25 degrees per second. The contents
of the register would be counted out at one bit per second simultaneously with the
slewing of the gimbal. When the register reaches its reference state the slewing
would be stopped. The logic involved in this approach is not overly complex (See VB
234FD105). Nevertheless, it is felt that even this level of complexity is not warranted
for a backup mode of operation. Therefore, the only command decoder backup mode
for gimbals A, B, C, and D will be to control one step action.
Gimbal E control is backed up by the C & S. No further backup of this gimbal with
the command decoder seems necessary. Therefore, no provision is made for com-
mand decoder control of gimbal E.
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8.0 DESIGN ALTERNATIVES NOT CONSIDERED
The following is a list of design elements for which only one approach was considered:
a. Gimbal Stop Sensor - Micro-switch
b. Gimbal Control Logic - As shown in VB234FD108.
The following design tradeoffs were not fully evaluated in the course of this study:
a. Electrically phased array versus mechanically articulated high gain antenna.
b. The use of a separate brake (mechanical or magnetic) to hold gimbals A and
D during engine firings instead of the use of a stepper motor in the stalled
mode.
c. The use of a high friction drive to hold gimbals A and B during engine firings
instead of the use of a stepper motor in the stalled mode.
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1.0 SCOPE
This section describes the alternate temperature control approaches considered and
explains the rationale employed in arriving at the preferred 1971 spacecraft thermal
design discussed in VA235FD101.
2.0 LAUNCH PAD COOLING ALTERNATES
The spacecraft may be temperature controlled on the launch pad by either of the
following methods:
a. The nose fairing can be heated or cooled by flowing temperature/humidity
conditioned air over the fairing's external surface. Heat then flows by
radiation and natural convection between the spacecraft and the fairing. The
air flow dispersion device is automatically pulled away from the nose fair-
ing at lift-off.
b. Temperature/humidity conditioned air can be passed through appropriate
filters and ducted directly inside the nose fairing through afly-away dis-
connect. Once inside the fairing, the air is divided into two flow paths,
viz., one around the circumference of the spacecraft..and a second 0he .....
du6_t_l to fh_p'_of the fli_t capsule sot_t the air then flows downward
across the capsule's surface. Both flow paths exit from the nose fairing
at the vent ports. Thus, heat is transferred efficiently by forced con-
vection. Since the bus shutter actuators operate on the ground, as well as
in space, air can circulate directly over the equipment heat rejection
surfaces.
The external cooling approach is considered to be marginal in its heat removal cap-
acity (estimated at 4 watts per ft 2 of shutter area) and in its capability for keeping the
bus section electronic equipment below 65 °F at lift-off. In addition, the latter method
is preferred because of its inherent capability to accommodate future flight capsule
• RTG heat loads.
3.0 FREE MOLECULE HEATING CONSIDERATIONS
Between shroud separation and earth orbit injection, the spacecraft is subjected to a
large transient burst of free molecule heat flux. Smaller amounts of molecular flux
are also encountered during the earth parking orbit. The effects of these fluxes on
exposed equipment of low thermal mass will be determined in Phase IB.
The magnitude of this free molecule heat flux is directly proportional to the thermal
accommodation coefficient, the theoretical value of which ranges between 0 and 1.0.
As a result of flight experience with a GE classified satellite program, the nominal
value of the thermal accommodation coefficient has been determined to be 0,6 with
3 _ limits of _-0.2, in conjunction with a 1962 Standard Atmosphere. This information
permits a much more accurate prediction of equipment temperature rise than was
possible previously.
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4.0 BUS SECTION - TEMPERATURE CONTROL CONSIDERATIONS
4.1 REVERSIBLE THERMAL CONTROL COATINGS
The following temperature-dependent coating methods were investigatedfor their
possible application to the Voyager spacecraft:
a. To cause a decrease in solar absorptivity as temperature increases:
1. Thermotropic mechanism
2. Photochromic mechanism
(a) Organic
(b) Inorganic
(c) Photochromic glass
b. To cause an increase in emissivity as temperature increases:
1. Principle of selective radiators
2. Drude free electron theory
3. Scattering principle of sintered semiconductors
None of these methods is recommended because:
a. They require considerable development with no assurance of successful
results.
b. Their rate of change in solar absorptivity or emissivity with temperature
is much too small when compared to flightproven shutter designs.
4.2 ACTIVE VERSUS PASSIVE CONTROL
Three basic types of temperature control systems were simulated on the analog com-
puter to determine the optimum thermal control approach for the bus section. These
we re:
a. Passive control on all bays
b. Passive control on four bays, active control on the remaining eight bays
c. Active (shutters) control on all bays
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Passive control is capable of maintaining all temperatures within the allowable limits,
as shown in Table 4-1. However, as much as 98.8 watts of heater power is required
in the transit phase during periods of minimum electronic equipment dissipation.
Heater power usage during sun-oriented periods in transit is permissible, since the
solar array is sufficient to provide power for the highest assembly dissipations which
occur in Mars orbit. Therefore, at any time that assembly dissipations are below
their maxima, the corresponding difference in power is available for heaters. During
midcourse and retro maneuvers and sun occultations, however, the spacecraft is
operating on battery power only; consequently, any heater power requirements re-
presents a significant penalty (e.g., 27.9 watts during the second midcourse maneu-
ver). Total passive control for the bus section is feasible at the expense of heater
power and flexibility (design and operational).
The combined active-passive system also provides adequate control and alleviates
the need for heaters. The performance of this control method is shown in Volume A
(VB235FD101). However, with this control, design changes of the equipment in the
four passive bays cannot be easily accommodated.
All active thermal control is recommended for the bus section, primarily because of
the flexibility it affords. Active control can accommodate changes in equipment dis-
sipations, locations, and material tolerances which are generally experienced late in
any spacecraft design cycle, without major changes to coatings, local design and/or
heat rejection surface areas.
4.3 MAGNITUDE OF INTERNAL CONDUCTION VERSUS RADIATION
In conjunction with the analog computer thermal analysis of the bus section (de-
scribed in the appendix to Volume A, VB235FD101), studies were made to determine
the effect of the various heat flow paths in relation to thermal coupling within the bus
section. Conduction paths, both circumferentially around the equipment module and
between the center node (node 13, which simulates the tankage) and the peripheral
nodes (nodes 1 to 12, which simulate the electronic assemblies), were removed.
Temperature variations did not differ significantly from those occurring in the orig-
inal network. This result indicated that conduction is not a principal contributor to
the thermal interaction between nodes, and that changes to the structural design which
change the heat flow paths will not significantly alter the effects noted in this study.
High bay-to-bay conduction is, of course, desirable, but not necessary to the success
of the design. This result is reasonable considering the size of the spacecraft and the
relatively long conduction paths. The effect of internal radiation was found to be far
more significant. Cases were studied for a high (0.9) and low (0.15) emissivity value
on the central node (node 13) and for complete blockage of all internal radiation.
Using the high emissivity case as a reference, both remaining cases showed a greater
spread in steady state temperatures and a larger response to solar incidence due to
isolation from the large thermal mass of node 13. These effects are more pronounced
in the case for complete radiation blockage. Table 4-2 shows a comparison of the
cases considered. The steady state temperatures listed (as a reference) are for the
second midcourse maneuver prior to solar impingement.
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Table 4-2. Effect of Internal Radiation
Configuration
Full radiant
interchange
E =0.9 on node 13
E = 0.15 on node 13
All internal radia-
tion blocked
Steady State Temps.
Prior to Maneuver
Maxim um
(Hottest
Node- 1)
Minimum
(Coldest
Node - 12)
44
Max. AT.
26.5
Midcourse Maneuver*
62
62
66
44
27
Max Temp.
26.5
35
89
89
101
AT Node 13
2.7
1.0
Neg.
*Direct solar impingement (280 BTU/hr ft 2) on node 3 for 2 hours.
As a result, all internal structure surfaces and surfaces of tanks and subassemblies
will be treated to obtain ahigh emissivity finish, and the structure design will be as
open as possible to take maximum advantage of internal radiant heat exchange. To
avoid internal contamination, individual plumbing lines will not be thermally coated.
4.4 SIZING OF HEAT REJECTION SURFACE AREAS
A parametric analog computer study showed 10 different and widely varying areas as
being theoretically optimum for the component bay heat rejection surfaces. Because
the use of these areas results in no significant thermal advantages, it is recommended
that only two "standard" sizes of shutter assemblies be used, viz., 2 ft 2 and 4 ft 2.
This standardization yields many economic, manufacturing and implementation ad-
vantages. Table 4-3 shows both the optimum and the standard areas associated with
each bay.
4.5 SHUTTER FAILURE MODE - OPENED VERSUS CLOSED
In the event of a failure of the shutter actuation mechanism, it is desirable to return
the blades to some predetermined position, chosen on the basis of thermal considera-
tions. Shutter failures, in the opened and closed positions, were simulated on the
analog computer on a bay-by-bay basis. Table 4-4 shows the results of these two
failure modes.
With the shutter failed closed on any particular bay, the temperature level of the
entire bus section is raised. However, overheating is not sufficiently above 80°F
to be catastrophic to the function of the electronic equipment.
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Table 4-3. HeatRejection Areas
Node
1
2
3
4
5
6
7
8
9
10
11
12
Subsystem
Command
Optimum
Area
(ft 2)
1.8
Radio
Radio
Power
Power
Power
G&C
C&S
Science
DAS & Science
DH& S
DH & S, Relay
3.8
3.8
3.8
1.5
3.6
2.3
1.0
2.4
1.5
0.4
1.3
Standardized
Area
(ft 2)
2.0
4.0
4.0
4.0
2.0
4.0
4.0
2.0
4.0
2.0
2.0
2.0
Table 4-4. Failure Modes
Subsystem
Command
Radio
Radio
Power
Power
Power
G&C
C&S
Science
DAS, Science
DH&S
DH & S, Relay
Node
1
2
3
4
5
6
7
8
9
10
11
12
Temperature With
Shutter Failed Closed
(°F)
102
82
75
92
77
79
71
71
Temperature With
Shutter Failed Open
(°F)
28
24
24
27
6
11
26
17
*These nodes were considered passive during analysis. Estimated extreme temper-
atures would fall between limits given for other nodes.
With the shutter failed open on a particular bay, all the bus section temperatures are
lower. The temperatures of the equipment mounting panels never drop to a level which
could be considered seriously detrimental to equipment performance. However, for
most failures, the temperature of node 13 (tankage) falls below 40 °F. Since that re-
presents the absolute low limit for the monopropellant, heaters would be required on
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these tanks. Themaximum power requirement is estimated to be 3 watts. In order
to conserve power and simplify the shutter actuator design, a closed shutter position
is recommendedin the event that both the primary and secondary actuators fail.
4.6 EMERGENCYSHUTDOWNOF COMPONENTS
If it were necessary to turn off the science and radio subsystems (nodes9, 2 and 3)
in order to conserve battery energy during Mars eclipse, about 6.2 watts of heater
power would be required on node 13 (the tankage) to maintain 40°F (at steady state).
Therefore, 5-watt thermostatically controlled heaters are recommendedfor each
monopropellant andfreon tank. Table 4-5 showsthe averagebay temperature for
the shut-down subsystems. These temperatures are considered to be tolerable over
the maximum three-hour duration in such anemergency situation.
Table 4-5. Average Temperatures of Non-Operating Subsystems
In Emergency Condition
Node Subsystem SteadyState Temperature (°F)
9
2
3
Science
Radio
Radio
30
4
23
4.7 SHUTTER DESIGNCONSIDERATIONS
4.7.1 SHUTTER ACTUATOR SELECTION
Alternate methodsof shutter actuation, independentof spacecraft power, are avail-
able. These include methodsusing actuators such as: (1) bimetallics, (2) two-phase
fluid and (3) thixotropic (single-phase) fluid. A comparison of these methods is
presented in Table 4-6.
It can be observedfrom Table 4-6 that eachactuation method has certain advantages
and disadvantageswith nomethod being clearly outstanding. The two-phase fluid
actuation methodis selected for this application, since structural integrity of multi-
actuator systems (eleven equipmentpanels) is of critical concern. Primary ad-
vantagesof the two-phasefluid actuation are:
a. The structural integrity of such devices is excellent. They are relatively
invulnerable to normal and extraneous vibration experienced during boost,
upper stage and midcourse maneuver phases.
b. Temperature sensitivity is believed to be superior to all other methods. The
actuator operates by conductive heat flow direct from the thermal dissipators,
so that it also experiences the most rapid temperature response.
Co Redundant actuators and individual shutter return springs, which are readily
accommodated by this actuation method, lead to high reliability even under
certain failure contingency modes.
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do Actuators are interchangeable and shutter mechanisms are of modular de-
sign (in two basic sizes). This simplifies development and qualification
programs.
Furthermore, the two-phase fluid method was chosen because of prior successful
experience (e. g., Nimbus A flight and thermal vacuum test results, and Advent
thermal vacuum test results). Even though critical techniques are required (e. g.,
sensor tube filling procedures), sufficient knowledge has been acquired to confidently
say that the potential problems are solvable.
Some doubt exists concerning sensor fluid decomposition in the unknown radiation
environment near Mars. Although sensor fluid irradiation data is scarce, that which
is available indicates that the decomposition products are in the form of ions in the
liquid phase, and not in the form of non-condensable gases which would prevent the
shutters from closing completely. Should the results of required additional tests
indicate the presence of non-condensable gases, the bimetallic method of shutter
actuation would then be employed.
4.7.2 SENSOR FLUID SELECTION
In the order of importance the following are the most desirable sensor fluid param-
eters:
a. Tolerance to nuclear irradiation
b. High surface tension
c. Low heat of vaporization
d. Moderate temperature-pressure saturation characteristic
e. Material compatibility
The fluid selected is ethyl chloride which excels in most of these factors, with a
satisfactory irradiation resistance at low levels (105 rad) but an unknown tolerance
at higher levels. Studies show chloride ions (in liquid phase) will probably be re-
leased at absorbed dosages of 107 rads at the outside of a 1 gm/cm2 fluid shield.
Irradiation tests will be performed during Phase IB.
4.7.3 BEARINGS SELECTION
Conventional bearings are not employed, so as to avoid lubrication problems under
exposure to large temperature extremes. Self-lubrication coatings such as teflon
were also considered but have been rejected on the basis of material loss under long
term vacuum exposure. Flexure pivot bearings have been selected for shutter
mounts, since they do not require lubrication, do not produce static friction, and
have virtually no hysteresis.
11 of 28
CII - VB235AA101
4.7.4 LINKAGE DRIVE
Primary mechanisms considered to convert linear actuator motion to rotary shutter
motion were: (1) wheel and crank, (2) rack and pinion, and (3) wheel-tape drive.
The wheel-and-crank type was rejected on the basis of weight and the additional side
forces resulting at the actuator drive. The rack-and-pinion type was discarded
primarily because of weight, complexity, and the danger of cold welding unless special
surface coatings are provided. The wheel-tape drive was selected since it was by
far the lightest of all drive linkages, with no foreseeable problems under long-term
space (temperature and vacuum) exposure.
4.7.5 RELIABILITY AND FAILURE MODES
Redundant actuator-sensor tube assemblies are provided for each shutter assembly
to compensate for a principal failure mode of fluid leakage. Although leakage has
not been experienced on the Nimbus A flight, micrometeoroid puncture, though re-
mote, must still be of concern. The use of redundancy inthis case does not com-
pound the reliability problem, since ideally the basic actuator assembly is mechan-
ically failure-free. Should both actuators (on a given panel) lose pressure, the
return springs on each blade will close the louvers. Potential failure modes and
design solutions are listed in Table 4-7.
4.8 SHUTTER BLADE DESIGN
The aluminum honeycomb shutter blades used in the Advent and Nimbus spacecraft
were covered with a one-quarter inch thickness of aluminized mylar superinsulation.
The purpose of this insulation was to prevent heat leak age for the shutters in the closed
position. However, subsequent comparison of the Advent and Nimbus shutter test data
with that of Mariner, Pegasus and Pioneer has lead to the conclusion that a closed shut-
ter effective emissivity of about 0.15 is obtained with or without the superinsulation on
the blades. The chief heat leaks occur at the blade edges and at the interfaces between
adjacent blades, rather than perpendicularly (straight through the blades). Therefore,
the use of superinsulated shutter blades for Voyager was rejected.
Instead, a lighter weight blade consisting of two 3-mil aluminum faces separated by
a one-quarter inch thick phenolic honeycomb is recommended. In addition, the
emphasis in the blade design is placed on minimizing the edge losses to achieve an
even lower heat leak than has been obtained previously.
4.9 SHUTTER GEOMETRY AND RADIANT PROPERTIES CONSIDERATIONS
4.9.1 INTRODUCTION
The trajectory correction and Mars orbit injection maneuvers pose the problem of
sun impingement on shutter surfaces. Therefore, a study was undertaken to
12 of 28
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Table 4-7. Potential Failure Modes and Design Solutions
Potential Failure Mode Design Solutions
Actuator-- Loss of Fluid 1.
Actuator--
Actuator--
Actuator--
Drive failure--
Excessive Superheat
of Fluid
Linkage Hang-Up
Presence of Non-
Condensables
Tape Breakdown or
Support Failure
.
.
Bellows design avoids excessive
flexing. Maximum travel 1/2 inch.
No seals in fluid containment.
Redundant actuator-sensor tube
assembly automatically assumes
control.
If the two actuators leak, louvers
close.
Proper filling procedures avoid this
problem. Design data is available that
establishes the precise filling techniques.
Linkage consists of drive tapes which are
always under tension. This and suitable
contact angles minimize this problem.
la
o
Initially removed during filling.
Only saturated vapor-liquid is
present.
Formation of non-condensables
result in incomplete closure of the
louvers.
.
.
.
Individual louver closes if a tape
fails. Other louvers are unaffected,
and operate normally.
Flex pivot failure is not catastrophic.
Some support from adjacent louvers,
which operate normally, is inherent.
Return spring failure will probably
result in a small shift in the tem-
perature control limits.
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determine the effects of this solar impingement on various shutter systems so that
an optimum system could be chosen. The analysis is presented in the appendix to
Volume A (VB235FD101).
The systems considered were (see Figure 4-1):
a. Parallel operation
1. Diffuse inner and outer blade surfaces
2. Diffuse outer blade surface, specular inner blade surface
3. Specular inner and outer blade surfaces
b. Opposed operation
1o Diffuse inner blade surfaces
2. Specular inner blade surfaces
For the purpose of comparison, all systems were analysed in the full open position
(O = 90 ° in Figure 4-2).
Before a realistic comparison of the various systems can be made, each system
must first be made as optimum as possible, taking into consideration available coat-
ings and material temperature limits.
These analyses were performed for a full open shutter; therefore, the coating selec-
tion data presented for a parallel system also applies to the opposed system since the
only difference between these two systems is the base width to blade height ratio
(A/B in Figures 4-3 through 4-8).
On the specular surfaces, the use of a polished metal yields high local blade tem-
peratures. In order to avoid blade warping due to temperature gradients and possible
bond failure due to high temperature, the (_/_ ratio was restricted to 1.0.
4.9.2 INNER AND OUTER BLADE SURFACES DIFFUSE
Figure 4-3 shows the effect of blade solar absorptivity on the effective solar absorpti-
vity of the system. From this figure, it can be seen that for lower values of blade
absorptivity, the system effective absorptivity is not only lower at @ = 0 (maximum
(_eff), but it also falls off more rapidly as _)increases. This is important for the
maneuvers since the heat capacity of each bay is required to keep the subassemblies
below their maximum temperature limits. Thus, the subassembly temperatures will
depend upon the integrated absorbed solar energy over the period of solar impinge-
ment. It is apparent, then, that the lowest possible blade absorptivity should be used.
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9
#
BASE SURFACE
PARALLEL SYSTEM
%
OPPOSED SYSTEM
Figure 4-1. Configuration Description
Figure 4-2. Angle Definition
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For a diffuse/diffuse shutter system, the blade emissivity has no effect on the effective
surface properties of the system. It does, however, affect the temperature of the blades
themselves.
The blade properties for this system are chosen as:
= 0.12
S
|
= (does not affect system performance)
4.9.3 OUTER BLADE SURFACE DIFFUSE- INNER BLADE SURFACE
SPECULAR
It has been established for the previous configuration that the diffuse blade surfaces
should have a low solar absorptivity.
The effect of the absorptivity and emissivity of the specular blade is shown in Figures
4-4 and 4-5, respectively. The optimum system is obtained when the blade radiative
properties are at a minimum.
The properties of the specular blade are chosen as:
c_ = 0.12
S
= 0.12
4.9.4 INNER AND OUTER BLADE SURFACES SPECULAR
From Figures 4-6 and 4-7 it can be seen that the minimum values of 0_ and ¢ on the
s
blades provide the highest value of Cef f and the lowest aeff" In order to keep the blade
temperatures low, however, an a/c of 1.0 was chosen for the blades with:
,v = 0.12
= 0.12
4.9.5 SHUTTER SYSTEM COMPARISON
In order to accurately compare the relative merits of the five systems, the heat re-
jection capability of each was determined as:
T4Q = Ceff cr -C_ef f S cos
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where
¢ elf = effective emissivity of the base surface (Figure 4-1)
aeff = effective solar absorptivity of the base surface (Figure 4-1)
T = base surface temperature (°R)
S = solar constant (BTU/hr ft 2)
= sun angle (degrees) (Figure 4-2)
The results of this equation are plotted in Figure 4-8 for T = 70 °F and S = 434
BTU/hr ft 2 .
4.9.6 SHUTTER SYSTEM SELECTION
The opposed type shutter geometry is superior in its heat rejection capability to
the parallel type geometry, but the parallel type is preferred for the following
reasons:
a. It is mechanically simpler than the opposed type.
b. Its performance is adequate for the bus section.
c. Its heat leak in the closed position is less than that of the opposed type.
The vacuum-deposited A1203 coating (see paragraph 6.0 for discussion of coatings)
on the blades is essentially specular. However, the conservative approach is taken
in that the sizing of heat rejection surface areas and assembly and subassembly
analytical temperatures are based on the radiant properties of a diffuse/diffuse shutter
system rather than on those of the specular/specular shutter system. This greatly
simplifies quality control (ensuring flatness and smoothness of the blade surfaces)
during fabrication.
4.10 THERMOSWITCH SELECTION
The Klixon type M2S bimetallic thermoswitch (made by the Metals and Controls
Division of Texas Instruments) was selected on the basis of its low drift tolerance
(_=2°F) and on its actual flight performance on a classified GE program.
Normal installation of the heater controllers involves a group of three thermoswitches,
two control temperature switches wired in parallel and one over-ride switch wired in
series. The reasoning behind the wiring method involves the failure modes of the
thermoswitches. If failure occurs with one of the control switches in the open position,
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the other parallel switch provides control. If failure of the control switch occurs
in the closed position, the over-ride switch (set at 20 °F above the control tempera-
ture switch) opens at the high temperatures thereby conserving heater power and
protecting the subassembly from overheating. The only failure that could cause
complete loss of control would be a failure in the open position of the series (over-
ride) thermoswitch. This is unlikely because the switch is, under normal operation,
in the closed position.
4.11 SELECTION OF SHUTTER POSITION INDICATOR
The linear differential transformer has been selected over a potentiometer type of
transformer because of the smaller amount of friction present in the differential
transformer, and because of the greater number of cycles the differential trans-
former is capable of executing during its useful lifetime. Linear differential trans-
formers can be made very sensitive and are frequently used for applications in which
motions of thousandths of an inch must be detected. Because the smallest resolvable
movement is infinitely small, the resolution of the whole measurement is equal to that
resolution provided by the data encoder. If this is 1% and if the movement to be moni-
tored is one-half inch, then the smallest resolvable motion is 0.005 inch, correspond-
ing to a shutter angular movement of 0.9 degree.
The magnetically permeable core of the differential transformer is usually a ferrous
material. In accordance with the desire to keep the spacecraft magnetically "clean",
a ferrite toroidal core as small as possible will be used. It is not expected that the
differential transformers will present any magnetic field problems, however, because
of the normally small size of the cores and because they will be operated at fre-
quencies much higher than those detectable by the magnetometer.
4.12 SUPERINSULATION BLANKET THICKNESS CRITERIA
The most important property of superinsulation is its apparent thermal conductivity.
For a given temperature range this property is dependent on the bulk density of the
superinsulation blanket, where bulk density is an expression of the number of layers
and the total thickness in which they are contained. Figure 4-9 shows the apparent
conductivity of aluminized Mylar versus b_k density, as taken from Advent test data.
The optimum bulk density for 1/4 mil aluminized Mylar blankets is 2.5 lb/ft 3 or about
56 layers in a 1/2 inch thickness. To minimize weight, only a 1/4 inch thickness is
desirable (except for the areas near the engines and the normally illuminated surfaces
where high temperature resistant composites are used), requiring 28 layers to achieve
the optimum apparent thermal conductivity. Since an embossed 2 mil aluminum foil
outer layer is required to protect the Mylar against exposure to nuclear radiation, the
recommended number of layers for the normally non-illuminated spacecraft sur-
faces is 25.
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Figure 4-9. Apparent Thermal Conductivity of Multilayer, One-Quarter
Mil Aluminized Mylar
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5.0 TEMPERATURE SENSOR SELECTION
Resistance thermometers have been chosen for temperature measurement over
thermistors, thermocouples or semiconductors because of relatively high level out-
put, linearity and applicability to a wide range of temperatures. In several instances
where a thermistor may be capable of excellent performance and might ordinarily be
employed, it was decided to employ resistance thermometers in order to maintain the
pattern of temperature measurement and its conversion to a telemetry signal, as has
been arranged for most of the temperature sensors. Platinum has been selected for
use over carbon, tungsten or nickel because of platinum's resistance to corrosion,
its adequate temperature coefficient of resistance and its well-known, reproducible
temperature-resistance characteristic.
The sensor may assume various shapes, the shape of any one depending upon the place
in which it is to be located. Frequently it is used as a flat piece mounted upon a thin
sheet of metal. This flat shape makes it convenient to mount the sensor to the side of
a subassembly. The sensors are mounted by means of a silver-filled epoxy cement to
ensure good thermal contact.
6.0 MIDCOURSE ENGINE SUPERINSULATION CONFIGURATION CONSIDERATIONS
The midcourse engine catalyst bed must be at 30 °F or above at ignition to prevent
hydrazine freezing. During the flight capsule ejection and Mars orbit injection se-
quences, there is a two hour period where the midcourse engines are possibly non-
illuminated prior to the firing. This means that the normal steady state temperature
must be high enough to accommodate the 2 hour cooling period while maintaining the
catalyst bed above 30 °F. The superinsulation blanket configuration influences the
steady state and transient cooling temperatures, as illustrated for four cases in
Figure 6-1. The case I configuration is preferred because: (1) it provides accept-
able temperature control, and (2) it is practical from a superinsulation attachment
viewpoint. This configuration will yield steady state engine temperatures ranging
from 312 ° near earth to 197 °F at Mars encounter, with an expected coldest ignition
temperature of 60 °F.
7.0 THERMAL COATING SELECTIONS
Due to the degradation of organic materials in the nuclear radiation environment,
inorganic coatings will be used on all external thermal control surfaces.
The electron beam vacuum deposition process (A1203) is preferred since it is capable
of yielding a / ¢ values between 0.3 and 3.5 with a low (0.12) solar absorptivity. How-
ever, this process is presently limited to application on small surfaces. Thus, it
will be used to coat the shutter blades to achieve an ¢_/_ of 1.0 (with _ = 0.12). This
will keep the maximum blade temperature below 325 °F during direct sun impingement
conditions.
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CASE I
TEMPERATURE
STEADY STATE
AT MARS ENCOUNTER
(°F)
197
TEMPERATURE
AFTER 2 HRS
('F)
60
CASE II
/
48 12
CASE III
144 134
CASE IV
65 40
Figure 6-1. Midcourse Engine Insulation Configurations
27 of 28
CII - VB235AA101
The Fairchild-Hiller MTL-3 process (developed for Pegasus) will be employed on the
large superinsulation surfaces, which are normally non-illuminated. Actually, the
coating will be applied to a 2 mil thick aluminum foil on the external surface of the
mylar superinsulation blanket. An_/E of 1.0 (with _ = 0.38) will be used to keep the
maximum surface temperature below 250 °F during direct sun impingement conditions.
The choice of a coating for the heat rejection surfaces beneath the shutter assemblies
involves a trade-off between one (Alzac _ = 0.16, _ = 0.74) that has good solar ab-
sorptivity stability to nuclear radiation (NRL/NASA Goddard data} but which has a less
than ideal emissivity, and two coatings (either Pyromark White _ = 0.19, ¢ = 0.84 or
Vita-Var PV100, _ = 0.21, ¢ = 0.87) that have poor solar absorptivity stability to
nuclear radiation but high emissivity. It is suspected that the solar absorptivity of
these latter two coatings will increase to at least 0.5 due to the low energy particles
of nuclear radiation. The high emissivity is desirable to provide extra margin in
heat dumping capability. Solar absorptivity stability is desirable to minimize thermal
cycling of assemblies during maneuvers when the sun might impinge directly onto the
heat rejection surface.
The Alzac coating is recommended because:
a. From a subassembly reliability viewpoint it is important to minimize the
amplitude of thermal transients, and
b. Present analysis shows that the shutters are not fully open, thereby allowing
some margin for additional heat rejection capability.
The Vita-Var PV100 coating (_ = 0.21, _ = 0.87) is recommended for the normally
non-illuminated surfaces of the solar array because its high emissivity helps to keep
the array cool and its low solar absorptivity helps to minimize the influence of the
earth albedo fluxes in the Earth parking orbit; the Mars albedo fluxes are negligible.
Degradation of the solar absorptivity during transit or Mars orbit is of no consequence
to the solar array.
The external surface of the normally illuminated superinsulation blankets has an
/c = 4.0 to permit heat (4.6 W/ft 2 near earth, 1.9 W/ft2 near Mars) to penetrate
the blanket thereby aiding in keeping the propellant and attitude control gas tanks
warm. This _/_ is obtained with a highly polished metal surface (3 mil non-
magnetic stainless steel near the midcourse and retro engines, and 2 mil aluminum
elsewhere).
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1.0 SCOPE
This section contains a summary of the structural design studies performed, the ra-
tionale for the preferred design concept (see Appendix to VB235FD102) and some alter-
nate approaches which could lead to increased structural efficiency. Also included as
part of the structural design is the meteoroid penetration protection design.
2.0 CONSTRAINTS - GENERAL
The configuration of the preferred design was selected considering minimization of
structural weight as a major constraint (VD220AAl13). In obtaining the most efficient
configuration from a system point of view, however, certain compromises in structural
efficiency were inevitable. The most significant of the configuration induced con-
straints are:
a. The geometrical constraint of the flight capsule interface bolt hole diameter,
the booster adapter interface diameter, and the shroud's dynamic envelope.
b. Use of a flat-sided equipment module sufficiently large to house electronics
and propulsion. (A dodecagon shaped prism, 100 inches across flats.)
e. A modular propulsion package.
These constraints basically fix the major load path requirements, and also the design
loads by virtue of location of the high mass items.
The design objective to provide a structure compatible for the 1971/73 and the 1975/77
mission configurations also constrains the structural efficiency in addition to the nor-
mal constraints inherent in spacecraft structural design. These latter considerations
are:
a. Ease of manufacturing and cost
b. Reliability through adherence to state-of-art practices
c. Compatibility with other subsystem requirements (standardized packaging,
thermal paths, alignment, dynamic characteristics, view angles)
d. Accessibility, cleanliness and ease of maintenance
e. Environmental constraints.
The significance of some of the environmental conditions on the overall structural
design is summarized in Table 2-1. The influence of the other constraints on the
structural design of the preferred concept is discussed in detail in sections which
follow.
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Table 2-1. Influence of Environmental Constraints on
Structural Design
Condition Environmental
Factors Significance to Structural Design
Pre- Launch
Ground Handling
Transportation
Storage and
Checkout.
Accelerations
Temperature
Pressure
Humidity
Corrosive/atmo-
sphere
The Spacecraft will be designed to en-
able independent handling and checkout
of subassemblies. The mission structural
efficiency will not be compromised for
these conditions but reliance will be made
on special fixtures and protective pack-
aging.
Launch and
Powered Flight
Steady State,
Sinusoidal and
Random
Vibrations
Acoustical Noise
Pressure
Temperature
Shock loads from
Engine Ignition,
Insulation Panel
Ejection, Space-
craft Separation,
etc.
The combination of these loads will
govern the design of the major structural
elements such as the Spacecraft adapter,
primary loadpaths through the Bus,
Capsule support, propulsion system mount-
ing, and solar panel support structure.
Noise will dictate enclosure and isolation
of some critical components.
Pressure reduction from 14.5 psia to
10-6 mm vacuum will necessitate venting
provisions.
Thermal control during this time will rely
on thermal inertia. This will result in
the designation of minimum thermal path
requirements for structure.
Critical components such as gyro wheels,
electronic elements and lenses must be
either isolated or located such that shock
loadings are adequately attenuated.
Interplanetary
Transit
Temperature Integration of active temperature control
devices will regulate structural concepts
and material selection in component
areas ° Design must be such so that ther-
mal stresses and deflections are min-
imized.
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Table 2-1. Influence of Environmental Constraints on
Structural Design (Continued)
Condition
Environmental
Factors Significance to Structural Design
Cruise
Maneuvers
Radiation
Meteoroids
Attitude control and midcourse correc-
tion maneuvers will introduce dynamic
loads in deployed appendages such as
solar arrays and instrumentation. Severe
servo-elastic coupling between the
attitude control system and these append-
ages must be avoided by proper design.
Degrading effects on the properties of
some materials and coatings may elimin-
ate them from design consideration.
Protection to critical items must be
incorporated into the design. "Split
skin" bumper design approach will be
used where possible.
Martian Orbit
Injection
Steady State and
Dynamic Accelera-
tions
Temperature
The severity of this load condition could
govern structural design of subsystems
requiring deployed appendages. Engine
support structure or insulation must be
designed so that sufficient material
strength is maintained under radiated
thermal flux.
Other Sterilization,
Propulsion System
Tank Pressuriza-
tion and Fuel
Compatibility,
Magnetism, Cold
Welding
Phenomenae
Specific subsystem requirements may
influence material selection and structural
concepts locally. These will be factored
into the design on an individual basis.
3.0 LOAD PATHS
The primary load paths dictated by the configuration selection, run from the flight
capsule interface adapter ring through the equipment module, and to the spacecraft
adapter interface ring. The optimum load path from the standpoint of structural
efficiency is a direct tension-compression cone, uniformly loaded by the flight capsule,
and uniformly reacted at the booster mating plane. A load path such as this would
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require a continuous flight capsule connection, utilization of the electronic packages
of the equipment module to carry axial loads as well as shear, and provisions for
distributed support points for the propulsion unit. Optimum strength/weight ratios are
readily available with this type of construction utilizing honeycomb, corrugations or
truss core construction, in that the same structure provided for axial loads would also
be capable of reacting shear loadings.
The first subsystem constraint introduced into the design is the desire to minimize the
flight capsule support points. Leaning heavily on the flight experience gained on many
reentry and orbiting capsule programs conducted by the General Electric Co., six
tension and compression load points were chosen as a reasonable compromise between
spacecraft structural efficiency and flight capsule design requirements, interface com-
plexity, and separation reliability.
The second subsystem constraint was the requirement to orient the electronic sub-
assemblies so that the mounting tray structure was horizontally located in each bay.
This simplified, and thus minimized, harnessing weight.
The third subsystem constraint influencing the design was the desire to simplify the
propulsion system interface by minimizing the number of attachment points.
The generation of concentrated loads and the discontinuity of axial load paths resulting from
incorporation of subsystem requirements eliminated the consideration of monocoque con-
struction for the flight capsule support structure and the equipment module support structure.
The remaining construction choices were:
a. For the Flight Capsule support structure: Truss or semi-monocoque structure
transfering load from six flight capsule attach points to twelve axial members
which frame the equipment bays.
be For the Equipment Module support structure: Semi-monocoque construction
utilizing the equipment sub modules as shear panels and attaching the propul-
sion package to the longeron framing members.
C. For the Spacecraft support structure: Semi-monocoque structure distributing
12 axial loads to the booster interface via shear lag phenomena. At the base,
the structure could be either monocoque or multiple stringer semi-
monocoque.
A geometrical tradeoff also existed, in that the longeron member through the equip-
ment module could have been tilted, thereby reducing the kick loads into the upper and
lower frames. In view of the advantages in stiffening the equipment module bays by
bolting the electronic subassemblies to the longerons, and the fact that the frames
would have sufficient strength to react to kick loads when fabricated to minimum
machine gages, vertical longerons were used. This greatly simplified the interface
between equipment modules and structure.
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4.0 TRUSS VERSUS SEMI-MONOCOQUE TRADEOFF STUDIES
The primary advantages of Truss construction are:
a. Simple tension and compression members are usually the lightest paths
for transmitting loads
b. Concentrated loads can be transferred directly
c. Structure geometry is adaptable to any configuration
d. Excellent aecessability is inherent
e. Manufacturing is simple
f. Truss structure is not affected by an acoustical environment.
The advantages of Semi-monocoque construction are:
a. Loads may be uniformly distributed
b. Webs perform multiple functions by:
i. Reacting inertia loads
2. Aiding thermal control
3. Providing meteoroid protection
4. Providing mounting surfaces for small mass items
c. Dynamic transmissibilities are reduced by inherent damping characteristics
of construction (considering riveted web-stiffner construction).
d. Greater packaging flexibility is afforded by the multiple stringer arrange-
ment.
A comparative design study was performed for the capsule support structure. The truss
structure shown in Figure 4-1 was designed to have a strength equal to the capsule sup-
port cone used in the preferred concept (see Appendix to VB235FD102). Construction
is by aluminum tubes (2024-T 3) connected by monoballed clevis end fittings. The
weight comparison to the semi-monocoque frustrum was very favorable (71 pounds vs
89 pounds). Other weight saving construction methods which were considered but not
accepted are:
a. Use of Beryllium tubing, which has the highest truss tube design parameter (E/p)
b. Welding of the joints
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TUBE SIZES
DIAGONALS 3-1/2" DIA.x. 065 WALL
VERTICALS 3-1/4" DIA. x. 058 WALL
HORIZONTALS 3-1/2" D1A. x. 095 WALL
2024-T3 ALUMINUM TUBING
Figure 4-1. Truss Concept, Flight Capsule Support
Welded joints have a susceptibility to fatigue failures and exhibit poor damping char-
acteristics when subjected to vibration forces. In addition, lower strength/weight
ratios may result from both a restriction of the material to a weldable alloy and re-
duced strengths in heat affected zones not heat treatable. The tube fitting design
shown features a long taper whose area requirements are not fully designed by
buckling criteria. This enabled some weight saving in the member itself, which com-
pensated for most of the fitting weight.
Beryllium tubing was not considered fully state-of-the-art at this time. Tube sizes
are limited and expensive. Welded joints must be considered for beryllium, since
most other fastening methods are not compatible with some of its adverse properties.
Bonded joints can be utilized for launch loaded structure, but ultra-high strength
bonds capable of withstanding the space environment are not fully qualified for prime
structural applications. Brazed joints are likewise unacceptable from a reliability
standpoint.
Despite the apparent weight saving, the truss structure is not recommended as prime.
Weighing heavily in the trade-off decision was the influences of the dynamic environ-
ment and the nature of the design loads. For example, with a low loading index, semi-
monocoque construction shows increased efficiency becoming even more efficient than
a honeycomb shell. For a high loading index, truss melnber areas become larger
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leading to sections with higher L/p's. Reduction of column instability effects leads to
more efficient utilization of material, and hence truss construction becomes more
efficient. Therefore, a significant reduction in design loads could decrease the ap-
parent weight savings of a truss. The torsional vibration environment also acts
against the selection of truss structure. Flight capsule torques are more efficiently
reacted by uniform shear flows to the existing equipment module bays than by tangential
couples as would be induced by a truss. In addition, the shear stiffness of a conic
section is much higher than for an equal weight truss, which could be a significant in-
fluence on the final design loads and the dynamic transmissibilities to the flight capsule.
The most influential consideration was the need for meteoroid protection and thermal
insulation support structure. Analysis proved that the shell structure was capable of
providing this with no additional weight penalty, whereas additional structure would
be required with a truss.
From an overall system choice, therefore, a semi-monocoque conic frustrum was
clearly superior.
4.1 GEODE_C FRUSTRUM CONCEPT
A concept which was not studied in detail, but could be of interest when the capsule
interface is clearly defined is that of the geodesic frustrum shown in Figure 4-2. It
could be advantageous if the shear tie between the capsule and support structure is
constrained to a few reaction points.
Some advantages of this construction are:
a. Concentrated shear loads at the capsule interface can be distributed at the
equipment module through suitable stiffness design of the panels.
b. The funicular shape of the capsule interface frame is more efficient than
a ring for reacting concentrated in plane kick loads.
C. Shear stiffness, meteoroid protection and thermal control are provided in
conjunction with the concentrated load carrying capability and superior axial
load redistribution of the truss.
d. Geometric mismatch between the capsule support structure and the equip-
ment module is avoided.
The disadvantages are:
a. Shear panel stability through curvature is not available.
b. Lateral bending forces are induced by the shear forces in the axial load
carrying members. These kick forces would reduce the torsional stiffness
of the section.
c. The surface area of the geodesic frustrum is greater than for a conic
frustrum.
8 of 39
CH - VB235AA102
...ll.r-_ f CAPSpU_EMATING
/ i+..-
i FIXED
PANEL t I I
' ' ,
t i
I _ ,_ V ACCESS ,
SECTION A-A
Figure 4-2. Geodesic Frustrum Concept, Flight Capsule Support
The conic shell chosen for the preferred design can be considered as the extreme
limit the above structure reaches as capsule shear attach point vertices increase.
5.0 SHEAR PANEL TRADEOFFS- FLIGHT CAPSULE SUPPORT STRUCTURE
Shear panels in the flight capsule support structure are critical for the high torsional
loads of condition 2C ('75, '77 configuration) as are the panels in the equipment module
section and the spacecraft support structure. While the panels in actuality form part
of a frustrum of a cone, certain standard simplifying assumptions have been made
to transform them into structural configurations that are more readily analysed. The
general approach was to consider the panels as being cylindrical, having a radius of
curvature equal to the average radius of the structure divided by the cosine of the half
angle of the conical frustrum. The slant height was taken as the axial length of any
cylindrical element with the average developed panel width being considered to be the
circumferential dimension. The average ultimate shear flow to which the panel is
subjected is 1215 lb/in.
The configurations selected for investigation include:
a. Sheet unstiffened between axial members
b. Sheet stiffened with panel breakers between axial members
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c. Honeycomb sandwich construction
d. Beaded sheet.
The design parameters involved in the analysis are:
a. Minimum weight
b. The panels must be removable for interior access
c. The panels are to be shear resistant at ultimate loads.
5.1 CONFIGURATION 1 - UNSTIFFENED SHEET
The standard curved plate shear buckling equation is used to determine the minimum
required thickness aluminum and magnesium sheet. Other common materials of con-
struction were eliminated on the basis of weight studies performed in conjunction with
equipment module tradeoff studies.
2
K Y E t 3s
12 (1-y 2) b 2
qcr
where
qcr
K
s
b
t
E
V
is the critical shear flow (1215 ppi)
is a constant dependent on the physical dimensions (including curvature)
of the shear panel.
is the least plan dimension of the panel
is the thickness of the panel
is the modulus of elasticity of the material
is Poisson's ratio of the material
By trial and error it was determined that the minimum gage is 0. 148 if constructed
of magnesium sheet and 0. 121 if of aluminum alloy sheet. The respective shear panel
weights would be 3. 367 and 4. 297 pounds.
5.2 CONFIGURATION 2 - SHEET STIFFENED WITH PANEL BREAKERS
It can be seen from the standard buckling equation that the only ways of increasing
the panel stiffness (i.e., reducing the required thickness) is by increasing the value
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K s or by reducing the least dimension of the panel. This, of course, is accomplished
by the addition of sufficiently stiff panel breakers in the form of circumferential rings
or axial members. The physical dimensions of the original unstiffened panel are such
that the inclusion of any additional stiffening members, whether circumferential or
axial, will reduce the structure to essentially a system of flat plate elements.
In the case of magnesium construction with one circumferential stiffener at the mid-
height of the section, it was found that a skin thickness of 0. 130-inch would be re-
quired together with a stiffener of approximately 0.4 square inch cross sectional area.
If constructed of aluminum alloy, a skin thickness of 0. 111 inch is required in con-
junction with a stiffener of 0.27 square inch in area. The respective weights of these
configurations are 3. 669 and 4.722 pounds per panel.
An increase in the number of circumferential stiffeners would provide for a further
reduction in the required skin gage, but this weight savings would be largely offset by
the increased weight of the stiffeners. A magnesium configuration with two equidis-
tant circumferential stiffeners would weigh 3. 150 pounds which represents a near
optimum for this manner of stiffening.
Numerous tradeoffs were conducted to determine the most efficient number of axial
stiffeners and the optimum material of construction. It was found that a large number
of rather closely spaced stiffeners would be consistent with a minimum weight design.
Magnesium is the preferred material of construction for weight purposes but, because
of its lower bearing strength, would require more than twice the number of edge
fasteners as would the most efficient aluminum alloy configuration. This could be
compensated for by locally thickening the edge of the magnesium sheet. The estimated
weight penalty involved is 0. 343 pounds per each of the twelve panels.
The results for all of the stiffened configurations are listed in Table 5-1. Each con-
figuration represents a zero margin of safety against shear buckling at ultimate load,
and consequently, the sheet thicknesses involved are not necessarily the nearest
standard gage. All of the stiffeners considered are efficient I-sections which utilize
a portion of the sheet as effective area.
5.3 CONFIGURATION 3 - HONEYCOMB SANDWICH CONSTRUCTION
Although a multitude of honeycomb configurations exist that would adequately carry
the ultimate shear load, it was expedient to investigate only a limited number of such
structures so that the most favorable weight might be compared with other structural
concepts. There obviously are possibilities of further optimizing the chosen con-
figuration, but the rather involved necessary calculations prohibited this. As such, the
tradeoffs were limited to the consideration of aluminum alloy structures with a core
thickness and shear properties sufficient to assure a high working stress in the face
sheets. It is doubtful if magnesium face sheets could have been used more advantage-
ously because of its relatively low ultimate shear allowables. The optimum configura-
tion, as determined by the methods of Reference 2 of VB235FD102, would entail an
aluminum alloy core of 4.4 pounds per cubic foot density and 0.37-inch thickness
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Table 5-1.
Methodof Stiffening
OneCircumferential
Rib
Stiffened Configuration Results
Material of Construction
AZ31B-H24 Mag
7075T6 Alum
Weight Per Panel
3.669
4.772
Two Circumferential AZ31B-H24 Mag 3. 150
Ribs
1 axial stiffener AZ31B-H24 Mag 3.289
3 axial stiffener AZ31B-H24 Mag 2.992
AZ31B-H24 Mag
7075T6 Alum
5 axial stiffeners
*Add 0.343 pounds for edgethickening to equatemagnesium and aluminum
configurations with respect to peripheral attachments.
combinedwith 7075T6 aluminum alloy face sheetsof 0. 016-inch thickness. The weight
of a panel of sucha configuration would be 1. 676pounds including the necessary bond
betweencore andface sheets but excluding the edgeattachmentmembers. Edge
attachments to the various framing elements canbe accomplished as shownin
Figure 5-1.
The net weight per panel of the edgeattachmentmembers is 1.384 poundsdue pri-
marily to the thickness of the protruding tab. This gageis required to minimize the
number of attachmentsand thereby enhancethe removability of the panels. On the
alternate non-removable panels it is safe to assume that the weight of attachment
members could be reduced by 1/2 if so desired making an averageattachment weight
per panelof 1. 038pounds.
5.4 CONFIGURATION 4 - BEADED SHEET PANELS
The allowable shear load for beaded panels can best be determined through the use of
design curves based on test data (Ref. 2 of Appendix to VB235FD102), rather than
through an attempt at theoretical analysis. As such, it was found that a 0. 072-inch
thick 7075 T6 aluminum alloy panel stiffened by male beads at minimum spacing was
adequate to provide a shear resistant structure at ultimate design loads. The weight
involved is the same as for an unstiffened sheet of 0. 072-inch thickness, namely
2. 652 pounds.
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Figure 5-1. Methods of Attaching Panels to Framing Elements
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Somethoughtwasalso given to the possibility of utilizing magnesium beadedpanels
becauseof the minimum weight advantagesdemonstrated by it for Configurations 1
and 2. The lack of design data andanticipated manufacturing problems, however,
relegates magnesiumto a secondchoice behind aluminum alloy beadedpanels. In
the event that weight becomescritical, the investigation of magnesium beadedpanels
might well beworthwhile.
5.5 CONCLUSION
The preferred choice for the shear panels of the spacecraft support structure is 7075-
T6 aluminum alloy sheet beaded at minimum spacing. This configuration is superior to
any other investigated with regard to minimum weight and ease of attaching and re-
moving. Table 5-2 presents a comparison of the shear panel weights for each of the
four configurations utilizing the most advantageous minimum weight material of con-
struction.
Table 5-2. Shear Panel Weights
Configuration
Unstiffened Sheet
Sheet Stiffened
With Panel Breakers
Honeycomb Sandwich
Beaded Sheet
Material
AZ31B H24 Mag
AZ31B H24 Mag
7075 T6 Alum
Face Sheets
7075 T6 Alum
Weight of Shear
Panel Alone
(ib)
3. 367
2.988
2. 714
2. 652
5.6 EQUIPMENT MODULE SHEAR PANEL TRADEOFFS
Three basic types of construction were considered for the module shear panels,
namely:
a. Unstiffened sheet
b. Integrally stiffened sheet (external stiffness)
c. Sheet stiffened by the module trays.
These configurations were considered adequate to meet the design requirements that
module tray to shear panel attachments be simple and that sufficient contact area
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between the trays and panel be available to provide a good thermal path. Sandwich
construction and bead panels were rejected because they would fail to meet these
requirements.
Other design parameters affecting the final selection of the shear panel configuration
ar e:
a. The product of the thermal conductivity (BTU/E(hr)(ft)2(°F)/ft]) and the
thickness (in.) of the outer shear panel must be equal to or greater than 4.2
b. External stiffening of the shear panel may project outward no more than
5/8 inch from the surface of the panel.
c. Peripheral attachments to longerons and rings should be kept to a practical
minimum to facilitate panel removal.
d. Attachments between the module trays and shear panels should also be
minimized.
e. The structure is to be shear resistant at ultimate loads.
The preferred configuration will meet all of these requirements and also be con-
sistent with a minimum weight design philosophy.
An aid to the selection of the optimum material of construction can be obtained through
the use of the standard shear buckling equation:
2T - y KsEcr 12(1..y2)
where
T
cr
is the critical shear buckling stress
K
S
is a constant dependent only on the plan dimensions of the panel
E is the modulus of elasticity of the material
v is Poisson's ratio of the material
t is the thickness of the panel
b is the least plan dimension of the panel.
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The critical shear flow is
qcr = Tcrt -
2
_t Ks E t 3
12(1_ y 2 ) b 2
or
Required
t
12 qcr (1-y2) b2
2 E
K s
1/3
The weight of the panel is
W = abtD
where
a is the larger dimension of the panel, and
_) is the unit weight of material.
Then
W = abp
12 qcr (1-v 2) b 2 I 1/32
_t K E
S
For any given size panel of any common material and subjected to given shear flow,
the only variables in the preceding equation are pand 1/El/3. Therefore
1
Values of 0/E "_ for common materials of construction are listed in Table 5-3.
Thus, if weight were the only consideration, an unstiffened magnesium panel would
be 73.7 percent of the weight of an equivalent shear strength aluminum panel.
The minimum gage for the various materials consistent with the thermal conductivity
requirement is listed in Table 5-4. No consideration has been given to reinforced
plastics because of their relatively low thermal conductivities. The choice is clearly
between one of the aluminum alloys and magnesium.
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Table 5-3. Values of p/E 1/3 For Various Materials
Material
Magnesium
Aluminum
Titanium
Stainless Steel
/El/3 4p x 10
3.42
4.64
6.35
9.31
Table 5-4. Minimum Gage For Various Materials
Material
Magnesium HK31AH24
Aluminum 7075 T6
Aluminum 2014 T6
Aluminum 6061 T6
Titanium 6AIAV
Stainless Steel A151301
Minimum Thickness for Thermal
(in.)
0. 070
0. 055
0.047
0. O44
1. 105
0.543
5.6.1 CONFIGURATION 1 - UNSTIFFENED SHEET
For a critical ultimate shear flow of 995 pounds per inch, an unstiffened panel of 26
inches in length and 23.5 inches in width would require a minimum gage thickness
of 0. 187 inch if constructed of aluminum alloy and 0. 218 inch if constructed of mag-
nesium. A comparison of these gages with the minimum required from thermal con-
siderations makes it obvious that the thinner required gages of a panel stiffened by
the module trays (Configuration 3) would more closely approach an optimum design.
Configuration 3, however, will entailthe use of approximately 1/3 more connectors
between the module trays and the shear panel than would otherwise be required. Itis
therefore of some interest to determine the weight penalty involved with Configuration
2 in which the module trays are essentiallynon-structural at limit loads.
5.6.2 CONFIGURATION 2 - EXTERNAL INTEGRALLY STIFFENED SHEET
For this configuration it is assumed that the module trays even with minimum attach-
ments are sufficient to somewhat stabilize the individual panels above limit loads. As
such, the panel stability criterion is based on a limit shear flow of 796 pounds per inch.
Considering aluminum alloy as the material of construction, the stiffening arrange-
ment shown below was found to be most advantageous. The lone stiffener running the
width of the sheet structurally divides it into two panels of length (a) 23.5 inches and
width (b) 13 inches. The remaining stiffeners subdivide the panel in such a manner
that the approximate minimum thermal gage can be utilized.
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Required
thickness
= O.061 in._
_--23.5 in.---_
13 in.
+
13 in.
___k_
The required moment of inertia for all stiffeners to provide simple edge support for
the panel subdivisions is approximately 0. 021 in. 4 The section shown provides the
required stiffness and does not project further than 5/8-inch from the outer surface
of the panel.
0. 080 in.
0.75 in.
L J
O.056 in._ f_-- O. 54_ in.
I !
?
0.061 in.
The overall weight of such a panel would be 5. 167 lb of which 27 percent is the amount
required for the stiffeners. The percentage could be appreciably reduced if the depth
of the section were not limited.
The minimum thickness of magnesium skin as dictated by thermal considerations is
0.070 inch. Since the required stiffener moment of inertia is linearly dependent on
the cube of the skin thickness, this increased requirement coupled with the same
depth limitation would result in a slightly heavier structure if constructed of
magnesium.
5.6.3 CONFIGURATION 3 - MODULE TRAY STIFFENED SKIN
The analysis and major details of this preferred type of construction are given in the
Appendix to VB235FD102. In this configuration it can be assumed that the webs of the
module tray stiffeners are no more than 2.5 inches on center. In areas where there
are no modules or the web spacing is greater than 2.5 inches, additional internal
stiffening will be provided to make this assumption valid. It can be seen that with
sufficient module tray to shear panel attachments the lesser plan dimension of any
of the panel subdivisions would be 2.5-inches. However, as previously stated, one
18 of 39
CII - VB235AA102
of the design considerations was to minimize the number of these attachments. A
maximum attachment spacing of 2.9 inches was arrived at which will allow for a near
minimum thermal gage of the shear panel and still not unduly penalize the modular
concept. As such, the lesser dimension of any of the panel subdivisions must be taken
as 2.9 inches and the greater dimension is 26 inches. In effect, because of the sub-
stantial stiffness of the 6-inch deep module trays, the shear panel strength is affected
only by the pattern of attachments and not by the direction of the module tray webs.
With the panel aspect ratio thus determined, the remaining trade-off studies were
conducted to determine what material would meet the requirements of a minimum
weight shear panel and have the bearing allowables consistent with a minimum number
of peripheral attachments. The preferred material of construction was selected on
the basis of results listed in Table 5-5. The ultimate shear flow of 995 pounds per inch
was used to determine the required thickness from shear considerations. This pre-
cludes the possibility of the attachments being subjected to the tension effects inherent
in shear buckled webs.
Table 5-5. Ph_
Material
Aluminum
6061 T6
Aluminum
2014 T6
Aluminum
7075 T6
Magnesium
HK31AH24
Minimum
Thickness
(Thermal)
0.044
0. 047
0. 055
0.070
mical Property Summary For Various Materials
Minimum
Thickness
(Shear)
0. 0551
0.054
0. 0544
Wt. Per
Panel (lb)
3.299
3. 332
3.357
Number of 1/4 in.
Attachments
102
62
54
0. 0633 2.767 132
*Includes .012 lb per attachment.
Total
Weight
(lb)*
4. 523
4.076
4. 005
4. 351
Although the weight differentials are not particularly significant, 7075 T6 aluminum
alloy was selected as the preferred material of construct ion from both the considera-
tions of minimum total weight and the fewer required number of peripheral attach-
ments.
Table 5-6 presents a comparison of the shear panel weights for each of the three con-
figurations utilizing the most advantageous minimum weight material of construction.
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Table 5-6. Shear Panel Weight Summary
Configuration
Unstiffened
Integrally stiffened
Module tray stiffening
Material
HK31AH24 Mag
7075 T6 Alum Alloy
7075 T6 Alum Alloy
Weight of Shear
Panel Alone
(lb)
8.618
5. 167
3. 357
6.0 LOAD REDISTRIBUTION STUDIES
The shear load path of the spacecraft support structure is very similar to that of
the previously considered flight capsule support structure. Since both of these
structures are critical for the same torsional load condition (Load Condition 2C --
'75, '77 configuration), it can be safely assumed that the aluminum alloy beaded skin
is the optimum configuration for the spacecraft support shear structure.
Since a positive tension-compression load path exists between the spacecraft support
structure and the adapter via the 48 bolt connectors, the lower shear structure can
act effectively to carry axial loads. This raises the question as to the adequacy of a
panel designed essentially for shear loading when subjected to combined shear and
axial loading.
The critical condition for shear buckling (Load Condition 2C) does not occur simultan-
eously with the critical condition for compression buckling (Load Condition 3B). As
indicated by analysis, the axial load associated with Load Condition 2C is very small
and the +0.18 margin of safety for the pure shear load will be adequate to account for
the interaction buckling phenomena.
For Load Condition 3B, _ the compressive buckling load of one-half the beaded sheet
as conservatively determined by the analysis is 8280 pounds. Actually this load re-
presents the buckling strength of a member in which equal loads exist at each end. In
this case, the load at the upper end (Station 20) is zero and gradually builds up to the
stated value at the aft end (Station 4.7). The case is then analogous to a column loaded
by its own weight, and the critical buckling load is roughly twice 8280 pounds or a
critical stress ratio of R L = • 513. The average ultimate shear flow in the panel is
505 pp: for a stress ratio of R S = 0. 481when compared to the pure shear allowable
strength of the panel. The margin of safety against the interaction of shear and
compression buckling is given by
2
MS = -1 = + • 25
_R 2 + 4Rs2RL+ L
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From this it can be deduced that a compressive load of roughly 10,500 lbs can be
allowed in the beaded sheet and still maintain a positive margin against interaction
buckling. A trade-off analysis was conducted to determine what longeron weight
savings might be realized and the resulting load distribution if the compressive load
in the beaded sheet were allowed to reach this value.
It was determined that the area of the typical section of the longeron could be theoret-
ically reduced by about one-third for a net weight savings of 1.5 pounds in the entire
structure. The distributed load per inch in the beaded skin was increased by about
17 percent over that shown in the structural analysis.
While it would appear to be desirable to reduce the structural weight in any possible
way, further reduction in the longeron area would necessitate tapering the section in
both height and width, and essentially reducing the longeron to nothing more than a
stiffener combined with a small amount of effective skin area. It was considered to
be more desirable to maintain a more practical section for the longeron and to allow
the load remaining in the section at station 4.7 to be further distributed by the rela-
tively stiff monocoque section. This also will provide for a higher margin of safety
against the interaction of shear and compression buckling in the beaded panels.
7.0 PROPULSION MODULE STRUCTURE
While it is planned to utilize a modular propulsion system provided by a subcontractor,
the structural dcsign of the unit must be considered on a system basis. Previous ex-
perience has shown that the dynamic response to excitation of heavy mass tankage
usually results in one of the most significant spacecraft design loads. This has been
verified analytically for the 1971/1973 Voyager configuration (see Dynamic Analysis,
Appendix to VB235FD102). As a result, structural studies were performed in paral-
lel to subcontractor effort to assure that reasonable structural approaches were taken.
The design of the propulsion module structure is constrained by the selection of tank-
age geometry. As a starting point, various tank shapes were investigated in order to
evaluate the weight penalty involved in using easily packaged flat domed head cylindrical
tanks instead of conventional spherical tanks. A weight penalty of 87.5 pounds would
be incurred if the most volumetrically efficient cylindrical tanks were used. This
could not be justified, and in view of the manufacturing advantages, the simplicity of
trunnion mounting, and the functional advantages (such as drainage) of spherical tanks,
these support structure concepts were the only ones studied.
Truss construction lends itself readily to propulsion system support structure because
of the requirement to react concentrated loads located in a complicated geometric
pattern. The advantages associated with truss construction discussed in Section 4 still
apply, but the dynamic problems overbalance them in some areas. For many of the
arrangements investigated, a combination of truss and shear structure was envisioned.
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The concept shownin the analysis of the preferred concepthas beenpresented not as
preferred, but asa representative structural design approach. It features a composite
construction, using truss structure to react thrust loads to the hard points, but em-
ploying light honeycombwebs to stiffen the long transverse spans. Thus, high
dampingand shear stiffness are obtained where most needed, and direct tension-com-
pression struts are used where optimum.
8.0 SEPARATION MECHANISMS
An investigation was made of the various types of separation systems used on existing
and past spacecraft programs - both at GE and industry wide. The problems associ-
ated with each system were explored and, in the case of the more attractive systems,
the advances in the state-of-the-art were noted. The coice finally narrowed down to
the encapsulated MDF versus the VEE clamp. The recommended system is noted be-
low with the back-up information following.
8.1 RECOMMENDED SYSTEM
The recommended separation system for the Launch Vehicle/spacecraft joint on the
Voyager spacecraft is an encapsulated MDF (Mild Detonation Fuse}. Sketches of vari-
ous structural configurations in order of preference are shown in Figures 8-1 through
8-4.
z _\
Figure 8-1. Separation Meachanism Selected Design
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MILD DETONATING
FUSE (MDF)
Figure 8-2. Encapsulated MDF, Single Charge
Figure 8-3. Encapsulated MDF, Single Charge
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/
!
/
Figure 8-4. Encapsulated MDF, Redundant Charge
As a back-up, a Vee Clamp system is recommended. Figure 8-5 presents a possible
approach although the back-up ring is not sized. It is felt that a 10-ft diameter Vee
Clamp should cause no special additional problems over the 5-ft diameter clamps
presently used on various programs.
8.1.1 GEOMETRY
The geometry of the separation system is shown in Figure 8-6.
8.2 SEPARATION SYSTEM CONSIDERATIONS
8.2.1 JOINT CONSIDERATIONS
The following types of separation devices were considered:
a. Explosive Bolts and/or nuts
b. Pin Pullers/Pushers
c. Vee Clamps
d. MDF
e. FLSC (Flexible Linear Shaped Charge)
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Figure 8-5. Vee - Clamp
STA59.0
CAPSULE SUPPORT
STA46.0
EQUIPMENT MODULE
---- STA20.0
__F SUPPORT
T} STA8.0 SOLAR ARRAY
_ AI. 5 SEPARATION JOINT
SPACECRAFT ADAPTER
FIELD JOINT
LAUNCH VEHICLE ADAPTER
Figure 8-6. Separation System Geometry
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8.2.2 EQUIVALENT STATIC LOADS (REF STRUCTURAL ANALYSIS- APPENDIX to
VB235FD102)
The loads that the separation system must withstand are as follows:
Pc = 91,800 lb
Pt = 84,800 lb
V = 63,0001b
M = 5. 800x 106 inlb f
T = 599.5 in of periphery
ALL LOADS LIMIT
Either/or and not combined with V, M, or T
Combined
8.2.3 SEPARATION SYSTEM SUMMARY
The separation system considerations are summarized in Table 8-1.
8.2.4 PROBLEMS ASSOCIATED WITH HIGH SHOCK
The shock which eminates from most of these separation devices is generally a high
frequency, high-g pulse. It travels through the structure at the speed of sound of the
particular me tal and causes a stress wave. If the stress wave is not amplified due to
geometry or interaction with the reflected wave, the pulse dies out quite rapidly. The
decay is a function of the number of joints the pulse passes through as well as the par-
ticular material involved. Frequencies in the order of 1000 cps and higher, g levels
from 300 to 3000 and pulse decays of 300 to 400 percent in 40 inches of semi-monocoque
structure are the types of numbers associated with this phenomenon.
The contents of electronic packages are occasionally susceptable to damage from this
pulse. Structure is almost never critical since the geometry is usually favorable.
While it has been GE's experience that relays are the only potential source of problems
associated with this high shock pulse, the following items should receive consideration:
a. Moving contactors - Relays, inertia switches - tend to chatter or latch
b. Brittle Materials - Ceramics, glass - tend to fracture
c. Internal piece parts - Filaments - tend to break
d. IF or IR circuits - tendency for circuit parameters to change.
8.2.5 SPACECRAFT ELECTRONICS
Most of the subsystems of the spacecraft contain electronic packages which do not
fallinto the potentialproblem area. However, the power subsystem fallsintothis
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category and precautions will have to be taken to assure that no deleterious effects
are caused by the separation pulse. The critical components planned for electronics
in the various subsystems are as follows:
a. G&A Subsystem: No Relays, etc.
b. Command Subsystem: No Relays, etc.
c. Radio Subsystem: 12 Relays (latching)
4 Magnetic Switches
Either a Klystron or T.W. Tube
c. CC&S Subsystem: No Relays, etc.
e. Power Subsystem: 60-65 Relays
Most not sensitive to chatter
Can command over-ride
Can mechanically isolate
f. Science Subsystem: Undefined
g. Data Handling and
Storage Subsystem: 3 Latching Relays
8.2.6 RELATIVE RELIABILITY
The reliability of the separation subsystem is one of the most important considerations
in its design. The relative ranking of the various approaches are shown in Table 8-2.
Table 8-2. Reliability Summary
MDF
F LSC
Vee Band
Type Joint
Pin Pullers/Pushers
Explosive Bolts/Nuts
t
Number Of Devices
Either of 2 ignitors
Redundant charge
Either of 2 ignitors
Redundant charge
2 explosive Nuts (either
one working)
12 - All must work
30-45 All must work
12 All must work
Ranking and/or
Reliability
3
4
5
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8.2.7 ENCAPSULATEDMDF
Tests have beenperformed recently on an encapsulated MDF by industry and the results
have indicated a startling reduction in pulse g level; a low resulting g level is the most
desirable type of separation device. The device is shown below, and a summary of the
test results are presented in Table 8-2.
Charge _...._o
Lead Sheath -----_(_)
Pulse
Source
Fwd
_---_ 2 FT =
Aft
Ring
Separation Plane
1 inch away from Cone
Cone of Semi-
monocoque construc-
tion
Accelerometers mtg
on longitudinal mem-
bers and rings
Plastic .._._
Encapsulation
Table 8-2. Summary of Test Results
Location
FWD Ring
FWD Ring
FWD Ring
Center of
Longeron
AFT Ring
AFT Ring
AFT Ring
Direction
Rad
Long
Tan
Rad
Long
Rad
Tan
Peak Acceleration
Conversion (MDF)
2O00 g
5OOO g
1300 g
1300 g
1200 g
1200 g
1200 g
Peak Acceleration
Encapsulated MDF
20O g
290 g
280 g
8O g
650 g
260 g
500 g
Report Claims Reduction Factors From 2 to 15
Indicated Energy - 32 ft sec/ft of joint
8.2.8 FINAL COMPARISON
The type of structure proposed for the spacecraft as well as considerations of reli-
ability and successful flight experience narrowed the final comparison to:
a. MDF
b. Vee Clamp
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Table 8-3 summarizes the salient points of each approach and the final recommenda-
tion of encapsulatedMDF is noted in the first paragraph of this section.
8.3 BIOBARRIERSEPARATION
Separationof the lower portion of the biological barrier was examined from several
aspects. Separationmethods considered were:
a. Explosive release nuts at Station 59.0
b. Linear shapedcharge below Station 59.0
c. Linear shapedcharge aboveStation 59.0
d. Marmon (Vee)clamps at mid section of capsule adapter.
e. Shapedchargeon biological barrier.
Becauseof the requirement that the Spacecraftmanufacturers not infringe upon the
volume occupiedby the Flight Capsule, only methods a and b were considered for the
prime 1971Voyager mission.
The use of the linear shapedcharge below Station 59.0 involved the cutting of the skin
panels, six primary longerons and six secondary longerons. Although charges have been
used for this type of separation in the past (suchas separating Centaur from Atlas) it
was felt that there was no needfor having to withstand the extremely heavy shock
which would be transmitted to the spacecraft due to cutting the heavy structural sec-
tions.
The evaluation of explosive release nuts at Station 59.0 showedthat the six release
nuts could be separatedat a high reliability by the use of a single pressurization tank
with two squib actuatedvalves connectedin parallel with gas lines manifolded to the
six release nuts. This is a similar system to that proposed for the separation of the
Flight Capsulefrom the Flight Spacecraft. This system was selected as giving the
highest reliability with less detrimental effects to the spacecraft structure immediately
adjacent to the separation plane.
The other separation devices listed abovewere considered on anoverall system con-
cept in which no constraint was placed to stay on the flight spacecraft side of the inter-
face. Method c also requires a heavy charge to cut through the flight capsule adapter
structure. This is not desirable. Method d, a Marmon (Veeclamp) at the mid-section
of the capsule adapter, is a feasible meansfor separating the lower portion of the
biological barrier. Separationof the clamp would release the barrier spring load to
give a small AV separation from the spacecraft. A shaped charge on the biological
barrier is an efficient, simple way of removing the barrier. The design of the barrier
will be such that lightweight structure is used whether plastic, metallic, or metallic
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honeycomb. Each of these types of structures can be easily cut by a lightweight
shaped charge with minimum shock impulses to the spacecraft.
Of all separation mechanisms considered, the lightweight shaped charge cutting the
biological barrier is considered to be the optimum on a system basis. A small weight
penalty exists since the center 10-foot section of the adapter would remain with the
structure and be inserted into orbit. However, this can also be considered as an ad-
vantage when examining the possibility of meteoroid impacts from t he shady side of
the spacecraft, since the remaining portion of the biological barrier would act as a
bumper.
In conclusion, the selection of the biological barrier separation for the prime 1971
Voyager is explosive release nuts at Station 59.0. It is recommended that based on
total system concept, the biologicalbarrier itself to be cut and released by means of a
shaped charge.
9.0 DYNAMIC CONSIDERATIONS
Most of the dynamic considerations have been discussed in Volume A. In addition, a
tabulation of the important dynamic considerations are included in Table 2-1. However,
several having significant effects on the proposed 1971 design, are discussed in the
paragraphs which follow.
The minimum fundamental frequency of the propulsion system was set at 30 cps. The
purpose of this design guideline was to insure that the heavy propulsion tankage was
mounted with adequately stiff structure to avoid severe servo-electric coupling prob-
lems with the launch vehicle control system. This requirement did not impose a sig-
nificant weight penalty on the design. During the next phase, the combined launch
system, consisting of the total spacecraft, shroud and launch vehicle, including the
control system, should be analyzed for compatibility.
The fundamental frequency of the high gain antenna in the deployed configuration has
been calculated as approximately 3.0 cps. Since this is above the expected crossover
frequency of the attitude control system, servo-elastic coupling should not present a
problem. However, should further analysis indicate the requirement of a design
change, other approaches investigated during the study can be employed. The major
flexibility occurs in the flexible pivots used to avoid the problems associated with the
application of conventional bearings in space. The spacing between the pivots can be
increased with a resultant increase in fundamental frequency. As an alternate approach,
the use of conventional bearings in place of the flexible pivots will result in an in-
crease in fundamental frequency to approximately 15 cps°
Additional areas requiring further study are the effects on the attitude control system
of fuel slushing, the effects on the system of the flight capsule dynamic characteristics
and the requirements for isolation of critical components from the shock, vibration
and acoustic environments. These present no barrier problems and can be readily
handled by attention to detail during the design phase.
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I0.0 METEROID PROTECTION DESIGN
The success of the Voyager mission is partiallydependent on adequate meteoroid pro-
tection. To properly assess the possible hazard presented by meteoroids, the particle
flux density and velocity must be known. These have been specified in VB235FD103.
In addition a knowledge of penetration mechanics is required. Various penetration
theories are discussed as part of this section.
10.1 PROBABILITY OF METEOROID PENETRATION
it is customary to assume Poisson statistics in predicting the number of meteoroids that
can be expected to penetrate a space vehicle. Although definitive experimental data
are lacking, this initial assumption appears to fit the physical situation reasonably
well, and in addition, simplifies the calculation. The probability of penetration can
e -_ rzn
be expressed as Pn - n'
where n is the number of penetrations allowed and is defined as follows:
= NAT
N = Number of particles per unit area and time of mass M or larger in a
particular environment (flux).
A = Area exposed to environment
T = Time of exposure to environment
The probability of zero penetrations is P
O
= e
The area of exposure can be subjected to a great deal of detailed analysis. For ex-
ample, if a spacecraft is orbiting in close proximity to a planet, that portion of the
vehicle oriented toward the planet will be partially shielded from the flux. Also, if
it is assumed that the flux of particles moves in planes parallel to the ecliptic plane,
then a spacecraft in this plane will be susceptible to impact only on areas normal to
the ecliptic plane. In addition, large structural components such as longerons and
rings provide inherent shielding. In this study such a judicious analysis was not prac-
tical and the areas presented are the projected areas. It is recognized that if there
are no compensating factors the results obtained could result in a weight penalty.
10.2 PENETRATION MECHANICS
In order to determine the effect of a meteroid impacting a space vehicle, researchers
have conducted numerous tests by firing spherical projectiles, simulating meteroids,
into targets of various materials. As a result, a number of penetration equations have
been proposed that relate the depth of penetration in a semi-infinite target to the diameter of
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the projectile. Of the se the Charters-Summers and Herrmann and Jones Exponential and
Logarithmic criteria were investigated. For a given set of conditions in the hypervelocity
range Hermann and Jones Logarithmic criteria usually results in the lightest design, and the
Charters-Summers in the heaviest. (See Figure 10-1.)
While the Spacecraft Department does not endorse any criteria, for the purpose of this
study the Herrmann and Jones Logarithmic criteria was used. Selection was based
on the following two factors:
a. While there is substantial data to justify the use of either the Herrmann and
Jones or the Charters-Summers criteria in the low velocity region, some
authors have surmised that extrapolation of the Charters and Summers cri-
teria to the hypervelocity range would result in an ultra-conservative design.
While it also can be said that the Herrmann and Jones criteria is optimistic,
it is felt that by using this equation with conservative estimates of other fac-
tors that contribute to meteoroid protection, a more realistic design can be
obtained.
b. The Hermann and Jones criteria also recognizes the influence of target hard-
ness. Experimental results, the hydrodynamic theoretical model developed
by Walsh and the visco-plastic theoretical model developed by Riney all have
shown that the strength of the target does influence penetration at meteoroid
velocities (Ref 19 and 20).
It should be noted that in applying any of the penetration equations only the normal
component of meteoroid velocity is utilized. It is highly probable then, that a portion
of the hits will be at oblique angles with not enough energy to penetrate. This is
especially true when the surfaces are cylindrical and spherical.
10.3 SINGLE PLATE WALL
Penetration criteria are based on test results of projectiles impacting semi-infinite
targets, but in a spacecraft only a few structural members can be considered to be
semi-infinite.
A factor of 1.5 has frequently been mentioned as a correlation between the penetration
in a semi-infinite and thin wall target. Some authors have observed that this factor
is overly optimistic and results in protective walls that are too thin. Other estimates
range from 1.74 to 5.36 depending on the nature of the target and projectile materials
and the velocity of the projectile (Ref. 15). However, in recent experiments by
Posener, Rish, and Scully (Ref. 4), in which the Herrmann and Jones criteria was
considered, the factor 1.5 accurately predicted penetration in thin walls.
Another phenomena that results from an impact is "spalling". This is due to shock
and rarefaction waves interacting and causing the stress limit of the material to be
exceeded. If the target is thin enough, a spall will be emitted from the back end of the
plate and is free to cause further damage. Factors from 2.25 to 2.5 times the pene-
tration depth in a semi-infinite target have frequently been mentioned as sufficient to
prevent spalling.
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Figure 10-1. Penetration Depth for Aluminum, Semi-Infinite Target
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For this study the factor 1.5 will be used to relate semi-infinite to thin wall penetration
and 2.25 to prevent spalling.
10.4 DOUBLE-PLATE WALL
One generally accepted method of minimizing the protective thickness required is to
place a secondary wall or "bumper" some distance from the main wall to vaporize or
shatter the impacting meteoroid, and distribute the resulting smaller particles over
a larger area. Numerous experiments have been performed on projectiles impacting
bumpers of a variety of materials, thicknesses and spacings in an attempt to establish
some bumper design criteria. Thus far there is no universally accepted bumper design
criteria. However, the following results have been noted:
a. If a single bumper is employed, the total thickness of the main wall and bumper
can be reduced from 50 to 73 percent over that specified by the penetration
formula, depending on the spacing between the plates. The reduction factors
versus spacing of the bumper and the main wall (Ref 13) are as follows:
Bumper-Main Wall Spacing
(in)
1.0
1.5
2.0
Reduction Factors
(%)
50
65
73
The thickness of the outer shield should be from 0.15 to 0.25 of the total
thickness required. If the ratio is greater than 0.25, the bumper will be
somewhat less effective than shown above. The outer shield should not be
less than 0.01 inches (Ref. 13 and 15).
b° A further reduction in the total thickness can be obtained if an adequate filler
material is employed between the plates. Filler material densities of 2 to 6
lbs/cu ft appear to be optimum in reducing the weight of the structure required
for protection against meteoroids. The reduction factors versus depth of foam.
(Ref. 13) are as follows:
Depth of Foam
(in)
1.0
1.5
2.0
Reduction Factor
(%)
67
75
8O
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10.5 PREFERREDCONCEPTANDALTERNATE APPROACHES
The preferred conceptfor protecting the pressure vessels against meteoroid penetra-
tion consists of a 0.018-inch main wall anda bumper wall of 0. 005-inch Aluminum
(2024T3)separatedby a one-inch filler of low density polystyrene foam. To save
weight, the meteoroid bumper was integrated with the thermal insulation and acts as
its support structure. The desired 0. 010-inch bumper sheetwas reduced to 0.005-
inch and now utilizes the metallic contentof the thermal insulation to supply the added
mass. Polystyrene was selected as the filler material over the more popular poly-
urethane foam becausematerial with a higher shear modulus was neededto stabilize
the face sheetsof the bumper. Yhe maximum service temperature for this foam is
approximately 180° F; however, the bumper is interior to the thermal insulation and
the temperature shouldnot rise above80° F.
Three alternate approacheshave been studied; two of which use the pressure vessel as
a main protection wall, theother beingamodificationof thepreferred concept. It would
appear that by bondingor attaching a bumper with a foam-filled spacing to the pressure
vessel, a weight savings might be realized. However, it must be notedthat the pre-
ferred conceptutilizes and acts as a support structure for the thermal insulation. The
mass provided bythethermal insulation andthe weight of addedsupport structure must
be factured into the alternate design comparisons.
The preferred concept also has several advantages over the alternate approaches that
are not apparent in the calculations. Probably the greatest advantage is in not utilizing
the pressure vessel itself as a main protective wall. Any impingement on the tank will
result in a localized increase of stress in the already highly stressed walls, possibly
exceeding the design limit of the pressure vessel. If the results of Reference 5 can be
extropolated to higher impact velocities, most of the penetrations are stopped in the
foam; however, some can be expected to reach the inner wall. The preferred concept
has an unstressed main wall to penetrate before encountering the pressure vessels.
In addition, the pressure vessel itself has a 2.2 safety factor that would be utilized to
take those transient stresses if the bumper and main wall are perforated.
The preferred concept will also deflect a portion of those meteoroids approaching at
low impact angles. In the alternate designs, if the thermal insulation did not shatter
a penetrating particle, due to ricochetting action it would be free to do damage in sev-
eral locations including the electronics module (Ref 14). It should be noted that in
predicting penetration depths, assumptions were made which placed a more severe
meteoroid environment on the space vehicle than may actually exist, particularly as
far as impact velocity and direction of the flux is concerned.
In interplanetary space, meteoroids will be traveling with velocities from 10 to 70
km/sec with an average of 40 km/sec (Ref. 1). A spacecraft travelling in the same
direction could then expect impacts at velocities somewhat lower than the 40 km/sec
assumed in calculations. In addition, when using the flux rates, it is assumed that
the distribution of meteoroids is random in nature; however, in Ref. 11 it is seen that
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with respect to the flux about the Earth, this is not entirely accurate - a higher flux
is encountered along the orbital than along the heliocentric axis. If this observation
can also be extended to Voyager, its Sun oriented axis (Z - axis) will encounter a
lower flux than specified in Ref 2. Since the bumper is deployed in this direction, the
present design could be somewhat conservative.
More detailed alternate approach data is presented in Appendix I.
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1.0 INTRODUCTION
The preferred packaging approach for the spacecraft bus (described in volume A) and
the alternative configurations considered, were compared in the light of the following
constraints:
a. Effective utilization of the physical volume of the bus structure.
b. Use of electronic packages having istandard profile.
c. Application of the modular assembly concept.
d. Adherence to the principle of structural integration of electronic
equipment.
In the discussion which follows, the alternatives to the preferred design will he pre-
sented, together with the rationale supporting the selection of each major packaging
design feature.
_i_ _i_ _' _'_ _ _'_'_" :_"_" ....
2.0 ASSEMBLY CONFIGURATION, GENERAL
....... _e general approachto electronic packaging uses a three level interconnection sys-
tem to meet the requirement for modular design. Dimensions of the typical standard
level HI assembly are based upon estimates of equipment volume and the twelve sided
toroidal bus configuration. The choice of twelve sides proved an effective compromise
between functional allocation of the electronic equipment and structural considerations.
A smaller number would have required sharing of an assembly by more than one sub-
system. This would complicate interfaces, particularly ff more than one subcontractor
were involved. A larger number would have resulted in needless splitting of functions
with attendant complexity of interconnection, fabrication and testing.
It is estimated that a maximum of 750 pounds of electronic equipment is required on
the bus, or an average ofi 65 pounds per assembly. Assuming a variation of • 40%,
panel weights might vary from 40 to 90 pounds. At a conservative 0.025 lb/cu in.
packaging density, a 3600 cu in. assembly is needed. As the internal side of the
duodecagon is fixed at 20.2 inches by system geometry, the remaining variables for
the equipment module dimensions are length and depth of the assembly.
2.1 ALTERNATE ASSEMBLY DESIGNS
Consideration was given to several methods of structurally integrating the electronic
assemblies into the spacecraft; these methods are listed in Table 2-1.
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Table 2-1. Methods of Structurally Integrating Electronic Assemblies
Figure Description
2-1
2-2
2-4
2-5
Stiffened Flat Plate Bolted to Structure.
Integrated Sandwich.
Stiffened Sandwich.
Medffied Sandwich.
2.1.1 STIFFENED FLAT PLATE
A 36 x 20 x 4-inch design, Figure 2-1, was studied.
a.
b.
Its advantages are:
It provides maximum clearance inside the torus
It provides maximum area for heat dissipation.
It was rejected because:
a. Subassemblies act as loads on the structure rather than being integrated
b° Series thermal paths exist for some parts
c° Harness access is limited
d. Inefficient use of spacecraft volume.
The preferred design rectifies these deficiencies, in addition provides adequate radiat-
ing surface to meet thermal requirements and allows sufficient internal clearance.
2.1.2 INTEGRATED SANDWICH
As a means of obtaining greater structural integrity, the Integrated Sandwich, shown
in Figure 2-2, was evaluated.
The principal advantages of this approach are:
a. High degree of structural integration of the electronic assembly.
b. Maximum area available for assembly harness
c. Effective use of package volume.
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This design has two principal problems associated with it:
a. The method of attachment of the subchasses to the plates does not effectively
stiffen the assembly. That is, the assembly vibrates as a fiat plate unless
the subchassis are locked together or cemented to the plates.
b. Access to the inner rows of bolts is denied after the outer plate is assembled.
One method of solving the access problem is the useof 6-inch bolts passed through
clearance holes in the thermal control/shear plate to pick up the inner plate and
structure. (See Figare 2-3. )
The disadvantages of this method are:
a. Blind mating of the screws to the back panel with poor guidance.
b. A multiplicity of additional holes in the thermal control/shear plate.
The access problem is not considered critical since the shear panel need not be
mounted until after system testing is complete. The requirement for improved
stiffness, however, must he met by some structural modification.
2.1.3 STIFFENED SANDWICH
The next design iteration provides solutions to both access and stiffness problems
(See Figure 2-4). Stiffening the outer plate by adding material in a 'baffle" pattern
and using the subchasses to stabilize it against buckling, meets the structural design
requirements. Access to the inner bolts is provided by four clearance holes in the
thermal control/shear panel. Since the outer panel now carries the entire load, a
complete row of bolts is not required to attach the inner plate to the structure.
The main disadvantage in this design is the increased weight of the thermal control/
shear plate, as compared to the Integrated Sandwich design.
2.1.4 MODIFIED SANDWICH
The preferred assembly is a modification of the Integrated Sandwich which provides
maximum stiffness and minimum weight. The principal features of this design are
shown in Figure 2-5. Free access to the inner bolts which secure the subassemblies
to the structure is possible until the thermal control/shear panel is bolted in place.
This is not done until system checkout is complete, in order to avoid repeated removal
of the outer plate when replacing subassemblies.
The use of through bolts or clearance holes in the thermal control/shear panel is not
contemplated in this design due to the degradation of thermal and load paths in the
plate as a result of the additional holes required. Bolting the subchassis directly to
the structure allows the webs of the subassemblies to work as integral parts of the
5 of 20
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SUBASSEMBLY
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Figure 2-3.
L THF.PMALCONTROLPLATE
Through-Bolt Assembly
Figure 2-4. Stiffened Sandwich Assembly
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Figure 2-5. Modified Sandwich Assembly 0 
structllre. Since the inner plate now functions only a s  a support for the assembly 
harness and connectors, it may be lightened considerably. The outer plate is also 
reduced to minimum gage consistent with thermal requirements, a s  the subassemblies 
provide the necessary rigidity to the assembly. 
2 . 2  SUBASSEMBLY ORIEhTATION 
In the preferred design, the subchassis are located with their webs horizontal 
(perpendicular to the boost axis), giving stiffness to the assembly in the direction of 
torsional loads. An alternate configuration considered the orientation of the webs 
parallel to the boost axis a s  shown in Figure 2-6. The main advantage of this approach 
is that the subchassis structure participates directly in carrying axial loads. The dis- 
advantages a re  : 
a. F’recise mounting (possibly shimming) is required to make all subchassis 
carry equal load. 
b. Use of less than full length boxes complicates assembly and alignment. 
c. Back-panel connector orientation is not suitable for efficient routing of 
harnessess t o  the system connector locations. 
CII - VB235AA106
0(o
D4ERMALCONTROL
PANELREMOVED
FORCLARITY
0 ;
° o
r
C
0 0
0 0
0 0
0 0
0 O
o
0
8
C _
0
0
0
0
O
@
0 0
¢
C
0
0
C 0
0
0
8
0
0 0
0
0
0
0
I
/J
Figure 2-6. Electronic Assembly-Vertical Stack
2.2.1 SYSTEM CONNECTOR LOCATIONS
The preferred design locates the Test and System connectors on the upper and lower
ends of the harness tray. (See Figure 2-5.) Alternate approaches include mounting of
the connectors in the harness support plate (Figure 2-7A and B) or on brackets (Fig-
ure 2-7B, C and D). Locations along the sides of the assembly are rejected because
of lack of access, interference with structure and additional weight. Cable complexity
is increased due to runs up or down to the spacecraft ring harness. The advantages
and disadvantages of the alternative location are as follows:
a. Advantages (See Figure 2-7A)
1. No additional bracket required
2. Small depth dimension allowing more equipment space inside bus.
b. Disadvantages (See Figure 2-7A)
1. Sharp cable bends required
2. No access to connectors after outer plate is installed
3. Reduces area available for mounting subassemblies.
8 of 20
CH - VB235AA106
or-1
L.-J
r"l
OtfflmARD
1
!
(A)
m.
.-_- SPACECRAFT SUPPORT
STRUCTURE
.r-!.
I I}
(B)
(C)
'L ,o,J
Figure 2-7. Alternate Connector Locations
c. Advantages (,See Figure 2-7B)
1. Test connectors are located close to ring harness.
d. Disadvantages (See Figure 2-7B)
1. Reduces area available for subassembly mounting.
2. Requires added bracket
3. Test connectors inaccessible after outer plate is installed.
e. Advantages (See Figure 2-7C)
fe
1. Minimum depth dimension
2. Maximum connector mounting area.
Disadvantages (See Figure 2-7C)
1. Uses mounting area available for subassemblies
2. Interference with spacecraft structure
3. CaMe must be passed thru harness plate.
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g. Advantages(See Figure 2-7D)
1. Could be developed into guided plug-in arrangement
2. Conserves subassembly mounting area.
h. Disadvantages (See Figure 2-7D)
1. Uses maximum depth
2. Is relatively inaccessible if guided plug-in is not used.
The preferred design eliminates all of the disadvantages listed, and incorporates many
of the advantages. In particular it provides:
a. Separation of test and system functions
b. Access to electronic assembly connectors after spacecraft final assembly
c. Eliminates flexing of assembly harnesses
3.0 SUBASSEMBLY CONFIGURATION (See Figure 3-1)
3.1 CONSTRAINTS
The following constraints were placed on the subchassis design by the final assembly
configuration:
a. Must span the distance between the vehicle longerons and be capable of attach-
ment to them
b. Six in. maximum usable depth
c. Plug-in of connectors to mating connectors in the assembly harness tray.
3.2 SUBCHASSIS DIMENSIONS
Two subchassis dimensions were selected as the standard design. A 20-inch sub-
chassis satisfies the structural requirements and a 10-inch subchassis has a better
form factor for packaging. Therefore both are allowed providing the 10-inch sub-
chassis are used in pairs, locked and bolted together, to maintain structural integrity, i
A minimum and maximum thickness of 1.09 in. and 1.25 in. were considered. Deri-
vations of these two dimensions is shown in Table 3-1 and Figure 3-2.
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Figure 3-1. Typical Subassembly 
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Figure 3-2. Subassembly Cross Section 
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Table 3-1. Derivations of Minimum andMaximum Thicknesses for Subassembly
Item Dimension (in.)
Clearance, top
Screwhead
Printed Wiring Bd. Top
O. 050 O.015
O.062 O.062
O. 062 O.062
Module height
Web Section
Insulating Layer
0.820 0. 730
0.062 0. 062
0.020 0. 020
Printed Wiring Bd. ; Bottom
Screwhead
Clearance
Total
0.062 0. 062
0.062 0. 062
0. 050 0.015
1. 250 1. 090
The advantages of a 1.25 in. dimension are:
a. The 0.82 module height would accomodate the major portions of the Voyager
electronics
b. Provides sufficient clearance to implement RFtight covers where necessary
c. Gives maximum number of subchassis per assembly with minimum hole
pattern to satisfy shear panel stiffening requirements.
The disadvantages are:
a. Heavier than the 1.09 in.
b. Possible inefficient use of volume in the 2.5 in. double thick configuration.
The advantages and disadvantages of the 1.09 thickness are:
a. Advantages:
1. Lighter weight
2. Better utilization of volume in 2.18 double thickness configuration.
b. Disadvantages:
1. The 0.73 module height may require more module mounting area to
package the same amount of electronics
2. Reduced clearance for implementing RF tight covers
3. Damping type insulation must be used if covers are required
4. More holes would be required in the shear panels.
12 of 20
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Evaluation of these conditions indicated that the 1.25 in. dimension is more suitable
for application in this study phase. The advantages of lower weight and possible im-
provement in volumetric efficiency of the 1.09 in. design must be evaluated quantita'-
tively when schematics and parts lists become available.
3.3 WEB VERSUS WEBLESS DESIGN
The inclusion of a web in the subchassis design was based on the requirements for
positive thermal control and structural rigidity. Modules or component parts which
dissipate appreciable heat require a direct conductive path to the temperature control
plate to ensure safe operating temperature limits. A web is included to perform this
function. The criteria for structural rigidity derives from the integrated, standard-
ized packaging concept which requires the subassemblies to share in the dynamic and
static loads of the spacecraft. The inclusion of a web gives the subchassis an "I"
cross-section to satisfy this structural requirement.
To meet these two requirements, a 0.062 inch web provides adequate cross-sectional
area to carry thermal loads and is rib stiffened to insure composite subassembly
responses above 400 cps. A 0. 100 staggered grid hole pattern is incorporated to
provide clearance holes for outgoing module terminals and to minimize the added
weight of the web.
3.4 CONNECTOR SELECTION AND LOCATION
The Cannon Golden D, non-magnetic connector is used in the subassembly design. Its
selection is based on its flight proven reliability. The problem of bending and damag-
ing pins during mating is resolved through the use of guide pins. Only one shell size,
50 pin, will specified. This simplifies the design, procurement, inspection and tooling
requirements. Parallel effort at these levels is assured, thus eliminating one more
factor that could contribute to schedule slippage.
Three connector configurations were studied:
a. A 6-connector design eliminates the hold down inserts between connectors.
The subassembly is then secured to the harness tray by threading and bolting
the guide pins only. This approach constitutes a reliability hazard as the
connector module must supply the load carrying function of the subassembly
during handling a_ testing at the subsystem level.
b. A 5-connector design retains the hold down inserts between connectors and
satisfies the objection in a., but has the following disadvantages:
1. The spacing of the five connectors does not allow sufficient area between
adjacent connectors for compatible cable runs to the system connectors.
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. Being of reduced area, cable runs are split into five or six small bundles
covering the hold-down fasteners. This constitutes a danger of insulation
damage from tools used to remove subassemblies.
3. More cross-runs are needed, thus increasing the possibility of pick-up.
4. The center connector is eliminated when two 10-in. subchassis are used.
el A 4-connector arrangement is preferred as the compromise between providing
a maximum number of pins per subassembly and simplifying back-panel har-
nessing. At t_is point it appears that four connector positions per 20-in.
subassembly would satisfy most of the system requirements with the excep-
tion of the Command Decoders and the Control and Sequencer functions. Here,
even a 5-connector configuration is inadequate to satisfy the pin requirements,
and special solutions must be implemented. A possible solution is shown in
Figure 3-3 which maintains the standard approach by trading off volumetric
efficiency.
3.5 INDEXING
Three alternate methods of indexing the subassemblies were considered:
a. Serializing the subassemblies
o0 0 /
Figure 3-3. Double Thickness Subassembly
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b. Providing an indexed pin on the subchassis
c. Varying the connector orientation.
Serializing the subassemblies is inadequate because of the probability of human error.
Although this probability is low when highly skilled and trained personnel are involved,
it is still too great a risk in the light of a strict schedule requirement.
Indexing the subassembly by a tapered pin located on a grid pattern provides a positive
reference. A corresponding hole in the harness tray is required. This solution is not
considered best for the following reasons;
a. The pin must be located on the subehassis side containing the connector cutouts
and insert locations. There is no clear area here to locate the pin on an in-
line grid pattern.
b. It complicates the subchassis and harness tray designs to locate randomly
assigned hole positions
The preferred method takes advantage of the '_D" shape of the Cannon connectors
together with the fact that there are four connector locations per 20-inch width. This
combination gives 16 keyed positions on a Level HI assembly. This method can be
incorporated readily without complicating the subehassis or harness tray designs. The
use of guide pins to maintain alignment prior to connector mating insures prevention
of forced mismating.
3.6 INTERCONNECTION WITH LEVEL HI ASSEMBLY
The electrical continuity between the subassembly interconnection system and the
assembly harness is accomplished by a connector module design. An alternate ap-
proach is to mount the connector in the subchassis wall and hard wire to solder termi-
nals mounted in the interconnection board. The principal disadvantages are:
a. Solder terminals would have to be located on 0.200 inch centers to wrap and
solder hook-up wire reliably. This uses up 2.0 square inches of board area.
b. This approach allows flexing of the hook-up wire during handling, testing and
checkout.
C. The connections must be unsoldered and unwrapped if the interconnection
board is to be removed or replaced. This tends to damage wire insulation,
allows possible solder wicking and embrittlement of the copper strands.
d. Strict controls are required to insure proper securing of these wires so that
the subassembly would survive a shock and vibration environment.
The encapsulated connector module has solid wires, soldered or butt welded to the con-
nector and brought out on 0.100 inch grid pattern, suitably arranged to allow access
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to the circuit connections. Minimum board area is required to make this connection.
Flexing and bending of these connections is eliminated and maximum protection against
external environment is assured.
3.7 SUBASSEMBLY INTERCONNEC TIONS
Interconnecting the modules and/or parts in a subassembly is effected by single or
double sided printed wiring boards. Alternate designs considered were;
a. Multi-Layer, encapsulated, welded, mother board
b. Multi-Layer, laminated, printed !wiring board with welded through connections
c. Multi-Layer printed wiring boards with plated through connections
d. Multi-Layer printed wiring with built up interconnections.
The advantages and disadvantages of each approach are listed in the paragraphs
which follow.
3.7.1 MULTI-LAYER, ENCAPSULATED, WELDED MOTHER BOARD
This is a process in which an interconnection ribbon is welded to terminals supported
in an encapsulating compound. The terminals are positioned so that they emerge from
the mother board adjacent to the module terminals to which they are to be connected.
Insulated clearance holes are provided through the mother board for the module termi-
nals and threaded fasteners that secure the modules. Any number of layers are used
to complete the interconnection of the subassembly with trimmed mylar sheets used
as insulators between layers. These mylar insulators also serve as wiring guides for
the layers. The assembly is then encapsulated with a filled epoxy resin and machined
to its final thickness (See Figure 3-4.) The advantages of this system are:
a. Uses all welded assembly
b. Provides additional stiffness to the subassembly when encapsulated
c. Allows repeated module removal without damaging the interconnection board
d. Permits maximum utilization of module mounting area through use of multi-
layer wiring.
Its principal disadvantages are:
ao It requires a minimum of six series welds to effect a connection betweentwo
module terminals
b. Although each layer of welds is inspectable, subsequent layers of wiring hide
the previous welds
16 of 20
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c. A high probability of stressing prior welds exists as the process builds up e 
d. Complete encapsulation of the assembly is difficult due to the high density of 
ribbon runs and the presence of mylar layer insulation 
e. After curing, the assembly must be sanded to final dimension, causing hot 
spots and uneven heat distribution. This results in warping which stresses 
the embedded welds. 
This interconnection system is not considered reliable enough for use in the Voyager 
system. The requirement for six series connections, instead of two, in the preferred 
designed, constitutes a reliability penalty, assuming the connections a re  properly made 
in each case. In addition, the possibility of subjecting the welds to stresses caused by 
assembly processes, air entrapment and finishing operations would constitute an un- 
warranted reliability hazard. 
3 . 7 . 2  MULTI-LAYER, LAMINATED, PRINTED WIRING WITH WELDED THROUGH 
CONNECTIONS 
This process was studied a s  a possible alternate design to alleviate the problems 
listed in  paragraph 3 .7 .1 .  In place of the weldable ribbon, Kovar or a similar weld- 
able material is laminated to a 0.010 Mylar sheet. The circuit pattern is then etched, 
INS ILATION 
MODULE TERM 
WEB -7 
THREADED FA STENER 
MOTHER BOARD TERMINAL . 
ENCAPSULATED 
MOTHER .BOARD 
FINAL INTERCONNECTING 
R I BBON 
Figure 3-4. Multi-Layer , Welded, Encapsulated Interconnection System 
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terminating at clearance holes which represent module terminal locations. Continuity 
between layers and module terminals is effected by weld tabs, parallel gap welded to 
the circuit pattern and pincer welded to tubelets (see Figure 3-5). The weld tabs are 
welded to the circuit pattern and bent at 90 degrees, then inserted over the tubelets 
which must be positioned in an accurate holding fixture. 
welded to the tubelets completing the layer interconnection. Before the next wiring 
layer is applied, a sheet of epoxy pre-impregnated glass cloth is applied for insulation. 
When the required number of layers a re  installed, the assembly is molded under pres- 
sure to form the laminated assembly. 
The tabs are then pincer 
The advantages of this system are a s  follows: 
a. Lighter weight unit 
b. Stable, etched conductors 
c . 
d. Al l  welded construction 
e. 
f .  
Eliminates encapsulation and finishing operations 
Provides stiffening to the subassembly 
Modules can be removed and replaced without damage to the interconnection 
board. 
ti 
\ MYLAR SUBSTRATE INSUUTOR, PRE-PREG. 
ETCHED CIRCUIT RUN 1 
Figure 3-5. Multi-Layer, Printed Wiring, Welded-Through Interconnection System 0 
18 of 20 
CH - VB235AA106
Its principal disadvantages are:
a. Six series welds are required to connect two module pins
b. Of the six welds, three weld schedules are required
c. Serial assembly prevents weld inspection after each layer is completed
d. Tolerance problems complicate alignment of the tubelets and the module
terminal pins
e. Problem of obtaining a right angle bend of the weld tab and maintain paral-
lelism with the tubelet for the subsequent pincer welding operation.
This process does not answer the major objections of the welded, encapsulated inter-
connection board and therefore was not considered as a preferred design for the
voyager. Six series connections axe still required as in paragraph 3.7.1 to join any
two module pins. Weld stressing can not be avoided due to serial assembly techniques.
3.7.3 MULTI-LAYER, PRINTED WIRING, PLATED-THROUGH CONNECTION
This system was considered but rejected. The plated-through connection is not con-
sidered to be reliable enough for the long-life mission requirement of the Voyager
spacecraft.
3.7.4 MULTI-LAYER, PRINTED WIRING WITH BUILT-UP SOLID CONNECTIONS
This system consists of etched copper circuitry interconnected between layers by
solid copper. Its process is as follows: A copper clad epoxy board is double etched
to provide a built-up section whenever a layer interconnection is desired. The board
is then encapsulated with an epoxy formulation and cured. The surface is milled,
exposing the built-up boss, and another copper layer is electredeposited and double
etched as above. This continues until all interconnections are complete. (See Figure
3-6. ) The advantages of this system axe:
a. Lightweight
b. Visually aided inspection possible after each operation
c. Low probability that subsequent processes degrade previous operations.
d. Rugged fully encapsulated unit
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SOLDER 
M D  C O f W R  CONDUCTORS BUILT-UP COPPER SLUG 
EPOXY RESIN INSULATION 
Figure 3-6. Multi- Layer, Printed Wiring, Build-up Interconnection System 
Some disadvantages a re  : 
a. It is a new process lacking sufficient test data 
b. Rigid controls a r e  required to assure uniformity. 
This system could be used in the Voyager spacecraft upon completion of a test and 
evaluation program. It was not included in the preferred design due to the newness of 
the process and the lack of sufficient history to accumulate reliability data. 
The preferred selection of a double sided printed wiring board was therefore based on 
a conservative design approach. Reliability and low risk schedule were used as cri-  
teria for this selection. 
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1.0 INTRODUCTION
The design approach to deploying and providing the necessary rotational freedom for the
antenna and scan platform has a major effect on the reliability of the Voyager system.
Studies were conducted to arrive at a simple, conservative design approach for this
function.
As discussed in VB234AA108, providing maximum flex_ility for planet pointing in-
struments requires, of the selected axes, at least one gimhal axis with capability for
large angular motion, a minimum of 210 degrees. Similarly, to enable use of the high-
gain antenna during maneuvers, rotations of one axis in excess of 180 degrees are re-
quired. Deployment of both the antenna and scan platform requires 90 degrees of ro-
tation or greater. T--_ese motions cannot be sealed and pressurized with static seals
only.
A summary of the designs described in Volume A are shown in Figure 1-1. The re-
quired freedom, hearing tlTe, lubricant, and method of sealing is stated for each point
of rotation.
The following sections discuss alternates considered in the areas of:
a. Bearings, lubricants and seals.
b. Deployment and Drive Mechanisms.
c. Transmission of Signals Across Rotating Joints.
d. Evaluation Criteria
The design criteria established for the mechanisms were as follows:
a. Reliability considerations
o Minimum parts. The designs were to include the minimum possible
parts. Wherever possible , parts will he held by devices that cannot
vibrate loose.
e The need for highly-stressed parts should be minimized. Although
from weight considerations each part should be worked to its stress
limit, reliability considerations suggest that all parts have an adequate
design margin of strength.
b. Vacuum environment considerations
l, All mechanisms are to be sealed and filled with an inert gas wherever
possible. The linear designs employed are completely sealed, with
no moving parts whatsoever exposed to the vacuum environment.
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ITEM MECHANISM ROTATIONAL LUBRICATION SEALING
! 1 Ball Bearing 130 deg. G-300 None
2 Ball Bearing 130 deg. G-300 None
_I--2_ 3 Mono-Ball • 5 deg. Self Lubricated None
_ Rod-End4 Mono-Ball • 20 deg. Self Lubricated None
_ Rod End
mi--_" 5 Mono-Ball ± 20 deg. Self Lubricated None
i Rod End
6 Flexural Pivots 4- 20 deg. None Required None
_p _ 7 Flexural Pivots +25 deg./-15 deg. None Required None
_ o -25 deg Motion StaticBall Bearings Provide +1 e G-300
8 and Gearing Metallic Bellows
0 _ During Mission
9 Ball Bearing Provide 256 deg Rotation G-300 Dynamic Nylon
and Gearing as Required During Mission M0S 2 Face Seal
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ITEM MECHANISM
I 1 Mono-Ball
_ Rod End
m
Rod End
Z_
_ 3 Hinge
4 Bali Bearings
andGear_
ROTATIONAL LUBRICATION
10 deg. Self Lubricating
25 deg. Self Lubricating
90 deg. Self Lubricating
G-300
G-300
SEALING
None
None
None
Static
Metallic Bellows
Bali Bearings
and Gearing
6 BaH Bearings
and Gearing
Ball Bearings
and Gearing
Axis "C" +53 deg.
-23 deg.
During Orbit Lifetime
+ 6deg.
Axis "D"
-57 deg.
During Orbit Lifetime
Axis "E" +190 deg.
- 10 deg.
200 deg. Rotation and
Return - Once per orbit
G-300
G-300
Static
Metallic Bellows
Static
Metallic Bellows
Dynamic Nylon
M0S 2 Face Seal
Figure 1-1. Voyager Design Summary
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The rotary mechanism designs employ one dynamic seal and a static
seal to retain the atmosphere. A pressure relief valve is considered
on each actuator to allow the gas to blow off during lift-off. The valves
would be setto about 1/2 psia or less to minimize the loads on the seals.
. Dynamic Seals. Nylon MoS 2 face seals are recommended since they
minimize the possibility of vacuum welding. Since the total lineal feet
of sliding is low during a mission the total wear will be small.
o Material selection for the gears and bearings was originally based on
the assumption of margin_ lubrication. Th,,% o,y_,_ ff most of the
oil is lost the drives will continue to function. The types of drives
and the gears chosen do not employ high bearing contact stresses.
c. Magnetic Considerations
Aside from the drive motors, the design can be implemented without using
magnetic materials.
Advantage was taken of the need for magnetic shielding around the motors in
havingthe shieldingdouble as a means of securing the motors without a lot of
little hardware. A split circular ring is fitted into the groove at the end of the
motor gear head. The shielding cylinder captures this ring and provides a
large diameter nut to screw down the entire motor-shield assembly to a
threaded pad.
d. Gear Load Considerations
In selecting the final design, the units which develop the lowest tooth loading
and which were least sensitive to backlash were preferred. A linear actuator
working on the long deployment axis of the antenna for example is on the long
end of a crow bar. A rotary actuator, however, would in effect be on the short
end. Thus, the rotary actuator would have larger bearing reaction forces and
gear load forces than the linear actuator.
2.0 LUBRICATION_ BEARINGS, AND SEALS
The long mission time of the Voyager spacecraft necessitates an extremely conservative
approach to the problems of lubrication. The general requirement that all lubricated
systems be hermetically sealed serves a dual beneficialpurpose. First, it protects
lenses and other sensitive optical surfaces from contamination with surface films de-
rived from volatile fractions of lubricants, and second, it minimizes the effect of the
vacuum environment on the lubricants themselves. This same sealing requirement
leads to certain design decisions as to the lubrication scheme to be used for various
parts.
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Electrical motors and their associated drive systems and gear heads contain
gears and bearings as their principle parts requiring lubrication. To assume the high-
est possible reliability and longest life, a decision must be made between the organic
based lubricants which offer the best lubricating characteristics, but suffer rapid de-
gradation in the vacuum environment, and silicone based lubricants whose lubricity
is somewhat inferior to the organics, but whose vacuum stability is markedly superior.
The total mission time of one year means that even a hermetic seal with a leak rate of
10 .3 cc/sec will lose most of the contained gas within a one-year period. The result
of this is that organic lubricants will severely degrade and that silicone based lubri-
cants are required. A second reason for selecting silicone based lubricants is their
higher tolerance to radiation damage. Even if a hermetic seal of lower leak rate than
that already considered can be effected, the use of a silicone lubricant enhances the
reliability and assures operation for long periods if the hermetic seal should be bro-
ken. Extensive tests at a number of different laboratories have shown that for bearing
and gear lubrication, G-300 grease gives the longest and most consistent operation in
vacuum. This grease is a chlorophinge methyl silicone oil with lithium soap thickener.
Test results taken on the Nimbus program at General Electric are presented in Appen-
dix I.
For exposed components such as actuators, rod ends, and the dynamic seals on the
scan package, a laminar solid type of lubricant is most desirable. Materials such as
graphite and MoS 2 are suitable over the wide temperature range of -200 ° F to +1100 ° F
which may be expected in exposed components. In addition, negligible volatilization of
the lubricant or a properly chosen binder will occur in vacuum, thus negating the need
for a hermetic seal. A number of proprietary mixtures of laminar solids in binders
or impregnated into solids are available. Test results indicate that MoS 2 is the best
of the materials, and that nylon or Teflon are the best binders. The mixture of MoS 2
and nylon appears to be the best choice for the Voyager applications. The Teflon-con-
taining mixtures have a lower coefficient of friction than do the nylon containing ones,
but the lower radiation resistance of Teflon and the higher creep strength of nylon
make the latter more desirable for the mission.
The two structu'res recommended for use in supporting the antenna and the Planet
Scan Platform make use of both flexures and journal or rolling element bearings. One
of the considerations in the selection of the specific structure configurations was the
minimization of the types of bearings that would require shielding, or in the absence
of shielding, would be subject to vacuum welding. Deployment of the antenna is accom-
plished shortly after lift-off, hence the lubricant in the bearings of the deployment
mechanisms will not have time to be completely depleted by the vacuum environment.
Although a low vapor pressure grease is not required, G-300 is used for conservatism
and to provide a single grease for all applications. Deployment of the planet scan pack-
age occurs after a period of six months of inaction. This suggests the possible use of
a flangible seal and a pressure relief valve at each end of the deployment shaft. In
this way the bearings could maintain their lubricated condition until they were called
into service. The final decision to use a dry film lubricant on the development mech-
anism bearings and rod ends was based on a desire to have no subliming material in
the vicinity of the science instruments,evena low vapor pressure grease. Therefore,
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a self lubricating material (DU Material) which is a lead teflon coating on sintered
bronze was selected for use in the deployment mechanism bearings of the planet scan
package.
The nodding motion of the antenna, Gimbal A, offers the opportunity to use flexures in-
stead of conventional bearings. Such flexures can be designed for the job or commercial
units employed. The load capacity varies greatly both with flex angle and also whether
the flexure is in tension or compression. In addition t the amount of torque required to
rotate the flexure varies with the angle. By proper positioning of the flexure, loads
appreciably greater than those imposed by a one-g field can be accommodated.
Since there are no contacting sliding elements in the flexure, these make a very de-
sirable means of bearing support. A wide variety of materials can be used, several
of which are available commercially.
The limited motion gimbals for the scan platform, gimbals C and D, can be statically
sealed to enclose the bearings, drive motor, and gearing. The seal can be effected by
a flexible bellows which encloses the entire mechanism to allow the necessary motion.
As is the case for all sealed joints, G-300 grease is used for lubrication so that an ex-
cellent probability of operation exists even in the event of a seal failure.
The large angular motions of the antenna and of the scan platform, gimbals B and E,
cannot be statically sealed. A Nylon MoS 2 face seal is used for these applications for
reasons discussed previously. The total lineal feet of sliding is low during the mission
so that wear will be small. Again, G-300 grease is used throughout to assure opera-
tion in the event of failure of the seal.
3.0 DEPLOYMENT AND DRIVE MECHANISMS
In considering actuator drives for deployment of the antenna and scan platform, only
mechanical springs and rotating electrical motors were considered to be serious can-
didates. Explosive, pneumatic or hydraulic means become generally more complex
and less reliable to achieve the motion desired.
Deployment of the high gain antenna is accomplished with a simple torsion spring and
a viscous damper to control deployment rate as described in Volume A.
3.1 DEPLOYMENT ACTUATOR
The actuator shown in Figure 3-1 was designed as a possible mechanism for the de-
ployment of the antenna. In the interest of simplicity, latches in the terminal position
were notemployed, however, the driving torque is maintained against the stop to pro-
vide discrete positioning without '_acklash". Bearings shown would be of DU material
leaving open the possibility that the actuator would not need to be enclosed and pres-
surized, although enclosing would not be a problem since the spring tube could be sealed
at the outboard end.
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Design numbers calculated are exploratory and are intended only to substantiate the
reality of the design.
A mechanical spring is used in tension and rotary motion of the antenna is achieved by
use of a cable and drum arangement.
To keep the cable from inadvertently coming off the pulley, three pins are shown
mounted close to the drum such that the clearance is 0.010 to 0.020 inch. The guide at
the end of the spring is to avoid the scrubbing of the spring against the guide tube due
to the off-center pull of the cable.
Shown in Figure 3-1 is a disc rotating in viscous silicone oil to limit the rate of motion
of the actuator. Calculations show that for 30,000-centistoke oil, the excursion time
would be 108 seconds witha two-inch disc and 0.020-inch clearance on both sides of
the disc. Due to the viscosity change with temperature some consideration should be
given to avoiding operation under extreme low temperatures. If this actuator is used
on antenna deployment it will be called on for duty before a prolonged cold soak and,
thus avoid a problem.
First considerations were to use a type of dash pot to limit the rate of motion. The disc
type shown is more versatile since it is not limited in amount of motion, and in most
cases will be lighter since it need not carry a large reservoir to contain oil that is
only used once per stroke in passing around a piston. Filling is not a problem since
the presence of a bubble would not significantly affect the rate, in fact it probably would
be wise to provide a bubble to accommodate expansions.
Design Data
Output Torque Max.
Output Torque Min
Stroke
Gear Ratio
Pulley Pitch Diam.
Cable Tension
Cable Travel
Spring Gradient
100 lb-in.
50 lb-in.
130 deg.
5.33 to 1
2.438 in.
16 lbs to 8 lbs
14.7 in.
0.55 lb/in.
Spring: 302 Stainless
16 lb = 100,000 psi for light service
0.063 in. wire diam.
0.600 in. mean diam.
190 active turns
12 in solid height
1.8 lb pre-tension
26 in. max. extension
38 in. extended length
5.2 oz. weight
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Figure 3-1. One-Way Actuator
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Cable: 0.0625 in diam. stainless
1 x 19 stranding
500 lb breaking strength
32/1 pulley to wire ratio
0.032 in. radius grooves in pulley
100,000 operations expected life
(Am. Chain & Cable Co., Standard)
Rate Control:
2-in. disc
0.020 in. clearance
695 deg. rotation
75 in.-lb average torque
5000 centistoke silicone off
100 sec. stroke time
Rate Control Design Equation:
T= _ (.0097) (wd 4)
16 h
T = Torque, gm-cm
= Viscosity, centistokes
w = Rate, Rad./Sec.
d = Diam. of Disc, cm.
h = Clearance, cm.
In the sase of the planet scan platform, deployment is accomplished by using an elec-
trical motor with rotary motion converted to linear motion through use of a ball screw.
This selection will require review when the design of the scan platform becomes more
firm. Its choice at this time was based on the following:
a. Better control of deployment rates to minimize shock to optical instruments.
Do Deployment of this device occurs after six months in space. The electrically-
powered linear actuator can be designed with sufficiently high force capability
to overcome any tendency of bearings to stick.
c. Use of the linear actuator allows the drive motor and gearing to be statically
sealed in a flexible bellows.
Use of a ball screw to convert rotary motion to linear motion was selected because of
its higher force-to-weight ratio and better reliability compared with rack and pinion
or cable and drum.
3.2 GEARING
The type of gears recommended for mechanisms on Voyager type missions are spur gears.
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The gears in these mechanisms operate under the following general conditions.
a. Relatively low speeds
b. Moderately light tooth loading
c. Very low allowable losses (in power)
d. Must have maximum reliability
e. Grease type lubrication
Several types of gears may be considered; worm, bevel, helical, and spur gearing.
Spur gearing is recommended on the basis of ease of manufacture, ease (and reli-
ability) of inspection, very high efficiency, absence of axial loading on bearings. In
the layouts of the mechanism there was no need of right angle drives, therefore, no
particular need for bevel gears. Worm gears of all types were rejected because of
their lower efficiency, higher sliding and axial bearing loading problems.
3.2.1 GEAR TRAIN CONFIGURATIONS
Four general configurations of mechanism gear trains were considered.
a. Conventional spur gear trains
b. Simple planetary gear trains
c. Compound planetary gear trains
d. Planocentric Gear trains
3.2.2 GEAR MOTOR GEAR HEAD CONSIDERATIONS
The conventional spur gear train with all gears straddle-mounted in rolling element
bearings is best for light loads. Such gears are found in the more conventional designs
of motor gear heads. This kind of drive is excellent near motors of low torque rating.
Very little can go wrong with such gears.
in all actuators recommended in this report the first two or three meshes at the motor
end of the train should be simple spur gear designs. For best material utilization
(strength-to-weight ratio) the pinion should have about 18-22 teeth. The gear ratio
should be from 4 through 6 to 1.
In the mechanism designs proposed, the gear ratios achieved by the gear heads are
limited to those, based on the motor torques, at which the design load ratings for
both static and dynamic conditions would not be exceeded at the output shaft. The re-
mainder of the gear ratio necessary to move the driver load was achieved by gearing
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external to the gear head. In the case of a gear head specifically designed for the
Voyager application it might be more economical to take more of the total ratio with-
in the gear head.
3.2.3 POWER GEARING CONSIDERATIONS
The gear designs external to the gear heads are of two types as finalized in this report,
conventional spur gearing as used in the rotary scan type actuators, and simple plan-
etary gearing as recommended for the linear actuators.
_, _ A ROTARY ACTUATORS
Simple spur gearing was selected to drive the scan shafts. The ratios are about 6:1 to
achieve good use of the gear materials. The pitch and face width is such as to resist
breakage and wear resulting from the torque capabilities of the motor. Overload
clutches are not included since the gear ratios are low enough to allow back driving
from the load end. The resistance to such driving is only that offered by the magnetic
detent of the motor.
Worm gearing was rejected because its lower efficiency would require greater solar
paddle area for power. If a high ratio was used to hold the antenna when the motor
power was off, a slip clutch would be needed to prevent gear or bearing damage. ]_
a train is not to be back driven, its overall efficiency cannot be in excess of 50%. This
is costly in solar power.
3.2.5 LINEAR ACTUATOR GEARING
To minimize the size of the gearing in the linear actuators, and to achieve both max-
imum efficiency and reliability, a simple planetary gear set, directly driving the screw,
is proposed.
The train ratio required of the planetary gearing was such as to not require the use of
a compound planetary gear seal.
Two approaches to the input pinion design are possible.
a. If a gearhead having a 1/4-inchdiameter output shaft is available, the pinion
teeth (13) can be cut directly on the shaft. This isthe preferred approach.
These teethwill be made long addendum in accordancewith good gear practice.
No ou_oard bearing will be needed in this case.
b. If a smaller diameter gear head is available, spline teeth will be cut on the
end of its shaft; 12 teeth, 96 diametral pitch for example. A separate pinion
member having a female spline, side bearing fil, will be placed over the gear
head spline. The other end of this member will contain the spur (sun) pinion
teeth. An outboard bearing can be included to stabilize the shaft. The spline
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endwill eliminate the three bearing problem.
The 42-tooth planet gears (pinion) are made standard addendum, but are op-
erated at an enlarged center distance with the sun pinion to compensate for
the sun pinion enlargement. These gears are made with integral shaft ends to
eliminate loose pieces. They are straddle-mounted in the spider member
which is split with a dowled cover plate. At assembly the plate screws are
staked in place.
The internal gear is free to float both axially and radially within limits. This
assures that it can position itself to assure load sharing on all gear teeth.
The torque reaction is carried to the actuator frame by means of an external
gear of the same size and number of teeth as the internal gear. A loose fil
assures freedom of radial motion.
A planocentrie gear train eliminating most of the ratio in the gear head was
considered, but the extremely low efficiency of such a drive precluded its use
in this application.
3.2.6 GEAR SIZE
The gearing used in these actuators was made of such sizes as to permit the use of
materials other than hardened steel. If minimum weight is to become important the
use of high-quality gear steels would permit a considerable reduction in size. Such
gears would involve magnetic problems.
The stess levels for both pitting and fatigue are based on those recommended by the
AGMA for gears made of mild steel. The techniques recommended by AGMA for the
calculation of both surface endurance and for fatigue were followed. Scoring will not
be a problem on gearing of the diametral pitch selected.
4.0 SIGNAL TRANSMISSION ACROSS JOINTS
Power and command and data signal must be transmitted across the rotary joint of the
planet scan platform. The modulated telemetry data and ground commands must be
transmittedacross the rotary joint of the antenna. In both cases, this motion of the ro-
tary joints is constrained tobe less than 360 degrees. Actually, the maximum rotation
for the scan platform and antenna are 200 and 256 degrees, respectively. The limited
rotational requirements indicate that complex methods of transmitting power and sig-
nals across the joints are neither required nor desirable from a weight or reliability
viewpoint.
For the scan platform, hardwire cables are recommended for both power and signal lines.
The number of flexure cycles required of the cable (200-degree movement) is less than
500. Therefore, complex methods of winding and unwinding the cable are not required.
The cables can be dressed to the structural members of the gimbal with the bending
taken up in a simple loop at the gimbal joint. However, the cables may have to be heated
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in order to maintain the bending deflection below the elastic limit of the wire and in-
sulation.
The co-axial cable for the antenna can be flexed about all joints except for the gimbal
providing the 256 degree antenna motion. The limited space available for the cable
to be flexed probably does not lend itself to maintaining good rf characteristics of the
cable. In this case, a rotary rf joint such as that shown by Figure 4-1 is recommended.
5.0 CRITERIA ON WHICH DESIGNS WERE EVALUATED
All of the various components that were considered were accepted or rejected on the
basis of the following criteria.
a. Reliability
1. Proven reliability of the parts exist.
2. Estimates of the reliability that might be achieved for untried de-
signs.
b. Weight
1. System weight chargeable to the specific component introduced to
provide a specific function.
2. Relative weights of components requiring similar system weights.
c. Effects on System Magnetic Field
1. Components utilizing no magnetic materials or producing no fields
when energized.
2. Components producing fields but which can be adequately shielded
economically.
d. Sensitivity to Environment (Performance Degradation)
e.
.
2.
3.
4.
5.
Cost
Vacuum
Shock and Vibration
Thermal Gradients
Lubrication Degradation
g-Field Effects
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Figure 4-1. Typical Rotary Joint for Coaxial Cable
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5.1 RELIABILITY
In evaluating the various designs, the following reliability criteria were considered.
5.1.1 SYSTEM FEATURES
a. Adequate grotmd testing is mandatory. All equipment should operate in a
one-g field. Due to the size of the spacecraft there is no assurance that
counterweights or specific peculiar operating position of the spacecraft can
be employed to minimize the work clone against gravity. Each actuator should
be capable of performing its function with the spacecraft axis vertical on the
ground.
Do Each component must have an adequate design margin. A study of the entire
range of probable loads must be evaluated against a study of the probable
range of load capacity of the component. Excess capacity needed to perform
in a one-g field on earth can be applied in space to overcome sticky bearings,
etc. The loads imposed during lift-off vibration must be evaluated in the final
design, and detail part size adjustments made where necessary.
C. Previous history in space performance of the design should be considered.
Space proven designs are to be preferred to new untried schemes. A study
of existing design test and space test history should be made on any existing
design and any existing weaknesses strengthened.
do The problems of redundancy should be considered. Is redundancy possible or
desirable. Is it possible, for example, to apply two drives such that if one
fails its failure will not impede the operation of the good drive.
f. Storage life is a requirement of all components. In this mission, the planet
scan package is in effect stored in a hard vacuum for six months. The drive
for this unit should be particularly insensitive to the effects of a hard vacuum.
go Design simplicity is always desirable. In evaluating comparative drives the
unit with the fewest parts, large and small is to be preferred. The shapes
of the parts are also important. Simple, easily manufactured and inspected
parts are to be preferred.
h. The relationship of design life to service life is important. A unit can be ex-
pected to have a certain amount of test life on the ground. In some cases this
is desirable to run in parts. Often best reliability is achieved by subjecting
the units to a green run and a subsequent tear down to examine for improper
fits or damaged parts. Following the green run life there is a ground service
test life. This should not be a large percentage of the total unit life if high
reliability is required. The service life on the mission then occurs. The
life cycles on the mission should not approach the total design life too closely
ff highest reliability is needed.
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i. Motors having a high starting or break-away torque are to be preferred since
they are more likely to "break-out" of a sticking bearing situation and pro-
vide more service life in a marginal condition.
j. Designs which do not require lubrication as an essential ingredient are to be
preferred, tf the design can survive the loss or partial loss of its lubricant,
it will have a higher reliability rating. Lubrication redundancy is achieved by
supplying lubricant and good seals to keep it in even though its presence is not
e s se ntial.
k. System degradation tests should be kept and made available. Can such items
as backlash, wear, friction, etc. be measured periodically during acceptance
tests and during green run, to provide a specfic histogram for each given
unit? Can the unit be tested shortly prior to lift-off to establish its condition
relative to its previous record?
lo Can the system be easily disassembled and reassembled without damage fol-
lowing a preliminary green run to establish that parts have been machined
correctly and are properly bearing on each other?
5.1.2 SPECIFIC DESIGN FEATURES
The following questions should be asked of each of the specific design features.
a. Does the design require the use of small hardware (nuts, bolts, etc.) inside of
the mechanism enclosure ? In space vehicle mechanisms which are subject
to vibration at lift off, there is always a chance that a screw can come loose
and find its way, during zero-g, into a gear mesh, bearing or linkage and pre-
vent its proper functioning due to jamming.
b. Are the parts simple in shape and easy to inspect? Are complicated inspec-
tion techniques required7 Can poor parts get by?
Co Do the parts require complex heat treating techniques ? Can the parts be
easily checked to determine that the proper heat treatment was in fact given
to the parts?
d. Can the drives be given an initial green run and then disassembled to determine
if there are areas of local distress?
eo Does the design require the use of loose hardware, nuts, bolts, etc., to hold
covers in place or boxes together? Such parts can get lost into a box at as-
sembly even though they are supposed to be used externally.
f. Does the design require that holes be tapped into the box through the walls?
Chips can be introduced either by insufficient cleaning of the casting or can
be dislodged at final assembly into the box.
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g. No design that requires lapping of the parts at final assembly to achieve a
running fit should be allowed.
h. The design of casings and housings should be such as to permit all machining
of directly related bores and surfaces to be accomplished from one side. In
the case of gears, shaft ends should not be located in blind pockets on the in-
side of casing halves. Through bores with bearing plates in place are pre-
ferred.
i. If lubricant is required, highest quality static seals should be employed to
minimize fluid creep dnriug storage.
j. Is the mechanism sensitive to vibration loads at lift-off. Ratchet devices can
operate themselves under certain vibrational frequencies. Such a device can
also drive itself to a locked position if not properly designed.
k. What are the total operating life cycles for which the equipment is designed?
Is the device test life limited? What type of servicing after testing is re-
quired prior to lift off? How much test life should be anticipated for each
device ?
. Is special handling required7 Are special controls needed to test the equip-
ment?
m. Is design such that all parts and lubricant (ff required) can be known to be in
place after assembly7
n. Do manufacturing instructions call for the maintenance of test data showing
all types of troubles encountered?
O. Are engineering development records available to indicate problem areas
that arose during the component development, and the success with which
these were solved?
p. Has a program of failure analysis been employed to determine possible failure
modes?
5.2 WEIGHT
The various schemes will be evaluated on the basis of the total weight added to the sys-
tem that is chargeable to the specific method used to accomplish the function. Thus, in
some cases one type of actuator must be charged with more structure weight than a
different type.
In some cases, two actuators may perform the same function and provide the same
reactions to the structure. If the same power source is required for each, the actual
weights may be compared in such cases.
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In the preliminary investigation, the designs chosen were those that did not require
highly stressed materials. As a result, many non-magnetic materials or very light-
weight materials which do not possess high surface endurance capacity can be used.
5.3 MAGNETIC EFFECTS
The original design effort was underway before a firm commitment to the use of com-
pletely non-magnetic, or highly shielded designs was made. The original design con-
cept was to provide absolutely the simplest most reliable design possible and one
which did not require exotic materials or manufacturing processes for its success.
In addition, the type of design employed was subject to thermal expansion problems
to a minimum degree. As a result all stress levels are relatively low. This enables
the use of several different materials at most points in the design.
Except for the motors themselves all parts can be made of non-magnetic materials
and will provide reasonable reliability. It must be stated, however, that the use of
hardened steel at several points would increase the reliability. The motors are ex-
pected to be shielded. In fact, advantage is taken of the shields to retain the motor-
gear head units.
5.4 SENSITIVITY TO ENVIRONMENT
5.4.1 VACUUM
A major design effort was made to select designs, materials and stress levels that
would enable the components to perform _r_ a very hard vacuum for the duration of the
mission. The degree to which this has been successful will be a measure of reliability.
If a sealing system fails during the mission the unit will continue to function even with
a change in its anticipated environment.
All actuators were designed such as to be sealed, at least dynamically. All gears,
bearings and moving parts are to be lubricated with vacuum resistant grease (G 300).
All bearing and gear Hertzian loads are relatively light to minimize the need of lub-
ricant. Thus, ff a seal does leak, it will bealong time before all lubricant is lost and
even then the parts will have considerable life when almost dry. The actuators are de-
signed to have high internal stiffness. They will be highly resistant to shock and vi-
bration. Their loads are light so that even the added load induced by vibration will not
exceed the surface endurance capabilities of the materials suggested.
5.4.2 THERMAL GRADIENTS
Some types of designs are very sensitive to thermal gradients. Those chosen in this
project are deliberately chosen to minimize this problem. The parts are large relative
to the tolerances required by positioning accuracy requirements.
In the case of the linear actuators for example the cone angle actuator on the antenna
can move 5/32 inch per 0.25 degree of the antenna. This is very large in terms of
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normal gear and bearing clearances. As a result, parts can have relatively loose fit
ups, and due to the low loads discussed above, can be made of generally similar ma-
terials. Thus, the designs are extraordinarily insensitive to thermal problems.
All of the actuators chosen were selected in part due to their lack of need for high-
quality continuous lubrication. Low bearing stresses, low sliding velocity and reason-
able material compatibility contribut e to a design not sensitive to the lubricant. In
addition, all actuators are sealed. The linear actuator is hermetically sealed. An at-
mosphere best suited to minimize lubricant aging can be sealed in. The rotary actua-
tors are sealed dynamically by face seals. Although such seals are known to wear in
space, the wear is l_nown and predictable. _ne lineal distance that the se_s will rub
is very small during Earth test and on the mission. As a result the seals have a high
degree of assurance of success. The lubricant can, therefore, be reasonably expected
to perform well throughout the entire mission.
5.4.3 G-FIELD EFFECTS
The actuators chosen were those having low internal contact stresses. Thus, g loads
for which they were designed do not impose severe internal loads. The expected load
for each actuator was estimated and the equipment sized accordingly.
5.5 COST
All designs were developed on the basis of practical machine shop technology. None
of the parts require elaborate manufacturing processes. Although non-magnetic or
extreme lightweight materials may be costly, the basic designs do not have '_built-in"
high costs.
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APPENDIX I
LUBRICANT TEST DATA NIMBUS PROGRAM
Thin film grease lubricant evaporation rates were measured in vacuum over the
temperature range 150 ° F to 350 ° F for times up to 1,330 hours. Grease lubricants
tested were: (1) GE Versilube G-300, (2) Aeroshell #15, (3) Shell APL, and (4)
ESSO Beacon 325. Primary goals of the measurements were to: (1) determine the
weight loss vs time and temperature of G-300 for sufficiently long periods to permit
extrapolation of results to 10,000 hours with reasonable accuracy, and (2) establish
comparative weight loss data for G-300 and the other three greases under identical
test conditions.
These vacuum weight loss measurements were made to provide the Nimbus Controls
Program with a body of experimental data upon which: (1) the condition of G-300
lubricant in the Nimbus C Solar Array Drive motor could reasonably he predicted
at the end of 10,000 hours knowing the operating temperature of the lubricated bear-
ings, and (2) a decision could he reached as to whether or not an alternate lubricant
of the types tested could be expected to be superior to G 300 on the basis of evapora-
tion rate in vacuum.
I. 1 SUMMARY
Weight loss in vacuum was determined as a function of time and temperature for
15-mil thick films of G 300, Aeroshell #15, Shell APL and Beacon 325 greases. The
testing was carried out in QC Component Test vacuum facilities (Chamber Nos. 132,
133, 134, and 199) under the supervision of QC Component Test Engineering. A brief
synopsis of the lubricant weight loss data is presented below {pressure range = 10-4
to 10-5 torr) :
Weight % Grease Evaporated
150° 300 ° F
Lubricant 24 hr. 200 hr. 103 hr. 104 hr.
1.7
0.5
0.7
18.6
G 300
Aeroshell #15
Shell APL
Beacon 325
2.0
1.3
1.0
2.1
2.3*
1.1'
m
2.3*
2.6*
1.3"
24 hr. 200 hr. 103 hr. 104 hr.
3.6 5.7
2.0 3.7
5.3 11.8"
80.0
7.3
5.3*
16.7*
9.5*
7.6*
23.2
*Extrapolated value.
On the basis of the current clam, it may be concluded that:
a. G 300 weight loss after 10,000 hours in vacuLun will be 2.5% at 150 ° F and 10%
at 300 ° F. Since the orbital rate itemperature of the size 11 motor bearings of
Nimbus has been determined to 100°F and the maximum temperature to be
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200 ° F, it may be reasonably concluded that the G 300 bearing lubricant will
not be significantly degraded by T/V exposure within 10,000 hours.
Do Neither Aeroshell #15 nor Shell APL greases are significantly superior to
G 300 with respect to evaporation rate in vacuum over the temperature range
studies.
c. Beacon 325 is unsuitable for vacuum lubrication applications.
1.2 TEST SETUP AND PROCEDURE
Lubricant samples were made up as 15-mil thick films spread over one side of clean
4"x 3 1/4" glass plates. The grease film area was 52.4 cm 2 (3.25" x 2.5") for all
samples tested. Samples of each lubricant were simultaneously exposed to five dif-
ferent temperatures levels: 150°F, 200°F, 250°F, 300°F, and 350°F. A separate
vacuum chamber was used to test each lubricant type. The grease film plates were
laid on aluminum heater plates equipped with cartridge type heaters. A thermocouple
mechanically attached to the heater plate in a groove beneath the glass plate was used
to control temperature for each sample. Aluminum foil radiation shield covers were
used to limit radiation losses on the four samples sandwiched between heater plates.
No foil was used on the 350°F top sample because of space limitations within the cham-
ber. Sample weights were measured initially and periodically throughout the course of
test by means of a laboratory balance accurate to • 1 milligram. Vacuum chamber
pressure throughout the course of testing ranged roughly between 10 -4 and 10-5 torr.
1.3 RESULTS
Weight loss measurement results for G 300 grease are tabulated in Table I-l; for
Aeroshell #15 grease in Table I-2; for Shell APL in Table I-3 and for Beacon 325 in
Table I-4.
Percentage weight loss versus time and temperature for the data considered to be of
highest reliability for G 300, Aeroshell #15 and Shell APL is plotted in Figure I-l,
2, and 3, respectively. The test data in these plots is shown extrapolated to 10,000
hours.
1.4 DISCUSSION OF 1_ SULTS
aQ The 350 ° F grease samples were located on the top heater plate and were not
provided with aluminum foil radiation shields because of space limitations.
Weight loss results from these samples are not in line with the lower tempera-
ture sample weight loss results. Either the losses from the 350°F samples
were unreasonably low or the slope of the weight loss versus time curve was
far out of line with respect to reasonable expectancy. The reason for these
anomolies is believed to be due to radiation heat losses from the 350°F
samples to the chamber structure, with resultant lower than expected tempera-
tures. The quality of 350°F sample weight loss data reported in Tables I-1
through I-4 is believed to be poor for these reasons.
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bo The quality of the 250 ° F, two-1 G 300 sample data reported under Test 2 of
Table I-1 is believed to be poor for the same reasons discussed above, since
this sample replaced the original 350°F sample on the top heater plate. The
quality of the 150 ° F, two-rail G 300 sample data reported under Test 2 of
Table I-1 is also believed to be poor since unreasonably low weight losses were
obtained. The reason for this anamoly is not readily explainable.
Ct Quality of data reported, with the above exceptions and a few points for which
glass plates were noted to be disoriented or cracked upon opening the vacuum
chamber, is believed to be good.
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Table I-1. Versilube G-300 Static Thin Film Test Results
Test 1 - Nominal Grease Film Thickness = 15 mils
- Grease film area _- 52.4 crfl 2
24
46, 5
91.5
Initial Sample Wt-gms.
Weight I_ee-gms.
% Weight Loea
Rate: gme/cm 2- hr.
Cure. Wt. Loss-gins.
Cure. % Wt. Loss
Cure. Rate :gms/cm 2-hr.
Cure. Wt. Loss-gins.
Cure. % Wt. Loss
Cam. Rate :gins/cm2 -hr.
Cure. Wt. Loss-gins.
Cure. _ Wt. Loss
Cure. Ra_ :gins/era 2-hr.
150
1.5605
0.0261
1.67
2.08X10 -5
0.0270
1.73
1.1LX10 -5
0.0301
1.93
6.27X10 -6
0.0299
1.92
4.18X 10 -6
200
1. 9077
0. 0400
2.10
3.08X 10 -5
0.0408
2.14
1.58X10 -5
0.0465
2.44
9.68X10 -6
0.0470
2.46
6.57X10-6
Temperature I ° F
25O
2.5443
0.0652
2.56
5.19](10 -5
0.0711
2.80
2.92X 10 -5
0.0818
3.21
1.TX10 "5
0.0857
3.37
1.20X10-5
300
3. 1773
0. 0850
2.67
6.75X10 -5
O. 1282
4.04
5.26X10 -5
O. 1597
5.01
3.32X 10 -5
0.1730
5.45
2.42X 10 -5
350
2.2601
0.0837
3.70
6.65X10 -5
0.0943
4.17
3.87X10 -5
0.1168
5.16
2.43X10 -5
0.1300
5.75
1.82X10 -5
136.5
Cum. Wt. Loss-gras. 0.0306 O. 0495 0,0911 0.1871 0.1323
203.5 Cum. % Wt. Loss 1.97 2.59 3.58 5.90 5.85
Cure. Rate :gms/cm2-hr. 2.89X 10 -6 4.55X 10 -6 8.55X 10 -6 1.76X 10 -5 1.24X10 -5
Cure. Wt. Loss-gms. 0.0316 0.0512 0.0943 0.1978 0.1387
251 Cure. c_ Wt. Loss 2.06 2.68 3.70 6.21 6.12
Cure. Rate :gms/cm 2-hr. 2.40X 10 -6 3.90X 10 -6 7.16X 10 -6 1.50X 10 -5 1.05X 10 -5
Cure. Wt. Loss-gins. 0.0316 0.0516 0.0965 0.2084 0. 1400
296.5 Cure. _ Wt. Loss 2.06 2.70 3.79 6.56 6.20
Cure. Rate :gms/cm 2-hr. 2.04X 10 -6 3.32X 10 -6 6.21X 10 -6 1.34XI0 -5 9.0X10 -6
Cure. Wt. Loss-gms. 0. 0307 0.0513 0. 0977 0.2133 0.1412
340.0 Cure. _J_Wt. Loss 1.97 2.59 3.84 6.70 6.25
Cure. Rate :gins/em 2 -hr. 1.72X 10 -6 2.88X 10-6 5.49X 10 -6 1.20X 10 -5 7.94X 10 -6
Cure. Wt. Loss-_ns, O. 0306 O, 0545 0.1082 0.2166 0.1486
500.5 Cure. ¢_ Wt, Loss 1.96 2.85 4.25 6.82 6.56
Cure. Rate :gins/cm 2 -hr. 1.17X 10 -G 2.08X 10-6 4.13X 10-6 8.25X 10-6 5.65X 10 -6
Cure, Wt. Loss-gins, 0.0306 0.0551 O, 114_ 0.2161 0.1524
666 Cure. _;_Wt. Los-gins. 1.96 2.89 4.50 6.80 6.74
Cure. Rate :gms/cm 2-hr. 8.75X 10 -7 1.58X 10 -6 3.28X 10 -6 6.19X 10 .6 4.36X 10-6
Cure. Wt. Loss-gins, 0.0325 O. 0578 O. 1205 0.2108 O. 1561
832 Cure. c_ Wt. Loss 2.08 3.02 4,72 6.82 6.90
Curn. Rate :gins/era 2-hr. 7.40X 10 .8 1.32X 10-6 2.76X 10-6 4.97X 10-6 3.58X 10 .6
Cum. Wt. Loss-_s. 6.0325 0.0589 0.1240 0.2180 0. 1588
998 Cure. '_ Wt. Loss 2.08 3.08 4.87 6.85 7.01
Cure. Rate :gms/cm 2-hr. 6.2 LX 10 -8 1.13X 10 -6 2.37X 10 -6 4. 16X10 -6 3.04X 10 -6
1068
Cure. WI. Loss-bqns,
Cure. _ Wt. LOss
Cure. Rate :gins/cm2-hr.
Cure. Wt. Loss-gins,
1162 Cure. ?_ Wt. Loss
Cure. Rate :gms/cm 2-hr.
1330
Cam. Wt. Loss-gins.
Cure. _ Wt. Loss
Cure. Rate :gms/cm2-hr.
0.0594
3. 11
1.06X 10 -6
0.0581
3.04
9.55X 10 .7
0.0630
3.30
9.04X10 -7
0.1250
4.91
2.24X 10 -6
_z
0.2182
6.86
3.9X 10 -6
0.2255
7.09
3.7X10 -_
0.2536
7.97
3.64X10 -6
Test 2 - Nominal Grease Film Thickness _ 2 mils
Grease film area _ 52.4 e_ 2
Exposure
Time-Hours
Temperature, _ F
--- 200 250 ......
0 Initial Sample Wt -gins. - - - 0.1296 O. 2934 ......
Wt. LOss, gms. - ..............
70 _ Wt. Loss ...............
Rate :gms/cm2-hr. - ........
164
Cure. Wt. Loss, gins.
Cure. % Wt. Loss
Cum. Rate:gms/cm2-hr.
Cum. Wt. Loss, gins.
Cure. _ Wt. Loss
Cure. Rate :gm|/cm 2-hr .
0.0007
0.54
8.15X10 -6
0_0019
1.47
1.09X10 -5
332
0. 0044
1.50
5.12X10 -5
0.0065
2.22
3.74X 10 -5
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Table I-3. Shell APL Static Thin Film Test Results
Exposure
Time-Hours
24
- Nominal grease film thickness _ 15 mils
- Grease film area_ 52.4 cm 2
Initial Sample Weight gins.
Wt. Loss-gms.
% Wt. Loss
Rate: gms/cm2-hr.
Cum.
48 Cure.
Cum.
Cure.
96 Cure.
Cure.
Cum.
136 Cure.
Cure.
Cum.
181.5 Cum.
Cum.
Cure.
248.5 Cure.
Cum.
Cum.
293 Cure.
Cum.
Wt. Loss-gms.
% Wt. Loss
Rate: gms/cm2-hr.
Wt. Loss-gms.
% Wt. Loss
Rate: gms/cm2-hr.
Wt. Loss-gms.
% Wt. Loss
Rate: gms/cm2-hr.
Wt. Loss-gins.
% Wt. Loss
Rate: grns/cm2-hr.
Wt. Loss-gms.
% Wt. Loss
Rate: gms/cm2-hr.
Wt. Loss-gms.
% Wt. Loss
Rate: gms/cm2-hr.
150
1.9991
0.0134
0.67
1.07x10 -5
0.0154
0.77
6.11x10-6
0.0176
0.88
3.5x10 -6
0.0194
0.97
2.7x10 -6
0.0188
0.94
2.0x10-6
0.0174
0.87
1.3x10 -6
0.0203
1.01
1.3xi0 -6
200
1.3686
0.0215
1.57
1.71x10 -5
0.0269
1.96
1.07x10 -5
0.0291
2.12
5.8x10 -6
0.0340
2.48
4.8x10 -6
0.0354
2.58
3.7x10 -6
0.0403
2.94
3 .ixl0 -6
0.0413
3.01
2.7xi0 -6
Temperature, ° F
250
1.7738
0.0405
2.28
3.22x10 -5
0.0511
2.88
2.03x10-5
0.0584
3.29
1.16x10 -5
0.0690
3.89
9.7x10 -6
0.0737
4.15
7.8x10-6
0.0830
4.67
6.4x10 -6
0.0856
48.3
5.7x10-6
30O
1.3312
0.0710
5.33
5.65x10 -5
0.1051
7.90
4.18x10 -5
0.1273
9.55
2.5x10 -5
Z
0
m
,-i
<
350
1.5084
0.1255
8.3
1.00xl0 -4
0.1682
11.2
6.69x10 -5
0.1990
13.2
4.0x10 -5
0.2497
16.6
3.5x10 -5
0.2465
16.4
2.6x10-5
0.2642
17.5
2.0x10 -5
0.2697
17.9
1.8x10 -5
Table I-4. ESSO Beacon 325 Static Thin Film Test Results
- Nominal grease film thickness _- 15 mils
- Grease film area _- 52.4 cm2
Exposure
Time-Hours
24
Initial Sample Weight gins.
Wt. Loss-gms.
150
1.5995
0.2973
Temperature, ° F
200
1.7787
1.3250
250
1.8243
1.4489
3OO
1.8926
1.5089
% Wt. Loss
Rate: gms/cm2-hr.
18.6 74.5 79.4 80.0
2.36xi0 -4 1.05x10 -3 1.15xi0-3 1.2x10 -3
TEST TERMINATED
35O
1.5746
1.2161
77.0
9.65x10 -4
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ALTERNATE SUBSYSTEM MECHANIZATIONS CONSIDERED
GUIDANCE AND CONTROL, POWER, AND VEHICLE CONTROL
POWER SYSTEM ALTERNATE APPROACHES
Index
Scope
Applicable Documents
Subsystem Selection
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1.0 SCOPE
This document describes the mechanical and functional characteristics of the alter-
nate design configurations D parametric and substantiation data from which evolved
the preferred design for the 1971 Flight Spacecraft Array structure.
9.. 0 APPLICABLE DOCUMENTS
documents apply to this description:
VB220SR101
VB220SR102
VB235FD103
VB220FD113
Design Characteristics
Design Restraints
Structural Design Criteria
Layout and Consideration
3.0 DESCRIPTION OF ALTERNATE SOLAR ARRAYS
The selection of the proposed concept involved the study and evaluation of many
methods of construction, deployment and support for the various panel sizes and
geometries which provide a total required area of approximately 200 square feet.
The following section describes some of these studies and includes comments on the
various parameters considered.
3. I SOLAR PANEL VARIATIONS
The many variations of geometry, deployment systems and support methods are gen-
eralized as ten concepts and presented in Figure 3-1. These ten concepts may be
divided into three basic design approaches whose general characteristics are as
follows:
a. Fold-out Panels
• Capable of supplying additional area as a growth potential
• Require a deployment system
• Reliability of deployment system reduces total power system reliability
• Rectangular sections are more convenient for cell layout.
b. Fixed Panels
• Capable of supplying existing total required area
• Structural support for panels can be more efficiently designed
• Function of array is not dependent on a deployment system.
2of35
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Figure 3-1. Solar Array Concepts
Voyager Spacecraft
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c. Combination of Fixed and Foldout Panels for Growth Potential
A large portion of the array can function independently of the success
or failure of the deployment system.
The array is easily modified for various area demands for different
spacecraft missions.
Panel sections can be designed conveniently to practical sizes for
handling.
The above characteristics are considered as a partial guide in evaluation of the vari-
ous concepts, in addition, the following parameters have been established to assist
in selecting the most desirable solar array concept and are listed in order of im-
po rtance:
• Weight and thermal.
• Reliability.
• Growth potential.
• State-of-the-art design and materials.
• Spacecraft adaptability, ease of fabrication and handling.
The adaptability of the solar array concepts to fulfill the design objective are sum-
marized and shown in Table 3-1. A preliminary structural weight estimate of the
concepts (lb/ft 2) is shown below.
Table 3-2 indicates the estimated weight comparisons of the various solar panel
concepts.
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Concepts
1
8
10
Growth
May be provided for by add-
itional fold-out sections on
panel ends
Ex_elleat grow_ potential
by _dition of standard
panels to 337 ft 2
Capability requires additions
of hinged panels at outer end
Not readily adaptable to in-
creasing area except by
addition of fold-out panels
Not readily adaptable to in-
creasing area except by
addition of fold-out panels
Not readily adaptable to in-
creas_ area e_ept by
addition of fold-out panels
Not readily adaptable to in-
creasing area except by
addition of fold-out panels
Not readily adaptable to in-
creasing area e_ept by
addition of fold-out panels
Not readily adaptable to in-
creasing area except by
addition of fold-out panels
Not readily adaptable to in-
creasing area except by
addition of fold-out panels
We_ht
_b/_2_
0.74
0. 72
0. 73
0.64
0.90
0.68
0.62
0.75
0.66
0.70
Modularization Fabrication Handling
Provide easily removable
modules
Readily adaptable to three
modules of 6,4 ft 2, four
modules of 4.8 ft 2 per panel
Complete panels provide
mo&d__es of approximately
19 it2
Readily adaptableto three
mo_les of 6.4 ft _, four
modules of 4.8 ft 2 per panel.
Complete panels l_ovide
modules of approximately
19 ft 2
Readily adaptable to panels'
similar to transit
Shows approach to reduce
panel to smallest practical
modules
Shows approach to reduce
panel to smallest practical
modules
Trapezoidal modules are of
practical size for cell lay-
up and have less lost area
than sizes shown in Con-
cepts 4 and 5
15 ° segments provide 9, 6ft 2
modules cell layup provi-
sions better than Concepts
4 and 5, but not as advanta-
geous as rectangular fold-
outs
15 ° segments provide 9.6 ft 2
modules cell layup provi-
sions better than Concepts
4 and 5, but not as advanta-
geous as rectangular fold-
outs
15" segments provide 9.6ft 2
modules cell layup provi-
sions better than Concepts
4 and 5, but not as advanta-
geous as rectangular fold-
outs
15 ° segments provide 9.6 fL2
modules cell layup provi-
sions better than Concepts
4 and 5, but not as advanta-
geous as rectangular fold-
outs
Corrugations more difficult
to fabricate as compared
with honeycomb structure
Requires fabrication of a
combination of corrugated
and honeycomb structure
Can use corrugated or
honeycomb structure
Requires various small
shapes of modules
Requires various small
shapes of modules
Minimum number of dif-
ferent parts easily fabrica-
ted and tooled
Identical panels provide
ease of tooling and manu-
factoring
Identical panels provide
ease of tooling and manu-
facturing
The use of honeycomb of-
fers a possible fabrication
advantage over corrugated
structure
The use of honeycomb of-
fers a possible fabrication
advantage over corrugated
structure
This cone__pt w.n_d require
additional fixtures for
fixed panels
Large panels would be more
difficult to handle, but mod-
ules could be removed to
facilitate handling
Easily handled as a frame,
complete panel or individual
modules
Easily handled as a frame,
complete panel or indivi-
dual modules
Minimum number of handl-
ing fixtures foreseen
Identical panels would be
interchangeable in one
handling fixture
Identical panels would be
interehangeable in one
handling fixture
Identical panels would be
interchangeable in one
handling fixture
Identical panels would be
interchangeable in one
handling fixture
State-Of-The-Art
Mariner-CSpace-
craft
Thermal
Noapparentproblemareas
Reliability
Morecomponentsinvolved
withfixedl_J_, but
comparablesystemsarein
use
Nodesign or fsbric.ati'+rm
problem foreseen in cora-l
bining the two types of
structure
I
Modification of existing de-
sign concepts
Medification of existing
des_us
Modification of existing de-
sigus
No advance in fabrication
methods or development
technique required
Same type structure used on
Mariner-C panels
Corrugated structure simi-
lar to Mariner-C
The truss grid material was
used for Mariner-B beam
connection and the box beam
w_ used on Mariner-C.
Honeycomb panels are in
use in space at present
The truss grid material was
used for Mariner-B beam
connection and the box beam
was used on Mariner-C.
Honeycomb panels are in
use in space at present
No a_re_nt pro_blem areas
Large, unrestricted back
area available for radiation
of heat
No large beams for restric-
tion of radiation of heat
No large beams for restric-
tion of radiation of heat
Large back-up beam pro-
rides heat sink for panels
Minimum restriction of
radiation paths
Minimum restriction of
radiation paths
No problem areas antici-
pated; corrugated and
honeycomb substrate panels
approximately equal in
thermal heat transfer
No problem areas antici-
pated; corrugated and
honeycomb substrate panels
approximately equal in
thermal heat transfer
•-qo-me are A-a.ivp._9_le _v.e._
though fold---ou_ do not
operate
Fewer fold-outs than Con-
cepte 1 and 2
Intsrconnection of modules
offers little reliability
problem
Intereonnection ofmodules
offers littlereliability
problem
Small number of modules
require a minimum num-
ber of interconnectionn
Minimum number of elec-
trical interconnections and
absence of moving parts
provide good reliability
Minimum number of elec-
trical intsrconnections and
absence of moving parts
provide good reliability
Minimum number of elec-
trical inte_ and
absence of moving parts
provide good reliability
Minimum number of elec-
trical interconnections and
absence of moving parts
provide good reliability
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Table 3-1. Alternate Concept Evaluation
Spacecraft Adaptability Other
Indirect load path to space-
craft structure
Provisions for attachment
of fold-rafts to fixed panels
necessitate additional sup-
port struchire
Good c.o_mect_o_s to space-
craft structure
Easily attaches to space-
crafL structure with no mod-
ification of louvers
Easily attaches to space-
craft structure with no
modification of louvers
Easily attaches to exisUng
spacecraft structure
Requires interruption of
louvers at base for attach-
ment of spars
Adapters required for al-
ternate beams to attach to
structure
Requires interruption of
louvers at base for attach-
ment of spars
Requires interruption of
louvers at base for attach-
ment of spars
Rectangular sections accom-
modate cell layout
CcH _---_ut cc_p_'o_._._ due
to trapezoidal (fixed) panel
Rectangular panels desirable
for solar cell layout
Trapezoidal modules decrease
effective area available for
cell layup
Trapezoidal modules decrease
effective area available for
cell lay_
Corrugations provide direc-
tional stiffness to bea4n loads
to spars
Tubular support reduces in-
terruption to louvers
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3.2 PARAMETRIC STUDIES OF FIXED AND DEPLOYABLE ARRAYS
3.2.1 STRUCTURAL
Parametric studies are made for use in selecting the lightest substrate cross sections
applicable to fixed or deployable arrays. The primary design load parameter is a
result of dynamic amplification during fundamental bending modes of vibration which
could be excited during launch. Methods of support considered suggest negligible
panel torsion problems and, therefore, are not reflected in these studies.
Structural materials selected for study give an overall picture of applicable non-mag-
netic materials, and within the state-of-art, which is a basic requirement. Panel
widths selected for study are based on the maximum width of a 30-degree segment of
a fixed array disc and the minimum width of a 15 degree segment. This gives a suf-
ficiently broad coverage to include deployable panels and modular segments.
The information shown in Table 3-3 from Mariner-C suggests a dynamic amplification
of 2:1 between spacecraft interface and solar panels to be used for structural analysis
of the solar panels. Relative nearness of the booster interface to the solar panels is
of prime consideration when suggesting the 2:1 ratio.
Table 3-3. Mariner C Information
Lateral Direction
Solar Panel
Spacecraft
Ratio = 1.6:1
Axial Direction
Solar Panel
Spacecraft
Ratio = 2:1
1.6 g RMS @ Bus
1.0 g RMS @ Booster Interface
4.0gRMS @Bus
2.0 g RMS @ Interface
Figures 3-2 through 3-5, in general, show the required stiffness for a given thickness
honeycomb section such that elastic face dimpling will not occur under a dynamic
bending moment. A working bending moment versus an allowable bending moment
ratio of 1 (M/m=l) is based on a sinusoidal dynamic excitation to the solar panel of
2g. (zero-peak} with a safety factor of 25%. No solar cell stabilization of the honey-
comb facings is considered. Dynamic loads are treated as static loads and include
an assumed solar cell weight of 0.34 lb/ft. 2. The substrate unit weight indicated for
10 of 35
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Figure 3-2. Substrate Design Parameters, Dynamic Launch Conditions
(Honeycomb Core with Aluminum Skins)
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Figure 3-3. Substrate Design Parameters, Dynamic Launch Conditions
(Honeycomb Core with Aluminum Skins)
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1. 5'UBSTRATE WEIGHT INCLUDES: _NOTE: CHECK F c 1$TgN)
stun ADHESIVE=0.02S /ft2/SmE  AND SELECTALLSYWITH
1.6 lb/ft _ 3/16 HEXCELL CORE (AI UM.)_ COMPARABLE ALLOWABLE.
BACKSIDE PAINT_--O:010-O.021 lb/!
DIELECTI:*.IC m-:0.027-0.032 lb,,
2. ALL CALCULATIONS BASED ON
NOMINAL WEIGHTS
3. fn IS FUNDAMENTAL
BENDING FREQUENCY FOR
A 30.9 IN._PAN* WITH
PIN END SUPPORTS,
ELECT--_CAL WE!GHT----0.34 !.b/_ 2
4. ROOM TEMPERATURE
5. h IS CORE HEIGHT
6. M IS ALLOWABLE MOMENT
BASED ON ELASTIC SKIN
DIMPLING WITH NO SOLAR CELL
STABILIZATION CONSIDERED.
7. m IS WORKING ULTIMATE
BASED ON 2 g (0-PEAK)
DYNAMIC INPUT AT SOLAR
PANEL AND 16.7 g DYNAMIC
TRA NSMISSABILITY. DYNAMIC
LOADS ARE TREATED AS
STATIC LOADS.
0 0.1 0.2 .... 0.3 - _0o4
SUBSTRATE UNIT WEIGHT (lb/ft 2)
Figure 3-4. Substrate Design Parameters, Dynamic Launch Conditions
(Honeycomb Core with Aluminum Skins)
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CONDITIONS
1. SUBSTRATE WEIGHT INCLUDES:
_KIN ADHEBIVE=0.025 Ib/ft2/SIDS
1.6 Ib/ft3 3/16 HEXCELL CORE {ALUM.)
BACKSIDE PAINT=0.010 - 0.021 lb/ft 2
DIELECTRIC=0.027 - 0.032 m/ft 2
ALL CALCULATIONS BASED ON
NOMINAL WEIGHTS
fn IS FUNDAMENTAL BENDING
FREQUENCY FOR A 62.1-IN. SPAN*
WITH PIN SUPPORTS 22% INBOARD.
ELECTRICAL WEIGHT=0.34 Ib/ft2
ROOM TEMPERATURE
h 18 CORE HEIGHT
M IS ALLOWABLE MOMENT
BASED ON EI.,b,_TIC SKIN
DIMPLING WITH NO SOLAR
SUBSTRATE UNIT WEIGHT (Ib/ft2)
Figure 3-5. Substrate Design Parameters, Dynamic Launch Conditions
(Honeycomb Core with Fiberglass Skins)
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a required honeycomb section includes skins, skin adhesive honeycomb core, backside
paint, and dielectric where required.
Figures 3-2 through 3-4 differ by varying the support span of the honeycomb substrate.
This allows comparison of requirements for a 15 degree panel segment with those for
a 30 degree panel segment.
Fundamental vibration frequencies are shown for the various sections and support
spans. It should be noted that frequencies are based on a narrow beam and do not
reflect effects of the tapered substrate platform. Therefore, frequencies given should
be used as relative comparisons only.
Figure 3-5 differs from Figures 3-2 through 3-4 basically by substituting fiberglass
skins for aluminum skins.
The following Basic Equations and Definitions have been Used to Develop Figures
3-2 through 3-5.
Adhesive Dielectric Paint
Unit Wt =
1.6 h x 144
1728 + 144 p (2t) + .050 + 0.029 + 0.016
UnitWt = 133.33x 10 -3h + 288D t + 95x 10 -3 , 0b/ft 2)
h = core thickness (in.), D = skin density, (lb/in. 3)
t = skin thickness, (in.)
(h+t_ 2 , cross-sectional moment of inertia, (in.4/in.)I 2t
\2/
I=f
t
n2 I(5w).... 1/2 (£) ;/;1 2
[42.36 (384xE)
cross-sectional moment of inertia as a
function of transverse vibration frequency.
-3 -3
wt- 133.33 x 10 h - 95 x 10 , honeycomb skin thickness, (in.)
288 D
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Fc =2 (t).
(l-u 2)
(Ref. 21, Volume VB235FD110) allowable
working stress, (psi)
s = honeycomb cell dimension, (in.)
Fc. I
M = , allowable working moment, (in. -lb/in.)
1 2
m 12 (wg) £ , for beam pin supported at ends
or
1 2 1 £)2 1x (0.22 J_) + _-_ (0.56 (wg) for beam pin supported 22% inboard
from ends, actual working moment
(in. -lb/in. )
w = substrate + solar cell weight,
(]bAn. 2)
£ = width of substrate at section
considered (in.)
3.2.11 MARINER C SOLAR PANEL SUBSTRATE
If the transverse stiffness/weight ratio of Mariner C is considered valid for use with
the Voyager spaceframe, to prevent dynamic coupling the solar panel substrate struc-
tural characteristics shown in Figure 3-6 are used. This may be considered a prac-
tical minimum cross-sectional weight for corrugated substrate when considering
handling and fabrication.
a. I = 3.89 x 10 -4 in.4/in. (Based on minimum gages)
b. Substrate unit wt. (including dielectric) = 0.21 lb/ft 2.
(Based on minimum gages)
C, M
(Elastic
Buckling
Allow)
= 8.5 in.-lb/in, static limit (Based on minimum gages)
16 of 35
CII - VB235AAl10
! _CAP 0.3 IN.
=0.0035-0.004 IN._ _ 0.34-IN. DIA. FLANGED LIGHTENING
tCORR _ _k _ HOLES IN CORRUGATION WEB @ 0.54
1 I o.c.
_-PITCH .9-_
1
2
MATERIAL=5050-H38 AL.
SKIN BONDED TO CORRUGATIONS
WITH EPON 913 ADHESIVE.
(UNIT WT=0. 014 LB/FT 2
NOMINAL)
Figure 3-6. Transverse Cross Section of Substrate Along Beams
(No DOUBLER in Other Cores)
Figure 3-3 for a 15.8-in. substrate span shows that corrugated substrate weighs
0.21 lb/ft 2 for a given load capability (M/m = 2.6). Honeycomb substrate (with
aluminum skins) weighs 0.233 lb/ft 2 for the same moment capability.
70 wt. difference =
0.233-0.21
0.21
= 1170 greater
= 6.9 lb/array
a. (Honeycomb substrate vs. corrugated sub.)
Figure 3-4 for a 30.9 in. width shows that corrugated substrate weighs 0.21
lb/ft 2 for a given load capability (M/m = 0.7). Honeycomb substrate with
aluminum skins weighs 0.24 lb/ft 2 for the same moment capability.
% wt. difference = 14% greater = 8.8 lb/array
b. (Honeycomb substrate vs. corrugated sub. )
Figure 3-2 for a 62. 1-in. width shows that corrugated substrate weighs 0.21
lb/ft 2 for a given load capability (l_/m = 0.33). Honeycomb substrate with
aluminum skins weighs 0.255 lb/ft _ for the same moment capability.
% wt. difference =
0.255-0.21
0.21
= 21% greater
= 13.2 lb/array
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c. (Honeycomb sub. vs. corrugated sub.)
Figure 3-5 for a 30.9-in. substrate span shows negligible substrate weight
difference comparing corrugation with fiberglass skin honeycomb.
The preceding information indicates that as load capability requirement in-
creases, the corrugated substrate shows a greater weight savings over honey-
comb. (See Figure 3-7.)
Substrate weight penalty (honeycomb with aluminum skins) for panels oriented normal
to thrust during launch versus panels oriented parallel to thrust during launch:
a. Based on maximum span of 30 degree segment,
Weight penalty =
0.315 -0.2 95
.295
= 6.8 % =0.02 lb/ft 2
= 6 lb/array
b. Based on minimum span of 30 degree segment or maximum span of 15 degree
segment.
Weight penalty =
0.275 - 0.258
0.258
= 6.6% = 0.017 Ib/ft2
= 5.1 lb/array
6
2
0
(EXTRAPOL&TED)
HONEYCOMB WITH
FIBERGLASS SKINS HONEYCOMB WITH
f f ALUMINUM SKINS
5 10 15 20 25 30
% GREATER WEIGHT
(HONEYCOMB OVER CORRESPONDING SUBSTRATE)
Figure 3-7. Weight of Corrugated Substrate vs Load Capability
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c. Based on minimum span of 15degreesegment,
Weight penalty = 0.277 - 0.2200.220 = 3.2% = 0. 007 lb/ft 2
= 2.1 lbs/array
Figure 3-8 shows a weight comparison for a 30 degree fixed panel substrate versus
15 degree segment fixed panel substrate, when designing for maximum transverse
span:
.315 - .275
% difference = .275 = 14.5% or
• 040 lbs/ft 2 {30 ° segment over 15 ° segment)
Weight penalty at a minimum span when holding section is constant based on a max-
imum span:
30 degree segment (honeycomb with aluminum skins)
0.315 - 0.275
0.275
= 14.5% or 0. 040 lb/ft 2
0.45
0.40
0
_:o.35
0.30
0.25
0.20
10 20 30 40 50 60 70
SUBSTRATE WIDTH (IN.)
Figure 3-8. Linear Extrapolation of Substrate Unit Weight Required vs
Solar Panel Width
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15 degree segment (honeycomb with aluminum skins)
0.275 - 0.227
0.227
= 21.1% or. 048 lb/ft 2
3.2.1.2 EFFECT OF TAPERING HONEYCOMB SUBSTRATE THICKNESS TRANS-
VERSE LY
Approximately a 25% increase in dynamic load results due to reduced structural
damping. This effect on substrate weight is determined by considering that the skin
thickness is held constant and the section thickness increased locally to match the
25% increase in load. (See Figure 3-9).
The section stiffness, I, is increased 25% to match the 25% increase in load.
I: 1.25 I
(original)
(h12:125 Ch):riginal
2
h =1.25 h 2
(original)
h =1.12 h =1.12x .5 =0.56in.
(original)
1/2 AREA (_
1/2 AREA O
Figure 3-9. 0.5-inch-Thick Section Tapered to 0.25 Inch
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Weight savings =
(Area 2 - Areal)
cross section area
x (unit area weight of core)
(0.25 x 30.___.9-0.06 x 30..._._9)
4 4 1.6( xo.5)0.5 x 30.9
(1.47) 1.6
0.5 x 30.9 ('T2 x 0.5) = 0.006 lb/ft 2 avg.
= I. 8 Ib/array
3.2.1.3 WEIGHT COMPARISON - CORRUGATED SU_TRATE WITH INTERMITTENT
TRANSVERSE INTERCOSTALS vs. HONEYCOMB SUBSTRATE WITH ONLY
A SPAR TIP INTERCOSTAL
Mariner-C substrate is considered as the lightest practical corrugated substrate when
considering handling and fabrication. Figure 3-4 shows this to be non-capable of
design loads (M/m -0.7) for a 30.9-inch span between simple supports and, therefore,
intermittent intercostals would be considered for dynamic damping of the corrugated
substrate.
Item Wt = lb/ft 2
Mariner C Corrugated Substrate 0.21
Four intermittent intercostals (0.020 aluminum channel
with 40% web lightening holes)
Comparison Total
0.11
0.32
In Figure 3-2, the minimum substrate weight based on M/m = 1.6 (thrust axis dynamic
vibration excitations) = 0.275 lb/ft 2.
Weight increase using intermittent
intercostals vs. one closure inter°
costal
= 0.32 -0. 275 = 0. 045 lb/ft 2
= 13.5 lb/array.
3.2.1.4 HUMIDITY AND VAPOR PRESSURE CONSIDERATIONS
This need not be considered for corrugated substrates, except in closed areas, due to
the well ventilated corrugation where a large portion of the web material is removed.
With honeycomb structure, careful consideration must be given to the selection of
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facing adhesives. It is doubtful (not backed by test} that internal pressure could re-
lieve itself in the time it takes for launch of the vehicle. Internal honeycomb pressure
conditions could, therefore, reach the following shortly after spacecraft injection.
a. Temperature _ 200°F for a Mars Mission.
b. Saturated vapor pressure (gage} = 11.53 + 14.7
= 26.2 psi max.
Ground conditions would result in lesser conditions on the honeycomb.
a. Temperature = 100 °F
b. Saturated vapor pressure (gage) = 0.95 psi max.
An adhesive such as FM-1000 could meet the above requirements with a margin of
s_fe_T nf 2. _See F_ure 3-10)
3.2.1.5 GENERAL STRUCTURAL CHARACTERISTICS OF RYAN DESIGNED DE-
PLOYABLE SOLAR CELL SUBSTRATES
The substrate areas and overall substrate dimensions are:
a. Mariner A- 78 in. x 37.2 in. average, 20.2 ft 2
b. Mariner R (II) - 60.5 in. x 29.1 in., 12.2 ft 2
Add-on Panel - 11.3 in. x29.1in., 2.3 ft 2
Ranger 9 - 60.5 in. x 29.1 in., 12.2 ft 2
Ranger Mark IV- 60.5 in. x29.1in., 12.2 ft 2
Mariner B - 78 in. x 43.6 in. average, 23.6 ft 2
Ce
d.
e.
f.
g.
he
Mariner C - 71.4 in. x 35.5 in., 17.6 ft 2
Transit VA- 48 in. x 10 in., 6.6 ft 2
Add-on Panel - 18 in. x 10.1 in., 2.6 ft 2
NAFI - 66 in. x 10 in. , 9.2 ft 2
Provided for
solar cells on
both sides of
panel
Table 3-4 shows the structural and flight weights (based on substrate area) and
Table 3-5 the calculated weights for various solar panel design proposals.
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FLATWISE TENSION
ADHESIVE FILM WEIGHT=0.025 Ib/ft 2
HONEYCOMB CORE
SIZE - 1/4 IN: HEXCELL, 1.6 lb/ft 3
6000 - 300
<
t_
4000
2000
m A
q-4
v
0
r_
Z
250
200
150
100
5O
0
0 5O 100 150
TEMPERATURE ( ° F)
200 250
Figure 3-10. FM-1000. Adhesive Strength vs. Temperature
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Table 3-4.
Panel
a. Mariner A
b. Mariner R(II)
Add-on Panel
c. Rau_er 9
d. Ranger Mark IV
e. Mariner B
f, Mariner C
g. Transit VA
Add- on Panel
h. NAFI
NAFI with Fiberglass
over Alum. Skins
Structural and Flight Weights
Total Weight (lb)
Flight
39.3 (Nom.)
23.6 (Nom.)
4.3 (Nom.)
19.8
21.2 (Avg.)
36.6 (Nom.)
19.7 (Nora.)
2.2 (Avg.)
7.4 (Avg.)
7.9 (Avg.)
Average Unit Weight lb/ft 2
StructureStructure
20.3 (Nom.)
12.8 (Nom.)
3.3 (Nora.)
13.7 (1 panel)
15.1 (Avg.)
24.8 (Nom.)
10.5 (Nom.)
2.0
0.9 (Nora.)
2.8 (Avg.)
3.3 (Avg.)
1.0 (Nom.)
1.0 (Nom.)
1.4 (Nom.)
1.1
i. 2 (Avg.)
1.1 (Nora.)
0.6 (Nom.)
0.35 (Avg.)
0.30 (Avg.)
0.36 (Avg.)
Flight
1.9 (Nom.)
1.9 (Nom.)
i.9 (Nom.)
1.6
1.7 (Avg.)
I.6 (Nom.)
i.1 (Nom.)
0.85 (Avg.)
0.8 (Avg.)
0.86 (Avg.)
Note: Weights are either calculated based on nominal sheet thicknesses or they
are the average of several production articles. Flight weights include
solar cells and wiring at 0.5 lb/ft 2 in addition to other electrical equip-
ment.
3.2.1.6 DYNAMIC COMMENTS
From a dynamics viewpoint, the primary criteria are structural integrity during
launch vibration and noise (both mechanical and acoustical) environments, and in-
flight shock conditions. Servo-elastic de-coupling is also important.
Taking into account the above criteria, there is little doubt that all of the proposed
array configurations can be designed to meet the dynamic requirements. "This con-
clusion is based on Ranger and Mariner solar panel experience. The alternate panel
configurations proposed are not a great deal different dynamically and the criteria
are similar -- actually more severe for Mariner-C because of the clearance problem
in the stowed configuration, requiring the use of dampers.
In general, the fixed configurations offer the lightest means of meeting dynamic re-
quirements. The stiffness to weight ratio is highest for these configurations which
means lowest response for the given inputs.
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Table 3-5. Calculated Weights for Various Ryan Solar Panel Design Proposals
Dimensions
Panel
and Area
Philco 15.5 in. x 9.5 in.
102 ft 2
•,_ORL _.,1_ in. x ,,_9_Ain.
265 ft 2
MORL 172 in. x 244 in.
265 ft 2
RCA-LO 16 ft 2
Type Constr.
(All Alum. )
Frame & Circuit
Boards
Beams & Honeycomb
Beams & Corrugation
Honeycomb
*Does not include solar cell and electrical equipment weight.
Total
Structure
Weight (lb)
0.4
97.0
73.0
7.0
i
Average
Unit Wt. of
Structure
(*lb/ft 2)
O. 39
0.37
0.27
0.44
The compromise configuration, a fixed array, with several small fold-out panels
(similar to Mariner-C), is intermediate in stiffness-to-weight ratio, and would be a
second choice from a dynamics view-point only.
The configuration using several fold-out panels is a third choice on the same basis.
While the support arrangement is stiffer where proposed as compared with the
Mariner-C installation, the first few important natural frequencies of the Mariner-C
configuration without dampers are given, for interpretive purposes:
First symmetrical mode (bending) 5.3 cps
First anti-symmetrical mode (torsion) 11.9 cps
Second symmetrical mode (bending) 39.3 cps
The rectangular fold-out configuration using four large panels is a fourth choice on the
basis of stiffness to weight ratio. Again, it must be pointed out that the differences
between these configurations (dynamically) are small. Any one can be made to serve
quite well, it is merely a matter of weight to achieve the goal. It is tacitly assumed
that minimum weight is a prime factor of the array, as is any payload item for a
spacecraft. Development cost and time, and production factors are certainly impor-
tant, but are outside the scope of the considerations made herein.
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3.2.2 MATERIAL STUDIES
3.2.2.1 FIBERGLASS SUBSTRATE FACINGS APPLICABLE TO FIXED PANELS
The three principal elements of a honeycomb sandwich configuration, i.e., the core,
facings, and adhesive, can be varied by the design when choosing an optimum combin-
ation. Limiting factors are materials availability and process state of the art rather
than theoretical material properties.
Table 3-6 presents a summary of properties of various honeycomb sandwich configur-
ations. Facing thickness (and weight) may be decreased when core cell size is reduced
or when materials of greater stiffness are chosen. The core density varies directly
with foil thickness and inversely with cell size. The limiting factor on core density
is availability of material. A 3/16 cell size, -0. 0005-in. aluminum foil core has been
manufactured by Hexcel, Inc. and may be obtained on special order. The density of
this core is 1.6 lb/ft 3. Lower density cores require larger cell size and consequently
heavier skins.
Adhesive weight is a function of core cell size and process reliability. It is manda-
tory in adhesive bonded assemblies that sufficient allowance be made in the design for
process variation effects on adhesive properties. The adhesive weights shown in
table 3-6 are based on experience and represent practical lower limits for reliable
bonds. Where loads are small, adhesive weights can be reduced to half of the stated
values, provided that an intensive process control and acceptance test program is
imposed.
3.2.2.2 COMPARISON OF UNIDIRECTIONAL GLASS CLOTH - EPOXY LAMINATES
Style 143 glass cloth is most frequently used in unidirectional reinforced elastic lami-
nates. Mechanical properties data is readily available. However, the thickness of a
single ply (0. 009 in) is the lower limit of thickness attainable. For sheet thickness
less than 0. 009 other unidirectional fabrics must be employed.
Styles 1557 and 1667 glass fabrics were chosen and their construcLi_ _ ¢.meared to
style 143 construction in order to predict laminate properties based on k_o_vn prop-
erties of 143 glass cloth laminates. Table 3-7 shows the construction of these three
fabrics.
The thread count shown in the last two columns is calculated as if all yarns were size
225. These values represent a measure of the relative number or weight of glass
fibers in each direction, and may be used to compare fabric or laminate properties
by dividing by the fabric weight. This is done in Table 3-8 which shows the count
on a unit weight basis. The last column of Table 3-8 gives the weight fr action of
fibers in each direction and is a true index for comparison of mechanical properties.
The predicted properties of 1557 and 1667 glass cloth laminates are given in Table 3-9.
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Style
143
1557
1667
Weight
(oz/yd 2)
8.78
5.42
2.50
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Table 3-7. Comparison of Unidirectional Glass Fabrics
Thickness
(in.)
0.009
0.0055
0.003
Thread
Count
Warp Fill
49 30
57 30
60 12
Tensile
Strength
Warp Fill
611 56
370 60
225 5
Yarn
Warp Fill
225-3/2 450-1/2
150-1/2 450-1/2
150-1/0 900-1/0
Table 3-8. Comparison by Weight
Thread
Count as
225-1/0
Warp Fill
294 30
171 30
90 2
Style
143
1557
1667
Weight
(oz/yd)
1.0
1.0
1.0
Count as 225-1/0 Fiber Weight Fraction
Warp Fill Warp Fill
33.5
31.5
36.0
3.4
5.5
.8
0.908
0.851
0.978
0.092
0.149
0.022
Table 3-9. Predicted Pro:)erties of 1557 and 1667 Glass-Epoxy Laminates
Tensile Strength Tensiie Modu- Compr. Strength Compr. Modu-
Laminate psi lus psi x 10 -6 psi lus psi x 10 -6
Style
Warp Fill Warp Fill Fill
t
85,000 10,200 2.10 2.08143 (1)
143 (2)
1557 (1)
1667 (1)
1667 (2)
80,000
91,300
16,500
2,400
4.86
4.60
4.57
5.22
4.87
Warp
60,000
56,500
64,500
3.40
.49
Fill Warp
26,300 5.12
- 6.72
42,500 4.81
6,200 5.50
- 4.99
(1) Based on MIL-HDBK-17 Data. Comparison using ratios of Table 3-8.
(2) Ryan Test Data for thin laminate.
3.37
.49
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These properties are based on MIL-HDBK-17 values for 143 glass cloth - epoxy
laminates and the weight fraction index of Table 3-8. Also shown in Table 3-8 are
Ryan test values for single tests performed on 143 and 1667 epoxy laminates. Because
the test values are limited to a single test, it is felt that the predicted values for
1557 and 1667 epoxy sheets are at least as valid for design as the actual test values.
3.2.3 THERMODYNAMIC
3.2.3.1 HONEYCOMB VERSUS CORRUGATED PANELS
The panels of References 3 and 13, Volume VB235FDli0, appear to be, from a
thermal standpoint, equivalent to the panels under consideration. Figure 3-11 is
presented as a comparison of the thermal characteristics of the two panels. Exam-
ination of Figure 3-11 seems to indicate that the difference in thermal characteristics
is small and not significant in its influence in choice of the selected concept.
3.2.3.2 FIBERGLASS VERSUS ALUMINUM SKINS
A temperature distribution as obtained from the equations in the Appendix, Volume
VB235FD110, indicates that for anticipated incident heat fluxes the maximum gradient
through a 0. 0055-inch-thick fiberglass skin is of the order of 1 ° F. If an aluminum skin
were substituted for the fiberglass skin the gradient is cut to a small fraction of a
degree because of the effect of the higher thermal conductivity. Because the gradients
involved are small, it is considered that thermal considerations are not significant in
choice of material for panel skins.
3.2.3.3 CHOICE OF SURFACE PROPERTIES FOR BACK SIDE OF SOLAR PANEL
With the geometry and surface properties of the cell side of the panel fixed (view
factor approximately 1., solar absorptivity and emissivity of solar cell and filter of
0.81 and 0.84 respectively), a choice of properties exists for the back side. Figure
3-12 represents the effect of the choice on the steady state temperature levels of
the panel, while Figure 3-13 can be used to illustrate the effect on the transients in
Mars sun occultation.
It is desirable, from the standpoint of limiting maximum temperature in the vicinity
of the Earth to 200°F and increasing the solar cell efficiency in the vicinity of Mars
by lowering the temperature level, to provide a high emissivity surface on the back
side of the panel. On the other hand, increased emissivity permits a more rapid
transient in the sun occultation period behind Mars, possibly to the extent of allowing
temperatures of less than minus 180°F during sun occultation periods of greater than
one-half hour. Keeping the above in mind, enforced by examination of Figures 3-12 and
3-13, and noting that radiation view factors to space increase with increasing distance
from the bus (see view factor versus distance table in Section 9.4 of the Appendix,
Volume VB235FD110 discussion of Figure 3-2 under temperature distribution), it
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TIME IN SUN OCCULTATION (MIN)
Figure 3-13. Transients on Mars Sun Occultation
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may be desirable to decrease emissivity* with increasing view factor (increasing
distance from bus) to achieve a constant temperature solar cell surface at some
maximum allowable temperature for Earth vicinity conditions. This would increase
the time available in sun occultation before a limiting minimum temperature is
reached.
4.0 SELECTED DESIGN JUSTIFICATION
The basic geometry of 22 fixed panels was selected as the best compromise of the
many manufacturing, handling, weight, structural, electrical, thermal, cost and
reliability considerations which were evaluated in the overall design task. Section 3.2
presented parametric data on these studies. The present section will divide the array
design into its basic elements and evaluate each individually. The design presented
for the total array fulfills the functional requirements and is easily fabricated,
assembled and installed. The overriding factor that influenced the selection of the
fixed panel configuration was the fact that a sufficiently large area is available for
mounting fixed panels which satisfies the area requirement.
4.1 FIXED PANEL
The main contributing factor to the geometry of the fixed panel was the twelve sided
spacecraft structure and the maximum envelope. Radial lines from the structure
would naturally form a trapezoidal panel with an included angle of 30 degrees and an
approximate area of 18 square feet. The size of this panel presents problems from
a manufacturing, handling and cell layup standpoint. It was, therefore, decided that
a 15 degree panel would be a more practical size to satisfy these parameters. The
parametric studies of structural efficiency (mainly stiffness versus weight) indicated
that the structure described in Section 3.2.1 was the best trade off. Support along
the long sides of the panel was considered best since it allows the use of the support
structure to contribute to panel stiffness in the most efficient direction. The panel
construction is designed to beam the loads transversely and provide adequate stiffness
to react dynamic inputs. Edge closures are provided to improve handling qualities and
furnish an additional path for distributing the concentrated attach loads. Machined
inserts for panel attach points are preferred to other methods for reasons of load
distribution to skins and core, surface flatness, and ease of fabrication. Materials
chosen were of the lightest weight possible, considering availability, manufacturing
technique and compatibility with environment.
*The decrease in emissivity with distance could be accomplished using high
emissivity paint and low emissivity paint in a mosaic pattern. Portions of the
solar panel near the Bus would be entirely high emissivity paint and portions
further from the Buswould contain larger areas of low emissivity surfaces.
Bare portions of aluminum skin surface ( _ = 0.1) could be substituted for cer-
tain low emissivity paint areas and bare portions of fiberglass skin (c = 0.79)
could be substituted for high emissivity paint areas.
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A significant advantage of the fixed panels forming a complete annular ring, is
the reduced complexity involved in thermal control or the spacecraft and flight
capsule. The fixed array shadows the complete area while individual deployable
panels would allow some light and some shadow.
4.2 FOLD-OUT PANELS
4.2.1 FOLD-OUT PANELS FOR GROWTH POTENTIAL
The initial design goal for the array was to provide an area of approximately 300
square feet through the media of interchangeable fixed and fold-out panels. As the
design progressed it was evident that an efficient design, with reference to panel
weight, would require changes in panel skins and attach fitting inserts. The outside
geometry of the fold-out panel may be identical and, thus, cell layup for the two
panels is identical, however, the panels cannot be used interchangeably. Considering
the area available for the attachment of active fold-out panels, an increase of
approximately 98 square feet is attainable by the addition of 11 fold-out panels,
equivalent in size to the fixed panels.
The 1.13 (zero-peak) retro-rocket vibration excitation load on the extended panels
while deployed and supported by two corners creates a need for two-directional
strength in the skins and additional insert area at the corners (See Section 3.2).
The two-directional strength qualities of aluminum skin were substituted for the
unidirectional fiberglass skins used on the fixed panels, and larger inserts were
added to pick up the hinge loads.
4.2.2 FOLD-OUT PANEL FOR SOLAR PRESSURE BALANCE
One fold-out panel is required to provide solar pressure balance of the spacecraft
when the large high gain antenna is deployed. A fold out panel as suggested for
growth potential will satisfy this requirement when it is shortened to 40 inches to
assure clearance with the planet scanner during panel deployment. The dielectric
and wire mesh required for an active solar panel are not required on this panel.
4.3 SUPPORT STRUCTURE
The various methods of support that were considered fell into two groups: truss
support and spar supports. Spars were chosen because of the following reasons:
a. Spar stiffness can be used to stiffen both fixed and fold-out panels to
react dynamic boost loads.
b. Attachments at short intervals are more convenient for distributing load
in the lightweight panel structure.
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c. Dynamic characteristics of the spar itself are more desirable than the
truss structure.
d. Fabrication of the spar assembly is simpler.
4.4 DEPLOYMENT SYSTEM
The obvious similarity of requirements for deployment between the Mariner-C and
the Voyager fold-out panels strongly suggested that this system should be used. A
further incentive was the proof of the design by its successful functioning in space.
Investigation of other systems was minimized because of the Imowledge of the evolu-
tion of various systems used on spacecraft such as Ranger, Mariner II and Mariner-
C. The exact hardware used on Mariner-C will be altered or redesigned because of
differences in inertia loads and mounting geometry, but the basic system fulfills the
requirements of this design very adequately. An analysis of the exact loads in the
damper and spring has not been attempted at this time but a wide variety of damper
coefficients and spring rates can be employed and balanced to produce a functional
system.
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1.0 SCOPE
This document discusses the selection for the spacecraft power system preferred
design (1971 Voyager) and alternate approaches.
2.0 APPLICABLE DOCUMENTS
VB236FD101 Power System Preferred Design (1971)
VB235FD110 Solar Panels
VB235AAl10 Solar Panel Alternate Approaches
3.0 SUBSYSTEM SELECTION
3.1 ARRAY CONFIGURATION
Desirable design features for the solar array are:
a. Full solar orientation to minimize area and weight requirements.
b. Sufficient area to account for predicted degradation and contingencies.
c. Modularization to relieve manufacturing, test and maintainability difficulties.
d. Panel interchangeabflity.
e. Panel shapes that will accommodate orderly cell arrangements in a series-
parallel matrix with reasonable packing density on the order of 85 percent.
Resulting voltage-current characterization must be within reasonable limits,
preferably with the maximum power voltage around 40 to 60 volts. At lower
values the percentage loss of required isolation diodes increases; at higher
values the ratio of series to parallel cell elements increases beyond the point
of optimum reliability. Prior practice also dictates in favor of this voltage
range.
f. Cell arrangements which result in acceptably low induced magnetic fields.
g. Area adjustability to accommodate load growth or reduction as program load
requirements are updated.
h. Temperature uniformity to minimize cell mismatch characteristics.
i. Optical and mechanical features that minimize stress resulting from environ-
mental operating conditions - vibration, thermal extremes, etc.
2 of 20
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To meet these goals, examination of the spacecraft configurational constraints led to
early consideration of a fixed array formed by an annular area surrounding the main
spacecraft body. By present load estimates sufficient annular area is available to
provide a 16 percent margin at the end of the mission. This assumes an energetic
particle radiation environment at Mars similar to that near Earth.
Modularization is achieved by segmenting the annular ring into identicaltrapezoidal
sectors. Numerous segmenting possibilitiesexist and the selection of a 24 sector
scheme isbased on the following:
al A weight trade s.__,dy which considers structural aspects favors this value
(see VB235AAl10 - Solar Panels). With fewer sectors, panel span lengths
require heavier section moduli; and with more sectors the weight of additional
support trusses becomes excessive.
b. A 24 sector array is a multiple of the 12 sided main bus resulting in struc-
tural simplifications.
c. A compatible series - parallel cell arrangement is achievable. See further
discussion later.
d¢b All panels are identical, meeting the criterion for interchangeability. Some
violation of this criterion may result from detailed design implementation
with the need for devices such as attitude control nozzles, temperature sen-
sors, etc. However, the major manufacturing and test approaches should
remain relatively unaffected.
Twenty-two of the 24 sectors are available as solar panels, the area of the remaining
two being required for other functions. Area reduction is possible in increments of
about 4-1/2% by simple removal of panels though the effect on solar pressure balance
must be carefully evaluated.
Two possibilities exist for area growth: (1) solar ceils may be mounted on the deploy-
able panel required for solar pressure balance; (2) additional deployable panels may
be added on the periphery of the fixed array. As presently configured these panels
would be identical in shape to the fixed panels and would be stowed against the struc-
tural support members on the rear of the fixed panels. Sufficient space is available to
permit the required unfolding action. It is estimated that ten additional panels could
be accommodated permitting an area growth of 45 percent.
A thermal gradient condition exists on the array because of itsproximity to the thermal
control shutters of the main body and the capsule barrier prior to its ejection. The
arrangement of cells is designed to nullifyany possible mismatch effects. This is
accomplished by combining the two inner and the two outer cell rows into a single
string. The average temperature of thiscombination is practically the same as that
of the four middle rows which form an additionalstring. From the panel geometry it
is seen thatboth strings have 106 series submodule elements. Thus the two strings
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have practically the same voltage-current characteristics. See Appendix A of
VB236FD101 for a detailed treatment of the temperature gradient affect.
Induced magnetic fields due to current loops on the array are minimized by return
paths which are built into the honeycomb skin adjacent to the cells themselves. In
this way the current loop area is kept small. A further refinement may be noted by
reference to Figure 3-1. The arrows on the right side of the cell rows represent the
magnetic flux vectors resulting from the current loop area determined by the row
length (21 inch average) and the distance between the forward and return current paths
(approximately .020 inches). By reversing the current flow on certain strings mag-
netic flux cancellation of these second order effects can be realized. Panel wire
harnesses consist of twisted forward and reverse current leads and should further
reduce the induced magnetic flux.
Specific solar array hardware selections are discussed below:
3.1.1 SOLAR CELL SELECTION
Both N/P and P/N cells may be considered. The N/P cell was chosen because of its
higher resistance to radiation damage and the general changeover in the industry to
this type giving it improved availability. With increased production experience it
appears that initial N/P cell output is comparable, if not better, than P/N cell output.
Recent experience at GE on the Gravity Gradient Test Satellite Program for the Air
Force indicates production N/P cells are available at efficiencies of 11 to 11.5 percent.
3.1.2 CELL CONFIGURATION
Standard contact or wrap-around contact cells may be used. The former configuration
is recommended since the latter is still somewhat in a development stage. The wrap-
around configuration may offer certain fabrication advantages because of the elimina-
tion of jogging of the intercell connections. Several possible expandable intercell ar-
rangements are shown in Figure 3-2. No change in the array configuration would be
required if the wrap-around configuration is selected at a later time.
3.1.3 FILTER
The No. 7940 fused silica is selected because of its resistance to radiation darkening.
With evaluation of the low radiation level detected by Mariner 4 at Mars it is possible
that Coming microsheet No. 0211 may be adequate. The blue filter coating is used to
protect the window to cell bond against the effects of ultraviolet radiation.
3.1.4 CELL INTERCONNECTIONS
Molybdenum is selected because of its non-magnetic properties, expansion character-
istics relative to silicon, and its high electrical conductivity. Other characteristics
such as solderability, uniformity of production runs and others must be investigated.
Other alternates include tantalum and several possible silver-based alloys. The
4 of 20
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principal matter of concern in this selection is the temperature extremes predicted
for the solar array and the resulting stress of expansion mismatch.
3.1.5 MISCELLANEOUS MATERIALS
Bond materials such as RTV-560 and RTV-602 are selected on the basis of prior
practice. From test data evaluation other alternates appear equally adequate.
3.1.6 ZENER REGULATOR
The dependence of Zener breakdown voltage on temperature is practically zero with
the use of 5.0 volt Zener diodes. It is positive at higher Zener voltage ratings and
negative at lower ratings. Since the Zener regulators must operate over a wide tem-
perature range, being mounted on the array structure, the use of five volt Zeners
seems the best choice, at first glance, to maintain voltage regulation within narrow
limits. Zeners of this value, however, have excessive current leakage at lower
voltages.
A compromise is to use Zeners rated at seven volts which have acceptable leakage
but poorer regulation characteristics.
The preferred design is one that can withstand the full current of a single array string
and clamp the voltage. This is accomplished with two or three strings of seven - 7.0
volt regulators, each of which is rated for three watts continuous at 25°C. Current
sharing between strings is guaranteed by the positive temperature coefficient and the
inherent resistance. The loss at 46 vdc is about 6 MA per string.
3.2 RELATIVE ARRAY AND BATTERY VOLTAGE LEVELS
A significant result of the solar array analysis given in Appendix A of VB236FD101 is
that sufficient power is available during the entire mission at the optimum power volt-
age required at the end of the mission. This result is independent of the number of
series array elements used and is only a function of the array temperature and in-
tensity history. For the array design selected the analysis indicates that 48 volts is
the optimum voltage value considering flight out to 1.6 AU. To provide allowance for
temperature uncertainties a slightly off-design value of 46 volts is selected as the
minimum value for normal operability during periods of array illumination. Normal
operability implies that load requirements are within array capability and sufficient
power is available for battery charging. Under this definition it is also implied that
the array voltage may be higher than 46 volts depending on relative output and load
requirements.
The question of relative battery voltage levels may now be discussed.
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3.2.1 CHARGE LEVEL MATCHING
In order to prevent battery discharge during periods of array power sufficiency the
simplest approach is to back bias the battery through isolation diodes at a voltage
higher than the maximum charging voltage. At the minimum back bias level of 46 volts
established at the array the maximum charging voltage is then selected to be 45 volts
which corresponds to the usage of 29 silver - cadmium cells with each cell rated at a
full charge voltage of 1.55 volts. During periods of battery discharge the problem of
load sharing may exist in which the array voltage is appreciably off its maximum
power capability point resulting in inefficient system operation. This difficulty is
avoided in the early mission phases by excess array margin and in the later mission
phases by proper load sequencing. This scheme permits the use of a simple series
charging regulator as shown in Figure 3-3(a).
Several alternate methods for avoiding the sharing problem are:
3.2.2 DISCHARGE LEVEL MATCHING
Design the battery so that its discharge voltage is close to the optimum array voltage.
Assuming that the array voltage could have been initially designed at a much lower
level to accommodate the use of a battery with fewer series cells, two requirements
become evident as shown on Figure 3-3(b) : (1) a boost regulator is required to charge
the battery since its charge voltage is higher than the array voltage; (2) battery dis-
charge must be accomplished through a switching device, such as an SCR, which re-
ceives a turn-on stimulus when the array voltage drops to a prescribed level. SCR
turn-off is accomplished when the array current is sufficient to meet load demands
and the battery discharge current is reduced to zero.
3.2.3 CHARGE LEVEL MATCHING WITH BOOST OUTPUT
Use the scheme described in paragraph 3.2.1 but replace the battery discharge diodes
with a boost regulator set to supply power at 46 volts. This is shown in Figure 3-3(c).
As long as the array voltage is higher than 46 volts the booster does not supply power.
When the array is at 46 volts it is operating close to maximum capability and the
battery booster makes up any deficiency.
3.2.4 CONC LUSION
Since the problem of load sharing appears well controllable with load sequencing, the
scheme described in paragraph 3.2.1 was adopted since the additional complexities
of the schemes described in paragraphs 3.2.2 and 3.2.3 do not appear warranted.
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Figure 3-3. Array-Battery Matching Schemes
3.3 BATTERY SELECTION
3.3.1 TYPE AND PERFORMANCE
Four vendors responded to a work statement soliciting design parameters and charac-
teristics of a non-magnetic battery to meet the requirements of the spacecraft mission.
The following vendors have supplied data:
Eagle-Picker Co.
Electric Storage Battery Co.
Exide Missile and Electronics Division
Whittaker Corp.
Power Sources Division
Yardney Electric Corp.
In general, there was close agreement among the vendors. All of the vendors recom-
mended the use of the silver-cadmium system over the silver-zinc system for the
reasons summarized below. Nickel-cadmium was not considered because of its mag-
netic properties.
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a. Cycle life is superior since cadmium is insoluble in the electrolyte while
zinc will dissolve and penetrate the separator during cycling.
b. Recombination of oxygen is superior allowing a higher overcharge rate and
less danger of pressure build up with an inadvertent excessive overcharge.
c. Hydrogen evolution, while low for Ag-Zn, is lower for Ag-Cd.
d. Float characteristics are better in that present work indicates far less capa-
city loss with time.
e. At least one vendor has had experience in producing non-magnetic sealed
Ag-Cd batteries which have been cycled in flight (Explorer XII, XIV and XV).
f. Cycle test data from vendor testing and Inland Test Lab, Dayton, Ohio shows
the requirements to be within the capability of the silver-cadmium system.
Based on the above evidence, silver-cadmium is the logical choice; however, further
development and improvement in the silver-zinc system, particularly regarding sepa-
rator materials, may warrant further consideration of this system.
A summary of silver-cadmium performance factors cited by the vendors solicited is
presented below:
a. Energy density: Estimates varied from 17 to 22 watt-hours per pound depend-
ing on packaging schemes proposed and basic cell ratings.
b. Volume density: Varied from 90 to 114 pounds per cubic foot.
Co Voltage: Charge - discharge voltage levels were essentially the same for each
vendor. Figure 3-4 is representative of the expected charge - discharge
voltage profile.
d. Recommended depth of discharge ranged from 50 to 75 percent.
e. All vendors felt an operating temperature range of 40 to 80F was reasonable
to meet the life requirement. Three of the vendors recommended reduced
temperature during storage to prevent separator degradation and to increase
life.
f. Two of the vendors cited a belief that approximately 30 percent of the initial
battery capacity would be unavailable at the end of the mission because of
gradual degradation.
The selected design described in VB236FD101 is based on applying the best judge-
ment possible to the preliminary design parameters cited above. Depths of discharge
are more conservative to provide partial redundancy and to enhance mission flexibility.
9 of 20
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Figure 3-4. Battery Charge-Discharge Characteristics
3.3.2 NUMBER OF BATTERIES
Factors which influence this choice are:
120
a. Battery weight - As shown in Appendix B of VB236AA101, the battery capacity
is 2280 watt-hours. Estimated weight of 1, 2, 3, or 4 batteries that would
totally supply this capacity are given in Table 3-1.
b. Weight Distribution - A criterion for the electronic assembly bays is to
limit the weight per bay to a range of 40 to 80 pounds.
C. Modularization - This feature is desirable for several reasons: (1) Loss of
one of several batteries still allows partial mission operation; (2) batteries
may be located in several bays so that loss of thermal control in one bay
only affects the performance of its associated battery.
3.3.2.1 C ONC LUSION
A three-battery system is selected as the best compromise for satisfying the above
factors. The use of two batteries results in excessive weight per bay when considering
the desirability of incorporating other equipment along with the battery in the same
bay. Four batteries appear to result in excessive overall weight. Since parallel
10 of 20
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Table 3-1. Estimated Battery Weights
Number of Watt-Hours Total Battery
Batteries (per lb) Weight (lbs)
I 22 104
2 20.7 110
3 19.5 117
4 18.3 125
charging of batteries is difficult because of performance variability from battery
to battery a separate charge regulator is used for each battery.
3.4 REGULATOR SELECTION
Factors influencing the selection of series dissipative or time-ratio non-dissipative
regulators are listed in Table 3-2.
3.4.1 BATTERY CHARGER SELECTION
As mentioned earlier in paragraph 3.2 the selection of Charge Level Matching permits
the use of dissipative series charge regulators. This selection is attractive because
of simplified circuit designs and the elimination of magnetic components as indicated
in the comparison in Table 3-1. Although these devices have variable thermal dissi-
pation, depending largely on the input voltage level, this condition is minimized for
the following reasons:
ao The thermal load is distributed with the use of three regulators. The maxi-
mum thermal load of each regulator is within the thermal control capability
of its associated electronics assembly bay.
b. Except during charge periods, which are of short duration on a relative basis,
the current to the battery is practically zero resulting in negligible dissipation.
The charge regulator provides current and voltage charge limits which is the acceptable
charging mode for silver-cadmium batteries.
The feature of discrete changes in the current limit with the removal of one or two
batteries is included to enhance the capability of the power system under failure mode
conditions.
The voltage limit selection feature allows the equivalent degradation of three shorted
cells in each battery without necessarily removing the battery from operation. The
purpose of changing the voltage level is to limit the average charging voltage per cell
11 of 20
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Table 3-2. Factors Influencing Selection of Regulators
Factor Non-Dissipative Regulator Dissipative Regulator
Efficiency High (> 85%) Variable*
Thermal Dissipation Relatively constant Variable*
Circuitry Complex Simple
Weight Heavy Light (excluding
heat sink)
System Stability Problem No Problem
Magnetic Devices - Filters Yes None
*Efficiency is poor and thermal dissipation high only during conditions when
excess power is available.
to value of 1.55 volts per cell which is estimated to be a safe level for silver-cadimum
cells. The selected limit levels are shown in Table 3-3 along with the average voltage
per cell considering the equivalent number of active cells in a battery. By way of
example, with operation at Setting A and all 29 cells operative the average charging
voltage per cell would be 1.525 volts. It is estimated that the batteries would be
charged to 90 percent of their capacity (See Figure 3-4). The unavailability of the
additional 10 percent is not considered critical on the basis of predicted depths of
discharge. Consider now that one of the battery cells shorted. The resulting average
charging voltage per cell would be 1.575 volts. Because of possible cell unbalances
individual cells could be overstressed. By readjusting the regulator to Setting B the
voltage per cell is reduced to a safer value. Further adjustment is possible with
Setting C so that a total of three shorted cells is possible. The additional regulator
and command complexity is justified on the basis of inability to precisely predict
battery performance and unknown mechanisms of degradation. The shorting of cells
is principally attributed to the migration of silver particles into the cell separator
material; however, all factors contributing to this migration are not fully understood
and conservative design approaches, such as incorporating the additional regulator
complexity, are indicated.
Table 3-3. Settings and Limit Levels for Equivalent Cells
Setting
Limit Level
(volts)
Number of Equivalent Cells
29 28 27 26
Average Charge Voltage Per Cell
A 44.2 1.525 1.575
B 42.65 1.47 1.525 1.575
C 41.1 1.42 1.47 1.525 1.575
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3.4.2 MAIN REGULATOR SELECTION
Since most of the loads require regulated power it appears economical to perform
this as a centralized power system function. The question of whether several regula-
tors should be used to serve separate portions of the load is resolved on the basis of
complexity and the magnitude of the regulated load requirements. Figure 3-5 illus-
trates the point by considering cases where one and two regulators are used. Besides
using two regulators, case (b) requires an additional inverter. When considering the
use of redundancy for each element this case becomes unnecessarily complex. The
maximum regulated load requirements are approximately 300 watts. Since this falls
within the capability for such devices specified in the Voyager 1971 Mission Specifi-
cation the selection of a single regulator seems appropriate.
Since a single unit is used the range of thermal dissipation is too great to permit con-
sideration of a dissipative regulator. Either of two proven switching regulator types
can be used:
3.4.2.1 SERIES SWITCHING (OR BUCK) REGULATOR
This type receives power at a higher input voltage and delivers power at a regulated
output voltage level. It operates by means of time ratio control of a high frequency
solid state switch. For a fixed output load the input has a relatively constant power
characteristic. Input voltage can vary from two to three times the output voltage
level to within a volt or so of the output level. The 28 volt output of the preferred
design was selected to be below the lowest expected battery discharge voltage (see
Figure 4-2). Because of its ability to accept inputs as high as 90 volts the buck regu-
lator has the potential advantage of eliminating the need for array Zener regulators.
The high voltage can result from cold array conditions upon emergence from occultation.
3.4.2.2 BOOST REGULATOR
This type also operates on a time-ratio switching principle but accepts inputs at low
voltage levels and delivers power at a higher regulated level. The preferred array
and battery design are compatible with a boost output of 50 volts. The use of Zener
regulators is more criticalwith a boost regulator since inputs must be absolutely
limited to a value only slightlyhigher than the output (less than a volt higher). A po-
tentialadvantage of boost regulators exists in the implementation of automatic redun-
dancy switch-over in the event of failure. Two such regulators may be placed in
parallel through diodes and set to regulate at the diode output voltage (see Figure 3-6).
Because of parallel operation and slight output characteristic mismatch one of the
regulators will furnish most of the power. This is not a problem, however, since
either regulator is designed to carry full load. If one regulator fails by internal short
or open, the other regulator can still operate because of the diode isolation. This
scheme does not protect against faults to ground or above specification output voltage.
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3.4.2.3 CONCLUSION
Either regulator type can be used. The buck regulator is selected since it permits the
possible elimination of Zener regulators. They are shown in the preferred design to
accommodate raw power voltage limits for the capsule and radio subsystem loads. It
is hoped that further study during Phase IB would permit their total elimination. In
either case Zener regulation is more difficult for the case of boost regulation since
input voltage must be limited to a critical level. The capsule and radio loads, on the
other hand, have crude input requirements and Zener regulation is less critical. Re-
dundancy implementation appears simpler with boost regulation. However, redundancy
solutions req-_ired for other system elements can be applied to the buck regulator and
hence this advantage is reduced.
Circuit design considerations also influence the selection of a buck regulator. With the
buck regulator output of 28 volts, voltage stress on transistors used in the 2.4 KC in-
verter are less than for a boost regulator output of 50 volts. This should result in in-
creased reliability. Also, tantalum capacitors for the regulator output filter are smaller
in the case of buck regulators and operate at reduced voltage stress because of the
lower output voltage.
3.5 DISTRIBUTION CONSIDERATIONS
3.5.1 AC DISTRIBUTION
The bulk of the loads are supplied with 2.4 kc, 50 volts rms, square wave power for the
following reasons:
a. Minimizes magnetic problems through the elimination of dc current loops.
b. Permits load isolation through the use of transformers.
C. Results in overall equipment simplification since a single electronic chopper
is used. With dc distribution a separate chopper is required for each dc level
conversion.
do The specific level and frequency are selected to conform to that used on the
Mariner IV spacecraft. This is done to allow the possible use of available
science or other payload equipment.
Four hundred cps, three phase power is also distributed for gyro and tape recorder
motors and may also be applicable for some of the science payloads. Both the 2.4 kc
and 400 cps inverter equipment is similar to that used on the Mariner IV spacecraft,
including the synchronization system, since the developed techniques appear directly
applicable.With respect to the synchronizer, a subsystem reliability analysis indicated
it to be a cause of reliability concern. A significant improvement is possible by using
redundant divider and counter stages which are selected by command. This would be
a subject of further study during Phase IB.
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The 2.4 kc inverter operates continuously since this form of power is required for all
mission phases.
The 400 cps inverter also operates continuously. Since the tape recorders and gyros
do not necessarily operate concurrently it is not possible to use an inverter turn-on
switch for load control. To minimize the number of switch functions the inverter is
therefore operated continuously. Initial estimates indicate no loss of reliability.
3.5.2 DC DISTRIBUTION
Raw dc power is distributed to certain loads for the following reasons:
3.5.2.1 CAPSULE
The supply of 200 watts of raw array power fulfills a requirement of the Mission Speci-
fication. This power is available at 30 to 55 vdc though the specified level was 25 to
50 vdc. This exception is taken to permit a wide tolerance on the Zener regulator
specification. As mentioned earlier the optimum array voltage was established to be
46 volts. The design of a Zener regulator to limit to 50 vdc would result in excessive
leakage at 46 vdc under certain temperature conditions. By increasing the tolerance
range to 55 vdc this problem is eliminated. The 30 volt level is established by the
battery discharge voltage though the capsule will be supplied with power only during
periods of full array orientation. In this case the range of power will be from approx-
imately 45 to 55 vdc.
3.5.2.2 RADIO SYSTEM
The transmitter has special regulation requirements and it was originally believed that
total power processing is best retained within that subsystem. This decision is tenta-
tive and bears further evaluation.
3.5.2.3 MISCELLANEOUS DC LOADS
Raw power from the array/battery bus or directly from the battery is supplied to cer-
tain short-term loads on the justification that overdesigu of the 2.4 kc inverter and
main regulator is not warranted. These loads include:
a. Gyro and Accelerometer Heaters -- Three heaters are required with each
rated at 35 watts. Simultaneous operation could result in a peak load of 105
watts.
b. Fuel Tank Heaters -- 30 watt peak which is required for contingency purposes.
c. Antenna Actuators -- Up to 60 watts is required for short periods during mid-
course and encounter phases.
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do Attitude Control Solenoid Valves -- Each valve is dc operated and rated at two
watts. If ac power were supplied, a transformer-rectifier unit would be re-
quired with resulting long lines from the T/R to the various valves. It there-
fore appears more expedient to supply dc power directly from the battery.
3.6 POWER CONTROL SWITCHING
Power is distributed to the various loads either directly or through switching elements.
Switching may be accomplished by solid state, or electromechanical switching. Disad-
vantages of the solid state switch are:
a. High capacity in the open configuration.
b. Voltage drop in the closed configuration.
c. Additional circuitry required.
d. Uncertainty of state when power is initially applied.
e. Inability to handle reverse currents adequately.
f. Reduced reliability.
All the above disadvantages become insignificant with high reliability latching relays.
These devices, however, generate magnetic fields. Recent tests conducted by GE at
the Naval Ordinance Laboratory provide a measure of these magnetic effects. Table
3-4 indicates the magnetic flux at a distance of three feet for the devices listed. Meas-
urements were taken in six directions at a distance of four inches. The values in the
table are established by dividing the measured values by the cubed distance ratio.
By the proper relative positioning of relays to take advantage of flux cancellation and
the use of magnetic shields it appears possible that the magnetic cleanliness require-
ments can be met.
The criteria adopted for determining the number and location of switching elements
are as follows:
ao Use the least number of switching elements required to perform a particular
function regardless of whether the switch is located within the power subsys-
tem or the user subsystem.
b. Switch locations must be consistent with ability to perform testing at the sub-
system and system levels.
Co Locate switching functions within the power subsystem (Power Switching and
Logic Unit) where the switching logic signals are derived externally to the
subsystem receiving the switched power. The purpose of this approach is to
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Table 3-4. Magnetic Flux at Three Feet
Device
Babcock Relay
R. 216-1
Sigma Relay
1200 GD-SIL
GE Relay
3SAM1071
Filtors Relay
PL26AIA6A
Diagram
Side
+2.5
+ .3
- .12
- .13
Magnetic Flux in Gammas
Opposite
Side
-2.5
+ .23
- .16
+ .45
Top
+ .27
+2.5
+3.4
Bottom
- .16
+1.7
-2.0
-2.5
Side
-.9
-.48
-.41
-.7
Opposite
Side
+.92
+.14
+.14
+.34
concentrate switch design and selection within a confined area of design responsibility
to permit effective control of magnetic cleanliness. The positioning and orientation of
switching devices, and the design of magnetic shielding, as discussed earlier, can be
more adequately implemented in this way than if the switches were distributed at nu-
merous locations. Not all switches can be concentrated in one zone but at least the
extent of the magnetic problem can be minimized.
The array and battery enabling switch (SW-I) is included to: (1) prevent battery dis-
charge during ground transfer of the spacecraft when ground power is unavailable (as
from the hangar to the pad); (2) prevent spurious output from the array when it is not
desired. This switch will be a motor-driven device similar to one used on the Mariner
Spacecraft. Contacts are held in place by mechanical means thereby minimizing mag-
netic effects. This device will only be operated prior to launch.
3.7 FAULT PROTECTION
The loads that may be fused are identified tentatively. This identification is based on
considering those loads whose loss would only partially compromise the mission goals.
It is realized that the application of fuses involves intricate testing and reliability con-
siderations and their use will be based on decisions made at a higher systems level.
Fuse locations are based on attempting to minimize harness requirements. Where a
single power feeder supplies a single fuseable load the fuse is located at the power
source. Where a single feeder supplies several fuseable or non-fuseable loads the
fuse is located at the load itself.
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3.8 REDUNDANCY
The need for redundancy results from the reliability analysis shown in Appendix C of
VB236FD101. Redundancy is applied for the following elements:
a. Solar Array Isolation Diodes -- two in parallel per string with assumption of
open circuit failure mode.
b. Zener Regulators -- at 55 volts the highest array current can be 37 amperes
considering operation near earth just after low temperature emergence from
an occulted condition. The load current at 55 volts near earth is approxi-
mately 10 amperes and therefore the Zener regulators must absorb a maxi-
mum of 27 amperes. Each Zener regulator is designed to absorb its maxi-
mum panel output. Since all panels contain Zener regulators the percentage
redundancy is:
37 1) X 100 = 37%27
The above assumes failure by open circuit.
c. Main Regulator -- 100% redundancy
d. 2.4 kc Inverter -- 100% redundancy
e. 400 cps Inverter -- 100% redundancy
f. Synchronizer -- Redundancy is applied for the timing signal in the form of a
backup oscillator which has +2 percent frequency stability compared with *.01
percent for the original Controller and Sequencer sync signal. This approach,
adopted from Mariner IV, is one in which gyro performance is slightly sacri-
ficed in favor of using a simple LC oscillator circuit. Use of a highly accu-
rate backup timer circuit would incur reliability penalties.
The means for activating redundant units for the main regulator and 2.4 kc and 400 cps
inverters are discussed below in terms of fault criteria and sensor implementation.
3.8.1 FAULT CRITERIA
Switchover to redundant units occur when performance limits are exceeded for time
periods greater than three seconds. This criterion has been selected arbitrarily at this
time. Considerable effort will be required to determine other poss_le approaches.
For example, an alternate switchover criterion might be to make the allowable time
period a function of the exceeded performance condition. If the malperformance is
slight the time period could be extended and vice versa. Also, load faults could induce
false interpretations of regulator or converter malperformance and must be carefully
weighed in design studies.
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3.8.2 SENSOR IMPLEMENTATION
Two approaches have been considered. One uses a single sensor; the second uses three
sensors and majority logic.
A reliability assessment of these approaches indicates the single sensor method is bet-
ter ff standard circuit techniques are used. The majority logic approach is better if
integrated circuit techniques are used.
Final resolution will be made with actual hardware tests and, of course, presupposes
that proper fault criteria are established.
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1. 0 GENERIC SUBSYSTEM SELECTION
1.1 INTRODUCTION
A_significant effort, in the initialphase of the study, has been dev°tedto the selection
of the propulsion subsystem best suited to the total requirements of the Voyager
Mission. In arriving at the key factors to make an engineering seiection, _he sequence
of events depicted in Figure 1-1 wasutilized. Prior r_) award of the study contract,
,_.......... +_+_,,i:_+_b_!lant: Liquid Subsystems appeared to be the prime candidate to meet the retro-
propulsion requirements. !Monopropellant hydrazine was considered worthy of in-
vestigation for the mid-course and orbit adjust rdqulrements.
In order to provide in depth studies of these approaches it was decided that several
propulsion subcontractors would be included as part of the General Electric team. It
was further elected to include 0nly a select group of comPanies rather than employ an
across the board approach. Since significant direction and integration by General
I Electric was deemed important it was necessary to limit participation during the Phase
I IA study.I
Visits were made to propulsion vendors by General Electric propulsion personnel in
Jammry 1965, during the Phase IA proposal, to evaluate their capabilities and hard-
ware experience relative to Voyager requirements. The companies visited were:
TRW/Space Technology Laboratories, Rocketdyne, Marquardt, United Technology
Corporation, Aerojet, and Rooket Research Corporation. Thiokol-RMD and Bell
MI_mON [PROFILE
I ENESGY U a]_mSmmmNTSEQUXREMEmTSl_ TOSUBCO.-
] I TSACTORS
'I' I_ [ JPL, GEI I--I "-'+I: '+-°VEHICLE IU]JYSTEM AVCO, ETC.
CONSTRAINTS SYNTHESIS ffrUDIES
I
ID+ H IREVIEW PRELIMINARY PRELIMINARYI_ARD * REQUIREMENTS 81PECIIMC_'rlOI_
|
I °++ H IELECTRIC SUBSYSTEM 8UBCONTRAC-STUDIES DEFINITION TOR STUDIES
|
_[JB_'STEM8E I._ _HON
• DR. JERRY GREY (PRINCETON)
LAWRENCE THACKWELL (IOLID PROPULSION CONBULTANT}
DR. EDWIN R. GANTZ - GE - l) CONSULTANT
FRED E. 8CHULTZ - GE - Rf_ CONSULTANT
NEIL E. MUNCH - GE - Am) PROPULSK)N ENGINEER
Figure 1-1. Propulsion Subsystem Selection Matrix
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Aerosystems visited the General Electric Company as part of this survey. A formal
bid was solicited from these companies to participate in the Phase IA study. At that
time, prime consideration was given to liquid rocket capability. As a result of this
submission, Aerojet, Rocketdyne, and STL were chosen. In addition, Rocket Research
was also invited to participate on the basis of their recent work with monopropellant
hydrazine employing a spontaneous catalyst.
When the Voyager requirements became better defined, it was evident that solid pro-
pellant subsystems were worthy of detailed study. Therefore, Thiokol-Elkton and
Aerojet's Solid Pocket Opera, on were brought on '_ard based upon the applicability
of Surveyor and Minuteman technology, respectively. Limited participation by Lock-
heed Propulsion Company was also utilized in order that their movable nozzle concept
could be evaluated. A chart of propulsion subcontractors appears in Figure 1-2.
Initial guidelines were given to the selected companies during visits to their facilities
in March 1965 in order that work could commence immediately upon notification of
Phase IA award. Early in May reviews were held at the Valley Forge Space Technology
Center and a presentation of objectives was given to the propulsion team members. Ad-
ditional coordination meetings were held at the subcontractors' plants in early June and
at General Electric at the end of June.
MIDCOURSE CORRECTION (MONOPROPELLANT HYDRAZINE)
L_AEROJET - GENERAL (APPENDIX III)
ROCKETDYNE (APPENDIX I )
ROCKET RESEARCH CORPORATION {._PPENDIX VI)
SPACE TECHNOIX)GY LABORATORIES {APPENDIX V)
BI-LIQUID RETROPROPULSION AND COMBINED MID-COURSE AND RETROPROPULSION
[._AEROJET-GENERAL {APPENDIX III)
ROCKE TDYNE {APPENDIX I}
SOLID RETROPROPU LSION
LAEROJET-GENERAL (APPENDIX IV)
THIOKO L- ELK TON DIVISION (/%PPENDIX II_
LOCKHEED PROPULSION COMPANY - (LIMITED PARTICIPATION)
(APPENDIX VII)
Figure 1-2. Participating Propulsion Subcontractors
3of65
CII - VB238AA101
The General Electric Company has prepared this reportp in part, with data supplied
by the propulsion subcontractors. Their contributions contain much valuable informa-
tion. The studies are presented as separate appendices to Volume B in order that
JPL may avail itself of all the information provided to General Electric.
1.2 PROPULSION SUBSYSTEM REQUIREMENTS
1.2.1 MISSION PROFILE
The following operations are required to be performed by the propulsion subsystem:
a. Trajectory correction maneuver two to ten days after injection.
b. One or more subsequent corrections prior to capsule separation may be
required (Approximately 15 days prior to capsule separation).
c. A trajectory correction may be required between capsule separation and Mars
orbital insertion (140 to 180 days after launch).
d. An orbital insertion maneuver will transfer the Flight Spacecraft into a plan-
etary orbit (140 to 180 days after launch}.
e. One or two orbital trim maneuvers may be desirable to adjust the planetary
orbit. (Up to ninety days after orbital insertion. )
1.2.2 ENERGY REQUIREMENTS
1.2.2.1 MIDCOURSE
A correction capability of 75 meters per second has been used for maneuvers prior
to orbit insertion. For orbit trim maneuvers a velocity increment capability of 100
meters per second was established.
1.2.2.2 ORBIT INSERTION
Preliminary estimates of the velocity requirements for orbit insertion indicated that
approximately 1860 meters per second will meet the requirements for a 1973 flight
and 1750 Meters per second for the 1971 launch opportunity. The higher value was
assumed for design purposes considering the fact that propellant off-loading may be
used for the earlier mission.
1.2.3 ACCURACY REQUIREMENTS
The required mid-course maneuver accuracy is a minimum velocity increment of one
meter per second with a maximum allowable error of O. 1 meter per second. It is
desirable to execute a maneuver as small as O. 1 meter per second with a 3 sigma
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error of 0.01 meter per second. Allocation of a portion of the uncertainty to the
guidance and control subsystem leaves the requirements for the propulsion subsystem
as shown in Table 1-1.
TABLE 1-1. ACCURACY REQUIREMENTS
Required
Desirable
Minimum A V
(m/sec)
0.1
3 Sigma Error
(m/sec}
_0.07
:L-O.007
1.2.4 VEHICLE CONSTRAINTS
The basic configuration restraints on the propulsion subsystem are as follows:
a. The volume available is limited to a cylindrical shape of 80 inches in diameter
by 59 inches high.
b. The maximum weight allocated is 3500 pounds which includes the necessary
support structure.
c. In the cruise attitude, the rocket engine is pointed towards the sun.
d. The thermal enviroment is +40°F to +80°F.
e. The subsystem must be designed to withstand the loads and vibrations imposed
by the launch vehicle (Section VB235FD103)
f. The loads imposed by the propulsion sub-system to the spacecraft should not
exceed four g. Lower values are desirable. Further, vibration should be
lower than that imposed by the launch vehicle.
g. The entire propulsion subsystem should be considered as a modular unit or
units and have simple electrical and mechanical interfaces.
h. The effect of exhaust gases on the spacecraft must be minimized.
i. The system shall be designed such that the center of gravity uncertainty shall
be minimized.
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I. 3 PRELIMINARY SUBSYSTEMANALYSIS
i°3.1 PROPELLANT SELECTION
i. 3. i. 1 RETROPROPULSION
The velocity requirements for orbit insertion are such that nearly 90 percent of the
propulsion subsystemweight is attributable to this maneuver. The performance poten-
tial of several propellant combinations is indicated in Figure 1-3. This figure is based
upona non-propulsion weight of 2720poundsprior to retro firing and an allowable
weight of 3000 poundsfor the retropropulsion sub-system. Data from Figure 1-3 has
beencompiled in Table 1-2. This data includes the effect of propellant boil-off losses
for the cryogenic propellants. Boil-off losses were evaluated from test data obtained
in a program conductedin 1964under Air Force Contract 04(611)-9078by the Space-
craft Department on propellant storability.
From Table 1-2 it may be seen that the state-of-the-art combination of N204 and 50%
UDMH + 50%N2H4 _yieldsa velocity increment near that required. The solid propel-
lant units also give comparable performance. While the performance potential of
OF2/MMH is high, its state of developmentdoes not justify further consideration for
the Voyager mission, The F2/N2H4 system yields a significant increase in velocity
increment compared to the contemporary earth storables and the solid propellants.
2OOO
1600
200 250
Figure i-3.
300 350 400 450
SPECIFIC I_[PULSE (SEC)
Retropropulsion Performance
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Table 1-2. Propellant Combinations and Velocities
Velocity (M/Sec)
Propellant Combination No Boil-Off With Boil-Off
1790 1790
2330 0
2580 0
2420 2290
2420 2330
1800 1800
1860 1860
N204/50% UDMH-50% N2H 4
O2/H 2
F2/H 2
F 2/N2H4
OF2/MMH
SOLID PROP. + A1
SOLID PROP. + Be
However, both the increased complexity of handling fluorine and this general experi-
ence level with fluorine compared to N2 04/50-50 , do not indicate that it should be spec-
ified. Should payload and velocity increment dictate higher requirements, then F2/N2H 4
might be given serious consideration. In addition, unless a hundred meters per second
of velocity increment becomes critical, the use of a solid propellant containing alumi-
num would be preferable to one containing beryllium. This is based upon such consid-
eration as design experience, propellant toxicity, and costs.
1.3.1.2 MID-COURSE CORRECTION, ORBIT ADJUST
The velocity requirement for mid-course correction is specified as 75 meters per sec-
ond. For orbit adjust, the desired correction is given as 100 meters per second. Using
an initial vehicle weight of 7800 pounds for the mid-course correction, and 2800 pounds
for orbit adjust, a weight estimate was made for a hydrazine monopropellant subsystem
and a biprepeUant (N204/50-50) subsystem. The comparison is shown in Table 1-3.
There is a potential weight savings of 60 pounds with the bipropeUant mid-course cor-
rection subsystem. If the bipropeUants are taken from the main retropropulsion tank,
a correction of 50 meters per second has been suggested. In this case the potential
weight savings would be approximately 160 pounds. If no orbit adjust is required, the
weight differences are further reduced by approximately 30 pounds.
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Propellant
Table 1-3. Weight Comparison
Propellant For
Orbit Adjust
(Ib)
Propellant For
Course
Correction
(lb)
Mass
Fraction
Estimated
Total
Subsystem
Weight
(lb)
N2H 4
N2H4/50-50
250
210
120
95
0.75
0.70
495
435
The use of a monopropellant system is recommended for the following reasons:
a. Positive expulsion with hydrazine is readily possible with proven bladder
techniques
b. A considerable reduction in subsystem components, with expected higher
reliability, will result
c. Multiple starts favor a single feed system with a spontaneous catalyst.
On this basis, prime attention has been focused on the use of monopropellant hydra-
zine with a spontaneous catalyst for mid-course correction and orbit adjust maneuvers.
1.3.1.3 COMBINED SUSBSYSTEM FOR RETROPROPULSION AND MID-COURSE
MANEUVERS
The selection of N204/50% UDMH - 50% N2H4 is predicated upon the same rationale
as used for the retropropulsion subsystem.
1.3.2 THRUST LEVEL CONSIDERATIONS
1.3.2.1 RETROPROPULSION SUBSYSTEM
1.3.2.1.1 LIQUID RETRO
With a separate retropropulsion subsystem, assuming the use of an integratingac-
celerometer, the maximum thrust is limited by maximum vehicle acceleration and
the required accuracy for orbit insertion. The deviation from the desired AV is a
function of the uncertainty in the shutdown transient of the unit. From data supplied
by Rocketdyne, the totalimpulse produced from electrical signal to shutdown until
a value of 0.01 x thrust is reached may be estimated by:
_I T = 0.011 x Thrust = 0.011 F Ib-sec
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Neglecting the change in spacecraft weight for small impulse bits, the velocity incre-
ment during shutdown may be expressed as:
F g 0.011 F 0.108 F
AV = g_ _t : _ x 3.28-'--_ = W meters per second
For a vehicle weighing approximately 2800 pounds near the end of the retro maneuver,
0.108 F F
_V = 2800 25,900 meters/second
It is readily seen that the total shutdown increment, without even considering uncer-
tainties (conservatively below 20% of the total impulse), is well below one meter per
second for thrusts less than 15,000 pounds. Thus the resulting uncertainty is primarily
a function of the guidance and control accuracy.
The lower level of thrust is influenced by two factors. The first of these is gravity
losses. For thrusts in excess of 500 pounds it has been shown that these losses are
negligible. The second factor, run duration, thus becomes the limiting factor. Be-
cause of the buried installation, the chamber and the expansion cone will incorporate
an ablative design. For a velocity increment of 1860 meters per second, the duration
as a function of thrust level may be readily obtained, and the results are shown in
Figure 1-4. From available information a 1000 second run duration is considered
G
F-
i !ii !i iI i-_:!_ _ _! _':-i i_: !':_ _ _y = 1800 FEET PER SECOND
I
]
i '_ S$]7i7_[_:::177;_ i_7:7::dT.
1000 _ • ;.l:--::;_. ;=1_.-I-.. I.::: ;= ...... tl
....... .._ ....... : •: " -'-':-_-_. _:: 4:=. :_ :,-_-* ..... I
_._i._G=_iLiG:__ ]!it_-_ _i_ " ..... ......
"X
_i! ;771!7ii_ _-71i7i f_;_-.7+:r {. 7:7'7
THRUST ILBI
Figure 1-4. Thrust vs. Burning Duration for Retropropulsion Subsystem
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to be maximum for ablative chambers. Thus, the lower limit for thrust is set
at 750 pounds.
1.3.2.1.2 SOLID RETRO
The thrust level for the solid retro must not impose an acceleration in excess of 4g
upon the spacecraft. The burning rate of the propellants under consideration, and the
utilization of regressive burning characteristics indicate maximum thrust levels be-
tween 10,000 and 14,000 pounds to keep within the specified acceleration limits. With
the propellants deemed appropriate for the Voyager mission, the maximum accelera-
tion will not go below 2.5g.
1.3.2.2 MID-COURSE CORRECTION, ORBIT ADJUST SUBSYSTEM
The thrust level for the mid-course correction subsystem is primarily influenced by
the accuracy requirements. Utilizing accuracy data supplied by the Propulsion De-
partment of TRW/STL, Figure 1-5 was generated for open-loop corrections (timer).
This curve indicates that a velocity increment of 1 ±0.07 meters per second (or 1 ±7%)
can be readily met for both the mid-course and orbit adjust maneuvers. However, the
requirement of 0.1 *0.007 meters (for 0.1 *7%) cannot be met for the orbit adjust
maneuver. A total thrust below 115 pounds will permit the 0.1 +0.007 meters per
second to be met for mid-course maneuvers.
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If the maneuvers are made with an integrating accelerator, an improvement in 
accuracy will result. 
0 
1.3 2.3 COMBINED SUBSYSTEM FOR RETROPROPUISION AND MID-COURSE 
MANEUVERS 
The maximum thrust for the combined subsystem is limited as discussed in Section 
1.3.2.1.1 for  the retropropulsion subsystem. In order to determine the effect of 
thrust  level on accuracy of performing mid-course correction and orbit adjust man- 
euvers, data provided by the Liquid Rocket Operation of Aerojet-General was used. 
In Figure 1-6 a plot of minimum impulse bit as a function of thrust is shown for sev- 
eral engines built by Aerojet. Since the higher thrust systems were not specifically 
designed for  small impulse bits, proper configuration would permit both the minimum 
impulse bit, and percent variation to  decrease. Shown on this curve are the thrust 
levels to meet a L V  capability of one m e t e r  per second for mid-course correction 
and orbit adjust. These thrusts are 5600 and 2800 pounds respectively. It is also 
reasonable to expect that the variation on this correction can be kept within the value 
of *0.07 meters per second. 
10,000 
100 . -  
1 10 100 1000 10,000 
MIMML’M IMPLXSE B1T (lb-SEC) 
Figure 1-6. Thrust Level vs. Minimum Impulse Bit 
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1.4 SUBSYSTEM SYNTHESIS AND EVALUATION
In order to provide a means of rapid elimination of possible subsystems, and concen-
trate upon those which appear superior, the matrix of configurations, shown in Table
1-4 was evaluated.
The significant factors against which the 17 configurations were rated are given below
in order of descending importance:
a. Reliability
b. Installation (Configuration)
c. Accuracy
d. Mission Flexibility
e. Loads Imposed on Spacecraft
f. Weight
g. Cost
h. Growth Potential
Each of the configurations were examined in sufficient depth to evaluate their relative
worth. In this manner, the less promising subsystems were eliminated for reasons
as follows:
a. Subsystem 2 - The dual feed system results in increased complexity in both
feed system design and installation. Adequate propellant acquisition can be
obtained without this approach
b. Subsystems 3 and 4 - Reduced thrust operation is not warranted fgr guidance
accuracy since the guidance analysis shows that a satisfactory mission can be
conducted with a minimum velocity increment of 1 m/sec
c. Subsystem 5 - Thrust vector control could be obtained by injection of propel-
lant (probably N204) from the tank. However, this would involve some ad-
ditional system complexity, and there is a lack of operational experience
with liquid injection for bipropellant thrust chambers in the proposed size
range
d. Subsystem 10 - Not warranted for guidance accuracy
t
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eo Subsystems 12, 13, 14, and 15 - Bipropellant thrust chambers for mid-course
correction have been shown to yield a small weight savings and result in ad-
ditional complexity, compared to mort.propellant units
f. Subsystems 16 and 17 - The basic reliability degradation for multiple starts
with a four chamber bipropel!ant subsystem makes these configurations un-
attractive. In addition there is a considerable increase in numbers of com-
ponents and system complexity.
With the elimination of these subsystems, the remaining configurations were subjected
to detailed study. Subsystems 6 through 9 are predicated upon the use of a solid re-
tropropulsion motor in conjunction with four monopropellant hydrazine chambers for
mid-course maneuvers and possible orbit adjust maneuvers. These subsystems,
which differ only in the manner of obtaining thrust vector control during retropro-
pulsion subsystem operation are as follows:
a. Subsystem 6 - This employs secondary fluid injection for control and has
been thoroughly flight proven in such programs as Minuteman and Polaris.
Tt _.q _._t nearly _ _*_ _,,h_ystem, requiring .... 11_ prcs_
surization tanks, and associated hardware
b. Subsystem 7 - This concept, proposed by Lockheed, will result in increased
autopilot complexity compared to the other thrust vector control methods.
Further, only limited test data is available, and additional data would be
needed prior to determining its acceptability for the Voyager mission
CQ Subsystem 8 - The utilization of a solid propellant gas generator has been
suggested by Aerojet for thrust vector control. It is basically a simple sys-
tem and would employ proven components from the roll control system de-
veloped for the Minuteman Wing VI third stage. It would, in essence, repre-
sent a third propulsion subsystem, in addition to the mid-course and
retropropulsion subsystems
dt Subsystem 9 - Utilization of the mid-course subsystem for thrust vector con-
trol can be accomplished by the throttling of the individual thrust chambers.
Throttling of such units is considered to be state-of-the-art. A recent test
(July 1965) conducted by the Propulsion Department of TRW Systems demon-
strated operation of a monopropellant hydrazine chamber, with a Shell 405
catalyst, over a thrust range of 25 to 65 pounds. Some additional subsystem
complication arises from the use of a throttling valve.
Consideration of installation complexity, overall reliability, and weight led to the
selection of throttling the midcourse thrust chambers to achieve thrust vector control
during a solid retropropulsion motor operation.
15 of 65
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Using data compiled by General Electric and the propulsion subcontractors, a compar-
ison of the remaining subsystem configurations (1 and 11), and subsystem 9 was pre-
pared. A summary appears in Table 1-5. Based upon total system considerations,
the liquid bipropellant retropropulsion subsystem, in conjunction with a monopropel-
lant throttled mid-course correction subsystem was selected for the following reasons:
a. No propellant acquisition difficulties
b. Center of mass offset is not critical
c. Complete AV flexibility
d. Readily adaptable to 1975 and 1977 missions
e. Small acceleration loads imposed on the Flight Spacecraft
f. Minimum autopilot complexity.
In actuality, all three of the above configurations are capable of performing the Voy-
ager mission. There is little to choose between the three methods and all are worthy
of additional study prior to a final committment of propulsion.
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2.0 ALTERNATE SUBSYSTEM APPROACHES
2.1 SOLID PROPELLANT RETROPROPULSION SUBSYSTEM
2.1.1 SCOPE
A primary candidate as an alternate to the preferred propulsion subsystem for the
Voyager spacecraft consists of a monopropellant hydrazine subsystem for midcourse
maneuvers and a fixed position solid propellant subsystem for the orbit insertion man-
euver. The monopropellant subsystem is identical in size and thrust level to that of the
preferred system except that propellant usage during the retro maneuver will be smaller
because of the shorter duration. This permits the additional hydrazine to be used for
orbit adjust maneuvers up to a total of 100 meters/second. A ellipsoidal solid propel-
lant thrust chamber, using proven propellant and hardware components has been se-
lected. All thrust vectoring and roll control are provided by the monopropellant system.
2.1.2, FUNC TIONAL DESCRIPTION
The simplicity and reliability of a solid propellant engine which does not have to pro-
vide thrust vectoring capabilities makes this combination highly attractive as an al-
ternate to the preferred liquid retropropulsion subsystem. This subsystem can meet
all proposed mission requirements including orbit adjust maneuvers.
2. I. 2.1 MONOPROPELLANT PROPULSION SUBSYSTEM
The ability of the Monopropellant Subsystem to function with either the 2200-pound
thrust liquid or the 11,000-pound thrust solid retropropulsion engines arises from the
cg uncertainties calculated for the overall spacecraft. With a liquid retropropulsion
system, the cg uncertainty is about 0.11 inch at the start of retrofire and may in-
crease to about 0.49 inch at the end of retrofire. The major contributor to this var-
iation in cg uncertainty is unequal usage of the retropropulsion propellants. Maximum
distrubing torque is therefore assumed to be 0.5 x 2200 = 1100 in. lb. At the 38.5 inch
radius where the thrust chambers are located*, this requires a _ thrust of 1190/38.5
or 28.5 pounds. With a 63% duty cycle assumed (because of the small cg uncertainty
at the start of thrust), the constant thrust level of 2200 pounds and a burn time of 316
seconds, the torque impulse requires is 0.63 x 316 x 1100 -- 220, 000 in.-lb-sec. Total
impulse at 38.5 inches is 220, 000/38.5 = 5700 lb-sec. With a specific impulse of 230
seconds, this requires approximately 25 pounds of hydrazine to overcome the disturbing
torque •
Without the large liquid tankage to contribute to cg uncertainty, the value at the start of
retropropulsion including 0.020 inch for the solid, is 0.10 inch. This increases to
about 0.18 inches at the end of retrofire. During the same_period, thrust varies from
*Subsequent to the completion of this analysis, a means of moving the thrust chambers
out ot a 50-inch radius was found. Thus, a savings of approximately 50 pounds will
result for the mid-course correction subsystem.
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11,000 pounds down to 6000 pounds. Disturbing torques at the beginning and end of
retrofire are therefore 0.1 • x 11,000 = 1100 in.-lb and 0.18 x 6000 = 1080 in.-lb. The
maximum _ thrust required for correction is again 1100/38.5 = 28.5 pounds. With
a burn time of about 90 seconds and a 100% duty cycle, the torque impulse is 1100 x 90 =
99,000 in.-lb-sec. Converted to propellant usage, as before, this is equivalent to
about 11 pounds of hydrazine.
Total hydrazine propellant usage for the two systems during the retro maneuver is then:
LiquidRetro : 25+.435 (316+10) -_167 lb
SolidRetro : 11+.435 (90+ 10) =551b
(where nominal flow rate for four chambers is 0.435 lb/sec)
Thus the same monopropellant subsystem described for the preferred propulsion sub-
system is capable of providing thrust vector control for a solid propellant retropro-
pulsion system where maximum thrust is limited to about 11,000 pounds.
2.1.2.2 SOLID RETROPROPULSION SUBSYSTEM
The solid retropropulsion subsystem would have an elipsoidal chamber with a sub-
merged nozzle as proposed by all of the solid propellant study team members. A
typical design, as depicted by the Aerojet-General corporation, is shown in Figure
2-1. This chamber uses a glass-filament wound chamber, a single submerged nozzle
of composite construction, a plastic exit cone to reduce radiant heat transfer, an aft
mounted igniter and an aluminum polybutadiene propellant. All of the proposed
designs use existing state-of-the-art components and propellants. Advanced propellants
are not needed to meet the existing velocity increment requirements. Detailed de-
scriptions of these solid propellant systems may be found in the final solid propellant
study team reports, Appendices II, IV, and VII.
The General Electric Company is participating in an IR&D experimental program with
Aerojet-General to determine the long term storage aspects of the proposed solid pro-
pellants and component parts.
2.1.3 SUBSYSTEM OPERATION
Operation of the monopropellant subsystem is identical to that described for the preferred
system both for midcourse and retropropulsion maneuvers. The solid propellant en-
gine is armed after separation of the overall spacecraft from the booster.
At the proper time a single signal to the igniter squib will then initiate retropropulsion
firing. No thrust termination provisions are incorporated in the designs although this
could be provided in growth versions. Control of total impulse may be varied by either
of two methods. One is to design the case and grain for the largest velocity increment
19 of 65
CII- VB238AAI01
5000
01A
5G _k?.
0JA
TITANIUN _
BOLTS '_
/ \\
THROAT IN_qT
ZIRCONIUM OXlO(
COATING
GIqAPHITI[ I_NOLIC
SILICA TAll[
LINI_R,
SILICA PHE_DLIC TAP(
ROVING
EPOXY IIdPI_GNAll_
GAIKt"T, ALUMINUM
BOTH EN_
• RESTRICTION
R_R
FILAMENT
EPOXY RESIN
PROPELLANT
ANO _)li4
35 53
Figure 2-1. Typical Solid Propellant Retropropulsion Subsystem
(Aero Jet General Corporation)
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and to reduce or off-load the propellant for missions with reduced requirements. A
second, and even simpler method, suggested by Aerojet, is to provide a joint in the
divergent nozzle so that various nozzle extensions may be used. By varying the ex-
pansion ratio the performance and thus the total impulse of the system may be varied
within limits. Changes in exhaust plume effects must be analyzed carefully, however,
if this latter method of performance control is employed.
2.1.4 PERFORMANCE PARAMETERS
l_ne performance parameters for tlie altemmte propulsion subsystem are listed in
Table 2-1.
Table 2-I. Alternate No. 1 Propulsion Subsystem Performance Parameters
Monopropellant Subsystem (four thrust chambers)
Delivered Specific Impulse (sec)
Thrust (minimum per chamber ) (Ib)
Thrust (maximum per chamber) (Ib)
Chamber Pressure Range, psia
Total Deliverable Impulse, 0b-sec).
Solid Retropropulsion Subsystem
Delivered Specific Impulse (sec). (Estimated)
Thrust- (Start of Retrofire) (Ib)
Thrust (End of Retrofire ) (lb)
Total Impulse Delivered 0b-sec)
Burn Time, (sec)
230
25
55
75-165
99, 000
285
11,000
6, 000
658,300
90
2.1.5 PHYSICAL CHARACTERISTICS
The major characteristics of the complete propulsion subsystem are presented in
Table 2-2. It will be noted that the monopropellant subsystem is identical in size and
weight to that described in Volume A (VB238FD101). However the subsystem has
capability for an orbit adjust maneuver of 100 meters/second.
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Table 2-2. Alternate No. 1 Propulsion Subsystem Characteristics
Monopropellant Subsystem
General
Propellant N2 H 4
Pressurant Helium
Gross Weight (lb) 677
Burnout Weight (lb) 246
Dry Weight (lb) 227
Thrust Chamber (4)
Type
C atly st
Expansion Area Ratio
Throat Area (in 2}
Throat Diamater (in. }
Exit Diameter (in.)
Radiatively cooled
Shell 405
50
0.19
0.491
3.480
Propellant System
Total loaded propellant weight (lb)
Usable propellant weight (Ib)
Propellant tank pressure (psia)
444
431
285
Pressurant System
Pressurant weight (lb)
Initial storage pressure psia
6
3500
Reliability
Probability of Mission Success
Solid Propellant Propulsion Subsystem
0.966962
Propellants
Gross Weight (lb)
Propellant Weight {lb)
Burnout (lb)
Effective Mass Fraction
Expansion Area Ratio
Nozzle Exit Diameter (in.)
Over-all length (in.)
Maximum Diameter, (in.)
Probability of Mission Success
Aluminum-Polybutadiene
2578
2310
209
0.919
70
28
52
51
0.9975
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2.2 SINGLE BIPROPELLANT THRUST CHAMBER
2.2.1 SCOPE
The second candidate as an alternate for the Voyager propulsion subsystem is a single
bipropellant thrust chamber to perform both mid-course maneuvers and orbit insertion.
The basic system layout is similar to that for the preferred system with the elimination
of all components associated with the monopropellant subsystem and the addition of a
gimbal mount to the bi-propellant liquid engine. The total amount of propellant and
pressurant, and associated tankage vo!ume_ _r_ _,_nti,-_l fn that required for the
retropropulsion subsystem in the preferred design.
2.2.2 FUNCTIONAL DESCRIPTION
Three basic changes from the retropropulsion subsystem described in Volume A
(VB238FD101) are involved. The first of these is a rearrangement of the pressurization
and feed system valving to permit multiple starts. The suggested approach is patterned
after the valving configuration for the preferred mid-course correction subsystem, and
u _lJ_Ulilt--y ....[Jl'UVlUl21_ IUl" one or more urul_ adjust iiiaiietivei-s. Two oi-bit i_UJUl_tIZl_lltl_--_.........
could be made, if the redundant set of squib valves are not required to operate during
normal mission maneuvers. The subsystem schematic is shown in Figure 2-2.
The second of these changes is that of propellant acquisition. From data provided by
Rocketdyne and Aerojet, adequate propellant acquisition can be provided by the use 9f
surface tension screens. Data is available, from both ground centrifuge tests and
Agena flights that indicate the feasibility of this method. The use of nitrogen settling
jets is suggested to further ensure the proper propellant orientation.
The third change over the recommended retropropulsion subsystem is that of thrust
vector control. As a first choice, conventional gimballing is suggested. However,
Rocketdyne has recommended a unique translation assembly which allows lateral
movement of the engine. The thrust vector thus remains parallel to the centerline of
the vehicle at all times and location of the vehicle center of mass along the roll axis
is of no concern. Further dynamic studies will need to be performed to fully evaluate
the potential of engine translation for thrust vector control.
The thrust level is selected as 2200 pounds, since velocity increments below one meter
per second can be readily obtained, and the resulting firing duration is well within the
present state-of-the-art for ablative chambers.
2.2.3 SUBSYSTEM OPERATION
Operation of the subsystem is similar to that for the preferred retropropulsion sub-
system, except that provisions have been incorporated for multiple starts.
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Figure 2-2. Single Nozzle Combined Subsystem
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2.2.4 PERFORMANCE PARAMETERS
The performance parameters for this alternate propulsion subsystem are listed in
Table 2-3.
Table 2-3. Alternate No. 2 Propulsion Subsystem Performance Parameters
Delivered Specific Impulse, (see) 307
Thrust .fib) 2200
Chamber pressure (psia) 100
Total Impulse Delivered (lb-sec) 694, 000
Total Burn Time (sec) 316
2.2.5 PHYSICAL CHARAC TERISTICS
The major characteristics of the propulsion subsystem are presented in Table 2-4.
It will be noted that the subsystem is identical in size and weight to that described in
Volume A (VB238FD101), except for some additional valve weight to provide multiple
restart capability and a gimbal mount.
Table 2-4. Alternate No. 2 - Physical Characteristics
General
Propellants - Oxidizer
Fuel
Pressurant
Gross Weight (lb)
Burnout Weight fib)
Dry Weight
Thrust Chamber
Type
Expansion Area Ratio
Throat Area (in 2)
Exit Diameter (in.)
Throat Diameter (in.)
Propellant System
Total Loaded Propellant Weight (lb)
N204
N2H4/UDMH (50-50)
Helium
2818
55O
474
All ablative
60:1
12.0
30.3
3.91
2328
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Alternate No. 2 - Physical Characteristics (Continued)
Usable Propellant Weight (lb)
Propellant Tank Pressure
Pressurant System
Pressurant Weight (lb)
Initial Storage Pressure (psia)
Reliability
Probability of Mission Success
2260
220
8
3500
0.98197
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3.0 ALTERNATES WITHIN RECOMMENDED DESIGN
3.1 THRUST VECTOR CONTROL
3.1.1 THROTTLING OF HOT GAS FOR THRUST VECTOR CONTROL
3.1.1.1 SCOPE
An alternate method of performing the functions of midcourse corrections, retro TVC,
and orbit adjust is by throttling the hot gas output of a hydrazine decomposer. The hot
gas is generated by a single hydrazine decomposer, and valves control the hot gas flow
to the reaction nozzles.
3.1.1.2 FUNCTIONAL DESCRIPTION
This alternate was given consideration based on its simplicity, state-of-the-art concepts,
and adaptability to Voyager. While it was investigated only conceptually during the
Phase 1A Study, additional detailed analysis will be made as part of subsequent Voyager
Figure 3-1 depicts the system schematically. Pressurant is stored in the two pres-
surant tanks at high pressure and isolated from the remainder of the system by the
parallel sets of normally open (N. O. ) normally closed (N. C. ) explosive squib actuated
valves. The valve action is initiated by vehicle command. Activating an N.C. valve
in a predetermined set causes pressurant to flow through the filter and three-way valve
to the gas regulator where it is reduced to working pressure. Through suitable mani-
folding, it is distributed to each of the propellant tanks. A relief valve, isolated by a
burst diaphragm, provides a safety feature against overpressurization due to a regulator
malfunction in the open position. In this event, an electrical output from the pressure
switch between the burst disphragm and relief valve causes an explosive squib in the
three-way valve to actuate. This seals the prime regulator out of the system and con-
nects the standby regulator. If the standby should fail, then the relief valve would open
and vent pressurant overboard.
Since the pressure switch only senses overpressure, it will not act in the event the
prime regulator fails in the closed or underpressure condition. However, this failure,
if unacted upon, is not catastrophic, hence immediate action is not required. It can be
sensed by monitoring the propellant tank pressure telemetry, and if desired, the three-
way valve can be operated by a ground-generated command. This option is also avail-
able for overpressurization in the apparent event of pressure switch failure. But unless
the vehicle is near earth, communication delay would, in most cases, exclude effective
remedial action.
A prepressurant valve downstream of the regulators, a high-pressure pressurant fill
and vent valve, and instrumentation consisting of pressurant tank temperature and
pressure complete the components of the pressurant side of the system.
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Figure 3-1. Monopropellant Subsystem Schematic for Hot Gas Throttling
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The propellant portion of the subsystem starts at the propellant tanks which are spher-
ical. Each contains a butyl rubber bladder for positive propellant expulsion. As with
the pressurant, parallel sets of N. O./N. C. explosive squib activated valves isolate the
propellant storage components. Since instantaneous response of the decomposer is not
a major factor, these valves can be activated simultaneously with the pressurant valves.
A filter be_veen the isolation valves and decomposer prevents foreign particles from
traveling downstream.
A cavitating venturi provides constant flow control. A pair of series electric solenoid
valves plumbed in parallel with another pair of series electric solenoid valves form
quadredundant valving to start and stop flow to the decomposer. This arrangement
provides a highly reliable method of performing repeated operations during a period
of non-isolation. (Isolation is provided by the explosive squib valves.)
The decomposer for this application uses the Shell 405 spontaneous catalyst to decom-
pose the hydrazine fuel. The process and use of this method is state-of-the-art and
well documented by several organizations within the Aerospace industry e.g., TRW/
STL, Inc., JPL, and Rocket Research Corp.
The decomposer size is based on conditions that: a) it is a constant flow device and,
b) it shall produce enough gas to generate the maximum required torque about the pitch
and yaw axes simultaneously (two nozzles total). A preliminary design analysis is
given in Paragraph 3.1.1.3.
The products of decomposition from the decomposer are discharged into a manifold for
distribution to the hot gas flow control valves and nozzles. In this design four nozzles,
located in one plane, 90 degrees apart, all firing aft and with the thrust axes parallel
to the vehicle roll axis, will provide the reactive forces for mid-course thrusting and
retropropulsion TVC. Torques are produced by controlling the gas flow to each nozzle.
At the outlet of the decomposer, the gas flow is divided into two sections--one section
each for the pitch and yaw nozzles. Within each section, the flow is further subdivided
to supply individual nozzles. At the point of subdivision, a simple flapper (or butterfly)
control valve is installed. The function of this valve is to divert a portion of the gas
to the nozzle which needs to produce the most thrust. The thrust of the opposite nozzle
in the pair is proportionally reduced.
Roll corrections could be handled in a similar manner. However, this is not considered
the best method since the roll nozzles are firing, in opposite directions, even if no dis-
turbances are present. While the predicted flow rate is only 2.5% of the combined
pitch and yaw flow, it has no net contribution to the spacecraft velocity vector. However,
if two flapper valves are provided in the roll system, one valve is signalled to open
proportional to the direction and magnitude of the correction required. This will re-
duce the propellant consumption.
In all cases including roll, the hot gas valves do not have to form a positive, leak-tight
seal. Their function is merely to divert the flow to the appropriate nozzle. Small leak-
age into a "zero correction requirement" nozzle will produce a small thrust and this
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has been taken into account. Larger leakage means that the valve will feed the desired
nozzle for a longer period. Since total flow out of the decomposer is constant, due to
the cavitating venturi, system thrust is constant and no energy is lost. With roll, this
is not true, but the flow is low and small leakages can be tolerated at negligible expense
to the overall system.
The concept of hot gas control is not new. In fact, a solid gas generator version is used
for roll control of Minuteman Wing VI. The concept presented here is based on stand-
ard, state-of-the-art technology and the only forseeable area of possible concern is in
the hot gas flapper valves. In this area, however, the extensive technology gathered
from the use of jet vanes on Ranger and Mariner would have direct application.
3.1.1.3 PRELIMINARY DESIGN ANALYSIS
Figure 3-2 shows that the thrust level of the nozzles is dependent on physical location
and CG displacement. Nominal spacecraft CG uncertainty has been calculated as 0.5
inch. It was then assumed that the nozzles will be located at the 50-inch radius. Thus,
the change in thrust between nozzles is indicated as 22.5 pounds. To allow for leakage,
a conservative thrust differential of 25 pounds is chosen. With the subsystem as de-
signed, the differential can be accomplished with 23.75 pounds thrust on one side and
1.25 pounds on the other (leakage allowance} as a maximum correction maneuver. For
zero correction, both nozzles in a pair would be at a nominal thrust of 12.5 pounds.
With both pairs {pitch and yaw) operating, total thrust of the subsystem is then 50 pounds.
Approximate burn times for the various operations are listed below.
Maneuver
Midcourse
Retro (TVC}
Orbit adjust
5% allowance for roll
corrections
AV
(fn/sec)
75
100
Total burn time
Total equiv, time
Time
(sec}
1210
330
575
2115
108
2221 sec
From all indications, this appears to be well within the state-of-the-art for decomposers.
For example, TRW Inc. claims to have demonstrated burn time in excess of 2000 sec-
onds and Rocket Research Corp. has claimed run durations in excess of 38 hours for a
single decomposer.
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Figure 3-2. A Plot Differential Thrust Versus Center of Gravity Uncertainty
for Various Locations of Monopropellant Subsystem Nozzles
Since the total thrust capability of the system is 50 pounds, the requirement for the de-
composer is the same. This thrust range of operation is well documented state-of-the-
art by JPL in their Ranger and Mariner Spacecraft, TRW Inc. in their in-house studies,
and Rocket Research Corp. in their extensive development and R&D programs. This
proven technology would be drawn on heavily to design and develop the decomposer,
with major emphasis placed on demonstrating long life capability.
Using a conservative estimate of specific impulse at 225 seconds, propellant weight is
calculated as 495 pounds. Using 3% as an allowance for outage, total loaded propellant
weight is 510 pounds.
Propellant and pressurant tank design data are presented in Tables 3-1 and 3-2 re-
spectively.
Table 3-3 shows a breakdown of the monopropellant subsystem component weights.
Table 3-4 presents the propulsion subsystem performance parameters and Table 3-5
shows the propulsion subsystem characteristics.
If the propellant allowance for the 100 meters per second A V for orbit adjust is ex-
cluded (it is assumed that any residual propellants from mid-course corrections will
be used), a comparison of the two approaches is possible. The results are presented
in Table 3-6.
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Table 3-1. Probellant Tank Design
ASSUMPTIONS AND CONSTRAINTS
1. 3% volume allowance for ullage
2. 1% volume allowance for bladder and standpipe
3. N2H 4 at 80°F
4. 2.2:1 safety factor on working to burst pressure
5. Working pressure is 200 psi
6. Material is 6A14V Titanium alloy (annealed, ultimate
stress = 139K psi)
7. d/t-< 1000
8. Four tanks will be used
9. 30% allowance over membrane weight bosses, fittings,
welds, etc.
CHARACTERISTICS
1. Volume per tank = 2.12 cuft
2. Inside diameter = 19.1 in.
3. Membrane thickness = 0. 020 in. (base on d/t)
4. Weight per tank = 4.8 lb
5. Proof pressure = 350 psi
6. Burst pressure = 440 psi
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Table 3-2. Pressurant Tank Design
ASSUMPTION AND CONSTRAINTS
1. Helium is the pressurant
2. Initialtank pressure = 3500 psia
3. 50% a11owance for reserve and leakage
4. 2.2:1 safety factor on working to burst pressure
5. Material is 6A14V titanium alloy (annealed, ultimate
stress = 139K psi)
6. Two tanks will be used
7. 30% allowance over membrane weight for bosses, fit-
ti_s, welds, etc.
CHARACTERISTICS
1. Volume per tank = 0.73 cu ft
2. Inside diamter = 13.4 in.
3. Membrane thickness = 0. 196 in.
4. Weight per tank = 21.1 lb
5. Proof pressure = 5250 psi
6. Burst pressure = 7700 psi
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Table 3-3. Monopropellant SubsystemWeights
Item
Decomposer
Bladders
Propellant tanks
Quad. solenoidvalves
Gasthrottle valves
Filters
Burst/relief valves
Squibvalve (propellant}
Fill valve
Regulators
Three-way valve
Pressure switch
Squib valve (pressure)
Pressurant tanks
Pressure transducers
Hot gas plumbing
Insulation
Liquid and pressurant plumbing
Support structure
Quantity/SS
1
4
4
1
4
3
2
8
3
2
1
1
8
2
4
Unit Wt
(lb)
6.8
1.5
5.6
5.0
1.5
0.4
0.9
0.4
0.6
2.3
0.5
0.4
0.4
21.1
0.7
TO TA L
Total Wt
(lb)
6.8
6.0
22.4
5.0
6.0
1.2
1.8
3.2
1.8
4.6
0.5
0.4
3.2
42.2
2.8
4.4
0.8
3.0
19.0
135.1
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Table 3-4. Propulsion Subsystem Performance Parameters
MONOPROPE LLANT SUBSYSTEM
Delivered specific impulse (sec)
Thr_st (minimum per nozzle) (Ib)
Thrust (maximum per nozzle) (Ib)
Chamber pressure (atdecomposer) (psia)
Total deliverable impulse (Ib-sec)
RETRO PROPULSION SUBSYSTEM
Delivered specific impulse (sec)
Thrust (lb)
Chamber pressure (psia)
Total delivered impulse (lb-sec)
Burn time (sec)
225
0
25
100
111,050
307
2,200
100
713,000
324
Table 3-5. Propulsion Subsystem Characteristics
MONOPROPE LLANT SUBSYSTEM
General
Propellant
Pressurant
Gross weight (lb)
Burn out weight (lb)
Dry weight (lb)
Decomposer
Type
Catalyst
Nozzles (4 pitch and yaw, 2 roll)
Expansion area ratio
Throat area (sq in. )
Exit diameter (in.)
Throat diameter (in.)
N2H 4
Helium
648
153
135
Radiative cooled
Shell 405
5O
0. 0668
2.06
0.291
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Table 3-5. Propulsion Subsystem Characteristics (Continued)
Propellant System
Total loaded propellant weight (lb)
Usable propellant weight (lb)
Propellant tank pressure (psia)
Pressurant System
Pressurant weight (lb)
Initial storage pressure (psia)
Reliability
Probability of mission success
RETROPROPULSION SUBSYSTEM
General
Propellant
fuel
oxidizer
Pressurant
Gross weight (lb)
Burn out weight (lb)
Dry weight (lb)
Thrust Chamber
Type
Expansion area ration
Throat area (sq. in.)
Exit diameter (in.)
Throat diameter (in.)
Propellant Section
Total loaded propellant weight (lb)
Usable propellant weight (lb)
Propellant tank pressure (psia)
510
495
200
3.2
3500
0. 967679
N2H4/UDMH (50 -50)
N204
Helium
2853
513
463
All ablative
60:1
12.0
30.3
3.91
2390
2320
220
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Table 3-5. Propulsion Subsystem Characteristics (Continued)
Pressurant Section
Pressurant weight (lb)
Initialstorage pressure (psia)
 elisbiUty
Probability of mission success
TOTAL PROPULSION SUBSYSTEM
General
Launch weight (lb)
Total loaded propellant weight (lb)
Total usable propellant weight (It))
Total dry weight (Ib)
Rel bfltty
Probability of mission success
8
3500
O. 989216
3501
29O0
2815
598
O.957244
Table 3-6. Comparison of the Alternate Propulsion Subsystem with
and Without Specific Orbit Adjust Capability
MonopropeLlant Subsystem
Gross weight (lb)
Burn out weight (lb)
Dry weight (Ib)
Propellant mass fraction
Burn time (sec)
Retro Subsystem weight (Ib) (neglecttngAV from MPS)
Total Propulsion Subsystem
Launch weight (lb)
With Orbit
Adjust
648
153
135
0.76
2221
2853
3501
Without Orbit
Adjust
452
99
85
0.76
1590
2673
3125
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Table 3-7 presents a comparison of this alternate monopropellant design with the pre-
ferred subsystem. (Orbit adjust capability has been omitted.) As may be seen, a po-
tential weight savings of 343 pounds over the preferred system will result by utilization
of this throttled hot gas technique. Further detailed study and testing may make this
the prime candidate.
Table 3-7. Comparison of Alternate with Preferred Subsystem
Alternate Preferred
Monopropellant Subsystem
Gross weight (lb)
Burn out weight {lb)
Dry weight (lb)
Propellant mass fraction
Burn time (sec)
Retro Subsystem weight (lb)
(alternate neglects _ V from MPS)
Total Propulsion Subsystem
Launch weight (lb)
452
99
85
0.76
1590
2673
3125
677
246
227
0.64
933
2791
3468
3.1.2 JET VANE THRUST VECTOR CONTROL
3.1.2.1 SCOPE
An alternate that was investigated uses four equal thrust hydrazine decomposers each
equipped with two pairs of jet vanes to provide pitch and yaw control. For midcourse
and orbit adjust maneuvers, two decomposers, 180 degrees apart, are used, with the
other pair in redundant standby. For the retro firing, all four are used.
3.1.2.2 FUNCTIONAL DESCRIPTION
The system as shown in Figure 3-3 is identical to that proposed as the preferred sys-
tem, described in Section VB238FD101 with two exceptions. First, a complete set of
four jet vanes is used on each decomposer. Second, the throttle valves are eliminated.
Subsystem operation differs from the preferred system in that when one pair of decom-
posers is operating, the other pair is in redundant standby. Should a malfunction occur
in either of the operating decomposers, it would be reflected as a change in chamber
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SYMBOLS
TEMP. SENSOR
PRESSURE SENSOR
MANUAL VALVE _
N.O. EX. VALVE
N.C. EX. VALVE
FILTER
3_WAY EX. VALVE
GAS REGULATOR
PRESSURE SWITCH
BURST DIAPHRAGM
RELIEF VALVE
POSITION SENSOR
POSiTrON INDIt_A'I_
SOLENOID VALVE
THROTTLE VALVE
JET VANE
Figure 3-3. Monopropellant Subsystem Schematic for
Jet Vane Thrust Vector Control
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pressure. Deviations, out of specified levels, would be acted upon by onboard logic
to simultaneously terminate operation of the malfunctioning pair and initiate operation
of the standby set. This is accomplished by signalling the appropriate sets of solenoid
valves. Malfunction of the jet vanes could also be sufficient cause to change pairs.
Using onboard logic, actual position, as measured by the position indication, would be
compared to the commanded setting. Out of limit incompatibility causes switching to
be accomplished.
During retro operation, all decomposers are operating, and it is anticipated that the
malfunction logic would be inhibited.
3.1.2.3 ANA LYSIS
In order to size the decomposer, it was assumed that the disturbing torque was 1100
inch-pounds caused by a 2200-pound thrust retro engine, acting 0.5 inch laterally
displaced from the vehicle center of mass. In order to compute the correction force,
it was assumed that the vehicle center of mass at completion of retrofire was at
station 31.7 and that the correcting force would be applied in the pitch/yaw plane at
station 0. This dictates that the total force required to null out the disturbing torque
is equal to 0.5 x 2200/31.7 or 35.0 pounds. With four decomposers, each with a pair
of jet vanes, the force per vane is 35.0 or 4.4 pounds, giving an equivalent thrust
side force
vector angle (sin _ = thrust ) of approximately 10 degrees.
The approximate burn times of the monopropellant subsystem for the phases of the
mission are as follows:
Maneuver (A V/sec) Time (sec)
75Midcourse corrections
Retro + 5 sec of Propellant Settling
Orbit adjust 100
298
303
101
Using a conservative specific impulse of 230 seconds for the midcourse and orbit
adjust maneuvers (minimum jet vane operation) and 225 seconds for the retro maneuver
(maximum jet vane operation) and 3% outage, yields a total loaded propellant weight of
914 pounds. Estimating a propellant mass fraction of 0.7 gives a total subsystem
weight of 1305 pounds.
The burn time for the retro system is 298 seconds. For 2200 pounds thrust at 307
seconds specific impulse and 3% outage results in a loaded propellant weight of 2210
pounds. Assuming a propellant mass fraction of 0.81 gives a subsystem weight of
2720 pounds. Therefore, the total propulsion sybsystem weight (monopropellant plus
retro) is 4025 pounds.
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A reliability analysis was conducted on the subsystem by the method described in the
Appendix to Section VB238FD101. The results indicate a probability of success of
0. 969096.
Excluding orbit adjust as a requirement and basing the calculations on the same
assumption as described above, the monopropellant system weighs 1140 pounds and
the retro propulsion weighs 2520 pounds for a total propulsion subsystem weight of
3660 pounds.
3.1.2.4 CONC LUSIONS
A comparison of propulsion subsystem weights and reliability for the two cases of
preferred and alternate designs is as follows:
System
Preferred
(With Orbit Adjust)
Preferred
(Without Orbit Adjust)
Alternate
(With Orbit Adjust)
Alternate
{Without Orbit Adjust)
Reliability
Estimate
O. 966962
O. 969096
Weight
ab)
3675
3468
4025
3660
From these data, the following general conclusion is evident: the reliability of the
propulsion subsystem is slightly increased at the expense of a marked increase in
weight. On this basis alone, it would not be recommended to pursue this method
further. Other considerations not included in the comparison were the effect on guid-
ance and control weight and reliability to: a) provide the logic to detect decomposer
malfunction and initiate switching, b) provide switching of propulsion command signals
when changing from two-decomposer (midcourse) to four-decomposer (retro) opera-
tions, c) provide command signals to sixteen jet vane drive motors, d) provide logic
to detect malfunction inajet vane and initiate proper corrective action. These con-
siderations tend to substantiate the recommendation to discontinue further activity
with this system.
3.1.3 PULSED DECOMPOSER - THRUST VECTOR CONTROL
3.1.3.1 SCOPE
An alternate method of accomplishing midcourse corrections and TVC during retro
burn is to pulse (on and off) four decomposers equally spaced about a circle at the base
of the Spacecraft.
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3.1.3.2 FUNCTIONAL DESCRIPTION
The proposed system is the same as the preferred system described in Section
VB238FD101 except the thrust level per nozzle is fixed and the throttle valves have
been eliminated. The difference in subsystem operation is that the necessary thrust
differential is achieved by terminating the flow (closing the solenoid valves) to a de-
composer instead of throttling.
Only a cursory investigation was made of this concept because integrating the approach
with the guidance and control subsystem resulted in mutual concern that frequency of
valve operation (and hence thrust application) would be approaching the natural fre-
quency of the vehicle. This, of course, could lead to the undesirable condition of
vehicle resonance.
However, the potential application is still considered reasonable since the throttle
valve and associated controls can be eliminated and the frequency effect can be com-
pensated for. Therefore, it will be investigated in greater depth during later Voyager
effort.
3.2 PRESSURIZATION STUDIES
3.2.1 HELIUM VERSUS NITROGEN
The choice between helium or nitrogen gas as the pressurant for propulsion systems
is made primarily on a weight basis. Depending upon the expansion process (which
may vary somewhere between an adiabatic and an isothermal process depending on
many factors) the required nitrogen will weigh 6 to 7 times that of the helium. If
allowances are made for the increased leakage rates of helium over nitrogen, the
greater percentage of helium that must be tanked in a given system may reduce this
factor to 5 to 6 times. Whenever this factor is less than seven, the storage volume
of helium will always be greater than that of nitrogen at comparable pressures and
temperatures if second order compressibility effects are neglected.
Total pressurant system weight comparisons for the limiting adiabatic and isothermal
cases have been made on the basis of a simplified estimate using the following equa-
tion to determine pressurant weight (W) requirements (neglecting compressibility
factors).
W _-
where:
PT
P
O
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PB = final storage pressure
T = initial storage temperature
O
R = gas constant for pressurant
= i544/molecular weight (M)
n = a constant describing the heat transfer process
" " 1. Cp/c V =o.-. I A_DIA-BATIC PROCESS n =
At equal storage temperatures and pressures, the ratio of nitrogen weight (WN) to
helium weight (WH) from equation (1) is:
WN MN (_N) 28 x 1.4 5.9
4xl.66
(2)
Allowing i0% excess for nitrogen and 25% excess for helium weight because of the
difference in leakage characteristics:
WN 1.10
_=_x 5.9 = 5.2
WH 1.25
(3)
From PV = WRT, the relative volume required for tanking nitrogen and helium may
be determined:
V N WNX MH
-_H = WHXM N
4
= 5.2 x_-= 0.747 (4)
V H = 1.345 V N
Tank weight (WT) may be estimated from:
W T = KTA6
where T = tank wall thickness
A = tank surface area
5 = density of tank material
K = allowance factor for tank bosses, fittings, mounting structure, etc.
(5)
(6)
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Based upon annealed 6A14V Titanium with an ultimate strength of 139,000 lb/in. 2, a
factor of safety of 2:2 and a density of 0.164 lb/in. 3, this equation reduces to:
W T = 0.273x10 -5 P D 3 (7)
or in terms of tanking volume
-5
W T = 0.52 x 10 PV (8)
The volume of helium required at 80°F for any given weight of helium is:
1544 x 540 x 1728 WH
VH = WH 4xPx144 = 25x105 _ (9)
Combining equations (8) and (9) the helium tank weight (WTH)
WTH = 0.52x10 -5 Px25x105 W H
P
= 13 wn (10)
Thus, the weight of the helium system (WHs) including gas is:
WHS = 13W H + W H = 14 W H
The weight of the nitrogen system (WNs) including gas is:
(11)
WNS = WNT + W N = 0.743WriT + 5.2W H
= 0.743x13W H + 5.2W H = 14.85 W H (12)
For the 14 pounds of helium required in the propulsion subsystem, this represents a
savings of only 12 pounds for a helium system over a nitrogen system.
3.2.1.2 ISOTHERMAL PROCESS (n = 1)
A similar analysis for the isothermal process results in the following nitrogen system
weight:
WNS = 17.55 W H (13)
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For the required 14 pounds of helium, this represents a savings of 50 pounds over a
nitrogen system.
The actual process will fall somewhere between these two extremes. At an average
point, this would represent a savings of 31 pounds. On this basis helium was selected
as the pressurant for both propulsion subsystems rather than nitrogen.
3.2.2 BLOWDOWN VERSUS GAS REGULATED PRESSURIZED SYSTEMS
3.2.2.1 SCOPE
The blowdown method is a simplified system for forcing propellants into the thrust
chamber.
3.2.2.2 FUNCTIONAL DESCRIPTION
In the blowdown system, any method of regulating the pressurant or propellant flow is
eliminated. Thus, as propellants are used, the pressurant expands and the pressure
decreases. Thrust level changes corresponding to the change in pressure. The ad-
vantage of this type system is readily apparent. The regulator, or similar control
equipment, is eliminated. From a reliability viewpoint, this is always desirable
since, in general, the fewer the number of components in a system, the greater is
its reliability. In addition, regulators, while they are almost always part of any
liquid propellant propulsion system, historically have required a major development
and qualification effort for most programs. In spite of this effort, they still exhibit
a relatively high probability of failure according to the standard published generic
failure rate data. In addition to the reliability aspect, the elimination of these control
elements reduces the number of plumbing connections, hence potential leakage paths
and complexity of plumbing are minimized. In summary, the advantage of a blowdown
system is its basic simplicity.
There are, however, significant disadvantages associated with this type of operation.
First, thrust is continually changing during all periods of operation. Thus, thrust
termination on a timed basis is more difficult to program. Second, near optimum
efficiency of the system requires a pressurant volume nearly equal to the propellant
volume. Under this condition, the tanks become very large which complicates pack-
aging. Third, because propellant tanks are subjected to full gas pressure, they
must be designed to the maximum value plus safety factor which, for large total im-
pulses, results in a significant increase in propellant tank weight.
An analysis of blowdown systems for Voyager has indicated that this type of system
cannot meet the present weight or space allocations. On this basis they have been
eliminated from further consideration during the Phase IA study.
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3.3 THRUST LEVEL SELECTION
3.3.1 RETROPROPULSION SUBSYSTEM
The thrust level for the retropropulsion engine must fall between the limits imposed
by maximum permissible acceleration of the spacecraft, during orbit insertion, and
the minimum thrust as fixed by the maximum permissible burn time. One-thousand
seconds is considered to be state-of-the-art in ablative thrust chamber design. A
burn time of 1000 seconds would fix the minimum thrust level at 750 pounds.
The selection of a thrust level is primarily based upon overall system weight and de-
velopment risk. For a given total impulse, assuming expansion ratio and chamber
pressure remain constant, the thrust chamber weight will increase almost directly
with thrust level. Since no gain in performance at higher thrust levels is available to
offset the added inert weight, lower thrust levels will decrease the retropropulsion
subsystem weight. As a first approximation, a thrust range of 750 to 3500 pounds
appears practical.
A goal in the selection of hardware components or subsystems should be maximum
utilization of qualified and proven hardware. There is no existing, qualified propulsion
system in the 750- to 3500-pound thrust range for long duration, deep space operation.
The one system in this range, which will be qualified within the next year, is the LEM
ascent engine. It is a 3500-pound thrust bipropellant system. Even though this is a
complete propulsion system, the only major component which would have application
to Voyager would be the Bell Aerosystems ablative thrust chamber described in
Table 3- 8.
Table 3-8. LEM Thrust Chamber Characteristics (Bell Aerosystems Company)
Thrust (Ib)
Propellants
Oxidizer
Fuel
Mixture ratio
Life duration (sec)
Construction
Chamber pressure (psia)
Area ratio
Length (in.)
Exit diameter (in.)
Weight (lb)
35OO
N204
50% N2H4/50% UDMH
1.6
585
Ablative chamber and nozzle
120
45.6
51.0
31.0
212
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Extensive ablative thrust chamber development work has been carried out by several
of the major propulsion suppliers at the 2200-pound thrust level on such programs as
Saint and Apollo subscale. No engines (or thrust chambers) have been qualified as
a result of these programs. However, the work accomplished on thrust chambers
has demonstrated durations far in excess of the required 316 seconds (at 2200 pounds).
Ablative chamber development work at other thrust levels, within the desired thrust
range, has been of such a lower magnitude that no other existing hardware appears to
warrant consideration.
A weight comparison of thrust chambers at 750-, 2200-, and 3500-pound thrust levels
is given below.
Thrust
(lb)
750
2220
3500 (LEM)
Chamber Weight
(lb)
I00
156
212
Total Additional Propulsion
System Weight
(lb)
- 98
0
+111
Although there is a potential weight savings of 98 pounds at the 750-pound thrust level,
there are two significant factors which make the 2200-pound chamber more attractive.
ao The 750-pound thrust level requires approximately a three-fold increase in
burning time. Although considered state-of-the-art, the problem of throat
erosion must be given close attention.
b. The development effort at the 2200-pound thrust level should be significantly
reduced because of earlier design and testing work. Performance and dura-
tion have been demonstrated.
While the LEM thrust chamber will be qualified within a year, it adds additional sub-
system weight and results in an acceleration level about 60% greater than the 2200-
pound level.
Thus, from an overall weight and development status viewpoint, the use of a 2200-
pound thrust chamber appears to be a logical choice.
3.3.2 MONOPROPE LLANT PROPULSION SUBSYSTEM
Midcourse corrections and thrust vector control during retrofire are to be performed
by throttling four monopropellant hydrazine thrust chambers equally spaced about the
periphery of the propulsion package. Selection of a thrust level for these thrust
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chambers is based upon a cg and thrust vector uncertainty at the end of retrofire
which totals 0.50 inch. The TVC system must, therefore, be capable of producing a
restoring torque of 2200 x 0.5 = 1100 inch-pounds. At a 38.5-inch radius for the
four thrust chambers, which is the maximum radius permissible without violating
the 80-inch diameter propulsion package, the minimum thrust differential for a thrust
chamber is 1100/38.5 or 28.5 pounds. If a throttling range of 2:1 were established,
this would set the thrust at 28.5 pounds minimum and 2 x 28.5 or 57 pounds maximum
for the individual chambers. Actually, it is well within the present state-of-the-art
to exceed this value of 2:1 by some margin thus, the nominal thrust range is taken
as 25 to 55 pounds to utilize existing hardware and technology.
Choice of the thrust level and the method of throttling can have a significant effect on
hydrazine requirements during the retro-maneuver. Two methods of throttling may
be considered. The first is to keep all chambers at the minimum thrust level of 25
pounds except when making corrections. All corrections will be done by raising the
thrust level of the appropriate chamber. Since the cg uncertainty is about 0.125 inch
at the beginning of retrofire and increases to 0.50 inch near the end of firing (316
seconds), a duty cycle of 63% results.
Dutycycle = /0"125x316+0"5(316x0"375) 0.5 x316 -- 0.626/
Thus, the total correcting or side force impulse equals 0.63 x 316 x 1100 = 220,000
in.-lb-sec. At the 38.5-inch location, the total impulse required for correction is
220,000/38.5 = 5700 lb-sec. Assuming a delivered specific impulse (Is) of 230, this
will require 5700/230 = 25 pounds of hydraxine. The four thrust chambers operating
at 4 x 25 or 100 pounds will use 100 x 326/230 or 142 pounds of hydrazine. Total
usage is thus 142 + 25 or 167 pounds.
If throttling were to be accomplished by operating all thrust chambers at the nominal
40 pounds and making corrections by raising the thrust on one chamber and reducing
it an equal amount on the opposite chamber, the hydrazine usage would be (4 x 40 x
326)/230 or 226 pounds. Thus, the first method of throttling can mean a savings of
59 pounds in the hydrazine requirements.
Similar calculations show that by moving the chambers to a 50-inch radius, the hydra-
zine requirements could be reduced by a further 50 pounds since this permits a lower
average thrust level.
The selected subsystem utilizes the first type of throttling with a chamber position at
38.5 inches. Further refinement of the system will be carried out in Phase IB to
determine the optimum location and thrust level.
It is evident, therefore, that thrust vector control when using a 2200-pound thrust
chamber is entirely feasible at proven monopropellant thrust chamber operating
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levels (50-pound thrust). System operation has been based on 2200 pounds thrust
for retropropulsion and four monopropellant chambers throttlingbetween 25 and 55
pounds for midcourse corrections and thrust vector control during retrofire.
3.4 RETROPROPULSION SUBSYSTEM WEIGHT OPTIMIZATION
Optimization of propulsion system weight must consider the interactions of chamber
pressure, thrust level, total impulse requirements, mixture ratio, expansion ratio,
nozzle contour, size limitations, and pressurant gas storage pressure. Because of
the complexity of these interactions, a computer program provides the only satisfac-
tory method for evaluating the effects on total system weight. Work done by the
Propulsion Study Team members, in particular Roeketdyne, has provided a sufficient
basis to establish parameters for the selected system. For the completely ablative
chamber, the optimum chamber pressure is about 150 psia. However, the curve is
relatively flat between 100 and 150 psia and the lower value of 100 psia was selected
to provide a greater reliability potential with only a slight increase in weight.
The nozzle expansion ratio optimizes at a point between 50 and 60 for the selected
chamber pressure. A ratio of 60 was selected to assure the best performance with-
out incurring any measurable weight penalty. Nozzle contours may vary from
straight conical nozzles to highly foreshortened bell contours. An 80% bell is, in
general, a good compromise between weight, performance, and sizing conflicts and
appears, from the Rocketdyne curves, to be a good selection for this application.
Thrust level and propellants were selected from other basic considerations discussed
earlier. Reactant ratio for the N204 / N 2 H4 - UDlVlH mixture optimizes between 1.55
and 1.7 depending upon expansion ratio and chamber pressure. A value of 1.6 permits
equal volume tanks to be used for both oxidizer and fuel and was selected on this basis.
It is not anticipated that further optimization will be required unless significant
changes are made in some of the propulsion systems characteristics such as thrust
level or propellant combination. Limitations of the computer programs make further
refinements of weight more meaningful at the actual hardware level than at the
analytic level.
3.5 SOLENOID VALVES VERSUS SQUIB VALVES
The function of remotely opening and closing a system to initiate pressurization or
fluid flow can be accomplished by the use of either solenoid or squib actuated valves.
The parameters that are pertinent fall into the following categories:
a. Weight
b. Leak tight function
c. Repeatability (usage)
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d. Power requirements
e. Magnetics
f. Mounting provisions
g. Reliability
h. Long term storage
Characteristics comparisons are given in the following summary.
Characteristics
Size
Weight
(lb)
Leakage
scc/hr-Helium
Solenoid Valve Squib Valve Remarks
1/4 in. 5/8 in. 1/4 in. 5/8 in.
0.8 2.0 0.5 1.25
5-10
Cycle life 104 1
Activation current
(amps)
Reliability
1 to 1.5
(0.1 to 0.3 holding)
0.990
10-6
5
(for 20 ms)
0.998
Two squib valves re-
quired to produce open
and close function.
Effect of operating pres-
sure below 3500 psi on
weight is negligible.
Solenoid valves have
low sealing force to
ease solenoid action.
Squib valves, high amp
for short period. Sole-
noid valve is steady
draw.
Squib valve for open/
close function. Sole-
noid valve for 7000
hours operation.
3.5.1 LONG TERM STORAGE
Long term storage capability of squib valves is almost entirely dependent upon the
material employed, the fluid in contact with the valve, and the storability of the
pyrotechnic charge. Materials can be selected which have well over one-year storage
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capability with propellants such as N 2 04 and N 2 H 4. Pyrotechnic charges have a
normal three-year storage life.
Solenoid valves, due to their more complex structure, require more attention relative
to long term storage. Potential problems exist with solenoid valves under space
vacuum and radiation environment and there is ahvays the possibility, during long
term storage, of deposits forming on the valve poppet assembly, preventing its total
opening or closing. The effects of space environment can be minimized by adequate
designs or by shielding, at the penalty of additional weight.
3.5.2 MAGNETIC CLEANLINESS
Because of the high degree of magnetic cleanliness assigned to the Voyager Space-
craft, careful consideration must be given to providing components that demonstrate
low magnetic properties. Squib valves can be made of materials (aluminum and
annealed stainless steel) that exhibit essentially no magnetic properties. Solenoid
valves depend upon a magnetic field and a permeable metal operator to perform its
function. For solenoid valves to maintain low magnetic fields suitable for Voyager,
+_._... • _,,.._1....... ._._ be designed +_vhave a 1............ + _ ....... _ +.... ,._ _, ..... ._
field within the solenoid. This is essential to prevent "perming" of surrounding metal
parts. The magnetic field generated by solenoid valves during propulsion functions,
should not cause degradation of the Voyager magnetic objectives, since the disturbance
will be known and of short duration. It is essential, however, that only minimum
magnetic influence remain after de-energizing the solenoid valves. Solenoid valves
used on the propulsion system will require a thorough magnetic investigation to de-
termine their suitability.
3.5.3 COMPONENTS SELECTED
The Voyager propulsion system for midcourse correction and orbit insertion utilizes
squib valves in the pressurization and propellant control system circuits. Squib
valves were selected over solenoid valves for these functions to provide leaktight
system isolation over the long coast period. The required three operational periods
for the midcourse correction system and the single open and close function for the
orbit insertion system are sufficiently few so that a redundant leg can be provided
in each subsystem without appreciable weight or power penalty over using solenoid
valves for the same function and reliability.
The system requirements for the Monopropellant Propulsion Subsystem (hIPS) impose
a severe restriction on the reliability of valve operation. All four thrust chambers of
the MPS must operate at all times, i.e., there is no redundancy provided. Failure of
any one chamber to function properly means complete failure of the Propulsion sub-
system. System accuracy requirements also dictate that the valves be located very
close to each thrust chamber to minimize start and shut down transients. Only by so
doing can minimum impulse bit accuracies be attained for small A V corrections. A
variety of combinations of squib actuated valves and solenoid operated valves can be
synthesized to meet these requirements. It is immediately apparent, however, that
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a single solenoid valve for controlling each chamber cannot meet reliability require-
ments for the long duration mission. Thus, if solenoid valves are to be employed, they
must be used in a quadredundant configuration for open and close redundancy. For
four chambers, four quadredundant solenoid valves, or essentially 16 solenoid valves,
must be used.
If squib actuated valves are employed, they must also have redundant opening and closing
capability to assure reliable operation of all four chambers. Thus each chamber must
have a redundant squib valve configuration (Figure 3-4) for each intented operation
throughout the entire mission to assure opening and sealing upon shutdown.
Figure 3-4.
_-_ Normally open
|
Redundant Squib Valve Configuration
Normally closed
A weight comparison of the two systems based on the number of operation cycles is
shown in Figure 3-5. The break even point is three cycles. For any greater number
of cycles, the quadredundant solenoid valves show a weight advantage.
Since the minimum number of operational cycles without orbit adjust maneuvers is 5,
the quadredundant valve system is selected for the preferred monopropellent propul-
sion subsystem.
25
2o
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Figure 3-5.
1 2 3 4 5 6 7 8
NUMBER OF OPERATIONAL CYCLES FOR
MONOPBOPELLANT PROPULSION SUBSYSTEM
Comparison of Total Squib and Solenoid Valve Weights for the
Preferred Monopropellant Subsystem
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3.6 HARDWARE ARRANGEMENT
Arrangement of components in the propulsion subsystem has been chosen to combine
simplificy with the high reliability required for the Voyager mission. Redundancy
is used where such redundancy contributes significantly to overall subsystem relia-
bility. However, the primary contribution to final configuration arises from packaging
limitations rather than simplicity or reliability choices. The 80-inch diameter pro-
pulsion package restriction does not permit tanking of retropropulsion propellants in
two tanks although it is the most desirable arrangement. Since oxidizer and fuel are
tan.nked and used on an equal volume basis (reactant ratio = 1.6), t__ee tanks cnannot
be utilized. Thus, four tanks are required.
The use of four large retropropulsion tanks, equally spaced about the propulsion
package, also dictates the use of four monopropellant tanks. Two monopropellant
tanks are too large to fit in the available space and three are undesirable because
of eg shift problems.
Arrangement of the pressurant tanks is also affected by the propellant tank positioning
in the same manner. A single pressurant tank for each subsystem is again too iarge
to fit within the remaining available space. Two pressurant tanks for each subsystem
are therefore used. This arrangement does have an advantage in that it assists in
maintaining symmetry about the roll axis.
Piping and component arrangement in the rest of the retropropulsion subsystem is
simple because of the single firing cycle. The pressurant module is isolated from
the high pressure helium by parallel, normally closed squib valves to provide redun-
dancy in opening. Burst discs in each of the propellant tank pressurizing lines isolate
the check valves and regulator from propellant contamination during the long storage
period. Because of the single firing cycle, a red_mdant regulator does not contribute,
to any great extent, to system reliability.
In the retropropulsion subsystem propellant feed module, a super-redundant squib
valve arrangement is provided in each propellant leg. Two opening valves in parallel
and two closing valves in series assure the maximum probability of achieving mission
success.
The monopropellant subsystem is, of necessity, more complex because of the multiple
start requirements and the use of four throttling thrust chambers to achieve both
propulsion and thrust vector control. It would be desirable to control all four thrust
chambers from a single set of propellant valves. However, the peripheral location of
the chambers and the minimum impulse bit accuracies require valves located im-
mediately adjacent to the chamber. The quadredundant solenoid valves are thus
mounted directly to the thrust chamber (with suitable thermal protection). Throttling
valves are installed immediately upstream of the quadredundant valves to keep them
as close to the thrust chambers as possible and thus make them part of the thrust
chamber module.
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The long period between initial firing of the monopropellant subsystem and the next
firing at Mars encounter requires a means for isolating the high-pressure tanks from
the pressurization module to prevent gas leakage through the regulator to the propel-
lant tanks. A similar isolation of the propellant tanks from the thrust chambers is
highly desirable. Squib valve modules, each with four legs containing a normally open
and a normally closed valve in series, are provided in the pressurization and propel-
lant feed systems. Since only two periods of maneuvering are anticipated (no orbit
adjust maneuvers), complete redundancy is provided for initiating each operating
cycle.
Again, because of the multiple start requirements and the long storage period, a re-
dundant gas regulator is provided in parallel to the primary regulator. Failure of
the primary regulator in the open or leaking mode will automatically switch operation
to the standby regulator. Switching by ground signal, if the primary regulator fails
to open, completes the capability of these complex components to function throughout
the mission duration.
The use of a jet vane assembly with each thrust chamber is not required for control
purposes. However, for redundancy purposes and utilization of a single thrust chamber
module, they are included with each chamber. The remainder of the components are
located, for convenience of packaging, within a functional module (filters, burst discs,
relief valves) or as required for interfacing with other subsystems (fill and drain
valves, pressure transducers, temperature sensors, etc.).
The structure which contains the propulsion subsystem module is complex, since it
must meet rigid dynamic requirements. Design and dynamic analysis of this struc-
ture, in other than a superficial manner, can be accomplished only when propulsion
system configurations are firmly established. It will be designed and fabricated as a
single unit which houses both subsystems. The coordination of structural design,
structural testing, and propulsion testing, where two propulsion subcontractors may
be involved, presents numerous interface requirements which General Electric is
adequately prepared to implement.
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4.0 COMPONENT SELECTION
4.1 PRESSURE VESSELS
Propellant Tanks and Pressurant Tanks
Spherical tanks, fabricated from 6A14V titanium, were selected for all tanks in the
propulsion subsystem. Spheres were chosen over other configurations for the follow-
ing reasons:
a. the spherical configuration results in a minimum weight tank,
b. provide higher expulsion efficiency with expulsion bladders, and
c. the packaging of propulsion components within the spacecraft is amenable to
their use.
Titanium alloy was selected as the tank material because of its vastly superior
strength to weight ratio in the annealed condition (Pressure tank design requirement).
Tanks fabricated from annealed aluminum or stainless steel would weigh from four to
five times that of titanium. The fabrication techniques of welding, forming, and
machining of titanium are well within the "state of the art."
4.2 EXPULSION BLADDERS
Butyl expulsion bladders, manufactured by Fargo Rubber Company, are recommended
as the expulsion device for the midcourse propulsion subsystem. These bladders
have been extensively tested by JPL for the Ranger and Mariner programs. All known
results regarding compatibility with hydrazine and operating parameters of vibration
and temperature are well documented. With proper design considerations, a high
degree of confidence will result by their use.
4.3 REGULATORS
The selection of the regulator for the propulsion subsystems was largely based upon
simple, reliable, proven operation. The weight and accuracy of regulation are
secondary considerations. Since regulators normally exhibit higher failure proba-
bilities than other associated propulsion system components, dual parallel redundant
regulators were selected for use. Regulation accuracy within ±2% of the set pressure
through the pressurization tank pressure range will provide satisfactory performance
for the propulsion subsystem. Dual stage regulators, single stage pilot operated
regulators, and single stage dome loaded regulators were considered.
Regulators incorporating two stages provided increased regulator accuracy at the
penalty of increased complexity and weight. The two stage regulators provide a
degree of redundancy of operation, but will fall below the accuracy requirements should
one stage fail. This provides no advantage since dual redundant regulators would still
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be required. Single stage, pilot operated regulators also provide a high degree of
operating accuracy, but again, at the penalty of weight and complexity. The single
stage, dome loaded regulator selected for the propulsion pressurization system,
provides the simplest design that satisfies the operational requirements.
4.4 RELIEF VALVES
Conventional relief valves utilize a spring loaded poppet against a seat. At zero pressure,
the valve spring load is fully transferred to the valve seat. With increased pressure, the
seat load diminishes and, at the designed cracking pressure, the valve poppet is fully bal-
ancedby the pressure force. Since relief valves are set to relieve nearthe system
operating pres sure, the conventional relief valves are operating near their leak point.
The inverted relief valve provides a spring loaded movable seat to take the load of
the system pressure. The relief poppet is spring loaded to the seat and moves with
the seat as pressure increases. This provides a tight seal to the system operating
pressure. At slightly below the relief pressure, the poppet is restrained, and any
further movement of the seat due to increased pressure separates the poppet from
the seat, thus relieving the system. Since the inverted relief valves provide superior
control over leakage at the system operating pressures and extends valve seat life
by lower seat loading, it is the only type of valve considered satisfactory for the pro-
pulsion system.
4.5 SQUIB ACTUATED ISOLATION VALVES
Squib actuated valves are used to isolate the pressurization and propellant circuits of
the propulsion system during the mission coast periods. Isolation valves manufac-
tured by Conax and l_yronetics were selected for this function because of their demon-
strated reliability in conjunction with other space programs.
A valve designed under the ballizing principal manufactured by SieBelAir Inc. would
be considered as an alternate. The valve design utilizes an interference fit spool in a
ported valve body. The pyrotechnic charge forces the spool to move axially in the
valve body, (much the same as in a hydraulic spool valve), to open a common flow
path on normally closed valves, or to isolate flow in normally open valves. Sealing of
the flow is accomplished by the interference fit of the spool to the valve body. Tests
have shown excellent sealing quality and reliability. An added feature of the valve is
its ability to perform an open-to-close and close-to-open function by placing squib
charges at both ends of the valve, thus performing the function normally associated
with two explosive valves. Since this valve has no previous record of space flight
usage, a thorough development program would be required before it could be consid-
ered for Voyager usage.
4.6 FITTINGS
Fittings are only used in the propulsion subsystem to join the functional modules. A
brazed fitting, manufactured by Aeroquip Corporation was selected for this function.
As alternates, flareless and flanged joints and an all welded system was considered.
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The brazed joint was selected over the alternates because molecular bonding provides
the greatest assurance for leak tight joints under adverse vibration, shock loading,
and temperature cycling. Brazed joints are also advantageous because they provide
ease of installation and maintenance, less magnetic prone parts, low temperature
fusion, and minimal contamination during the joining process.
The all welded system would provide a strong second choice, but was not selected
because of the possibility of contamination which may not be detected during the weld-
ing process, and the more difficult maintenance associated with welding.
The flareless fitting has been used in a great many applications where it has provided
leaktight joints. However, due to the critical dimensional tolerances that must be
held during preparation and assembly of the joint, and the exacting procedure to be
followed (requiring trained personnel), the integrity of the flareless MS joint cannot
be fully evaluated. The joint also requires the use of magnetic prone parts. Con-
tributing factors to leakage in an MS fitting are misalignment, overtorquing, incorrect
sleeve location, and poor or damaged sealing surfaces.
The flanged joint is not desirable because of its heavier weight and the possibility of
leakage from bolt torque relaxation caused by vibration, shock, or temperature
changes.
4.7 POTENTIAL COMPONENT SUPPLIERS
A preliminary survey of the component requirements has permitted a list of recom-
mended components and vendors to be drawn. This list appears in Table 4-1 and
should he regarded as a tentative selection, pending additional study.
4.8 MATERIAL COMPATIBILITY
The materials used in the propulsion system for Voyager must he selected for com-
patibility with long exposure to the propellant, and suitability with the space environ-
ments of hard vacuum and radiation. The Voyager mission also requires material to
have low magnetic permeability.
4.8.1 PROPELLANT COMPATIBILITY
An important consideration in propulsion system design is the compatibility of the con-
taining material with the propellants. The propellants selected for the Voyager pro-
pulsion subsystems (Hydrazine, 50% UDMH-50% N2H4, and Nitrogen Tetroxide) are
highly reactive and can be contained over periods approaching one year by relatively
few materials. The selected propellants have been successfully used in many space
programs and the compatibility of materials with these propellants is well docu-
mented. Table 4-2 gives a list of the commonly used metals, and their rated
compatibility with the propellants. Table 4-3 gives similar material for polymers.
Materials suitable for use in the propulsion subsystem are those that show cor-
rosion rates of less than 1.0/mill/year at 140 ° F.
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Table 4-2. Compatibility of Metals With Liquid Propellants
Material
Metals
Aluminum 2014-T6
2024
6061
50_o UDMH-50% N2H 4
A B C A
Hydrazine
B
Stainless 410
416
440
302
3 03
304L
316
321
347
17 -4 PH
Monel
Inconel X
Ni-Span-C
Titanium
S S S
S S S
S S S
S S S
S S S
S S S
S S S
S S S
S S S
S S S
S S S
S S S
S S S
S U
M U
S S
S M
S S
S M
S S
S M
S S
S S
S S
S S
S S
S M
S MS S S
M U U
S S S S S
Nitrogen Tetroxide
C A
U M
U S
S S*
U S
S M
U S
M S
U S
S S
S M
S M
S S
M S
U M
U S
M
S S
B C
U U
S S
S S
S S
U U
S U
S U
S U
S S
U U
U U
S M
S U
U U
M U
U U
S S
• 6061 T6 welded is unsatisfactory.
Corrosion rate
A = less than 1 mill/year at 70°F
B = less than 1 mill/year at 100°F
C = less than 1 mill/year at 140°F
S = satisfactory
M = marginal
U = unsatisfactory
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Table 4-3. Compatibility of Polymers With Liquid Propellant Fuels And Oxidizers
Material
Polyethylene
Butadiene-Styrene (SBR)
Buna-N S U U
Kel-F S S U
Nylon S S S
Viton A S S U
Butyl Rubber S S U
Teflon S S S
UDMH* Hydrazine Nitrogen Tetroxide
A B C A B C A B C
S S U S S U S U U
S S
S U U
S U U
S U U
S U U
S S !U
S S S
U U U
S M U
U U U
S U U
S U U
S S S
UDMH - Unsymmetrical Dimethylhydrazine
A - 1 min. @77°F S - Satisfactory
B - 1-_ 60days @77°F - 160°F M - Marginal
C - -< 1 year U - Unsatisfactory
4.8.2 VACUUM EFFECTS
The mission specified for Voyager will expose hardware elements to the vacuum en-
vironments of space. The potential problems encountered with materials in space
vacuum are:
a. sublimation of material,
b. swelling, hardening and cracking of elastomeric parts, and
c. cold welding of parts in metal-to-metal contact.
The parts of a pneumatic or fluid control system that are elastomeric are usually
completely enclosed and thus are not exposed to space vacuum environments.
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The componentsthat haveworking parts (in metal to metal contact) and elastomers
exposedto space vacuum are, the propellant valves, thrust chambers, injectors, and
the jet vane actuators. To determine effect of space vacuum on these parts, it will
be necessary to evaluate:
a. Degree of vacuum exposure of the components
b. Effects of temperature (as a result of engine burn and cooldown) on increased
outgassing and cold welding potential
c. Effects of material evaporation from hot chamber walls and condensing on the
injector orifices and/or the working parts of the jet vane assembly.
Maximum use will be made of existing test data, and additional testing will be recom-
mended to evaluate unknowns or questionable areas.
4.8.3 RADIATION EFFECTS
The Voyager mission will encounter radiation from cosmic rays, solar flares, and the
Van Allen belts of Earth and possibly Mars. The radiation received by the spacecraft
in Martian orbit could be several orders of magnitude greater than that in inter-
planetary flight. (Preliminary information, however, from recent Mariner flight has
indicated Mars radiation belt to be less intense than that of Earth).
The total ionization radiation dosage produced by atomic particles in space about
Earth is given in Table 4-4.
Table 4-4. Radiation Effects in Space About Earth
Radiation
Inner Radiation Belt
Outer Radiation Belt
Solar Emission
Cosmic Rays
Ionization -
At the Surface
1014
1013 _ 1015
107 _ 109
102 _ 103
Ergs/Gm-year
Through 1 Gm/cm 2
Shielding
107 _ 108
106 _ 108
104 _ 105
102 _ 103
Radiation dosage that produces appreciable change in properties of various polymers
under irradiation in air (which represents a worst condition) is given in Table 4-5.
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Table 4-5. Radiation Effects in Air
Relative Rating
1
2
3
4
5
6
7
Polymer
Polyethelene
Natural Rubber
Buna-N
Kel F
Viton A
Butyl Rubber
Teflon
Ionization Dose
Ergs/Gm
109
109
108
108
108
107
106
As can be seen from a comparison of Tables 4-4 and 4-5, shielding will be required
to protect polymers from direct radiation during Voyager missions. A 1 Gm/cm 2
shield would reduce the radiation to tolerable levels (1 Gm/cm 2 shielding would rep-
resent 0.149 in. of A or 0° 050 in. stainless steel).
The polymers used in the propulsion system are enclosed within the component by at
least 1 Gm/cm 2 and are further shielded from radiation by the spacecraft structure
and meteoroid and thermal barriers. Additional shielding may be needed, however,
for the midcourse propellant tanks to protect the butyl explusion bladders. The. 035 in.
thick titanium tanks, from preliminary information, will only provide marginal radia-
tional shielding; a test program may be required to fully determine radiation effects
and shielding requirements.
4.8.4 MAGNETIC REQUIREMENTS
In order to meet the Voyager magnetic requirements, it will be necessary to use non-
magnetic materials, and to control the magnetic environments during fabrication,
assembly, and handling of the hardware.
The materials used must not only have low initial magnetic properties, but must show
magnetic stability when subjected to intense magnetic fields. Table 4-6 lists some of
the commonly used materials and their magnetic properties after exposure to 103
oersted environment. Materials that show a field of 1 7 or less, would be suitable for
use on Voyager.
Little is known about the magnetic contribution of a part caused by grinding, cutting or
other mechanical operations, where ferrous or magnetic particles may be imbedded
into the material. The magnetic effect of such manufacturing operations must be
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Metal
Table 4-6.
Titanium 6A14V
Stainless Steel 310
347
19-9DL
316, 316L
Aluminum 2024-T4
6061- T6
K Monel
Molybdenum
Hastelloy D
Chromel D
Inconel Alloy 718
Inconel 600
Inconel X750
Haynes Alloy No. 25
Hastelloy Alloy C
Haynes Stellite Alloy No. 21
Haynes Stellite Alloy No. 19
Stainless Steel 303
Stainless Steel 304
Stainless Steel 321
Stainless Steel 410
Stainless Steel 416
Stainless Steel 440
Monel
Nickel
Nitralloy
Kennameta13411
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Non-Magnetic Alloys
Field ( _ ) After
103 Oe 102 Oe
0 0
0 0
1 0
5 0.5
0 0
0 0
0 0
0 0
0 0
1.2 1
0 0
0 0
.5 .5
0 0
0 0
0 0
0 0
0 0
8 0
23 1.5
9 3
525 195
525 193
990 169
125 138
1250 710
400 151
540 78
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evaluated by testing before a precise conclusion can be made. The mechanical process
of cold working, such as forging, drawing, or extruding, tend to increase the per-
meability of stainless steels. A history of these operations on a stainless steel part
will require the part to be annealed to restore its low permeability characteristics.
To insure low gross magnetic field of the propulsion system, a check for magnetic
properties of each propulsion component will be conducted as part of the acceptance
test procedure.
5.0 SUBCONTRACTOR STUDIES
As previously discussed, the contributions of the propulsion subcontractors are
submitted in separate appendices (Appendix I - Appendix VII). These efforts were
directed and coordinated by General Electric. In some instances, such as the
selection of four mid-course correction chambers in the preferred subsystem, there
was insufficient time remaining to factor this into the subcontractor studies. This is
attributable to providing sufficient time for the subcontractor write-ups to be completed
for final submission.
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1.0 INTRODUCTION
This section includes a discussion of the effects and implications of the various alternate
designs considered in Sections I throu_h IV of this volume on the Schedule and Implemen-
tation Plan. In many cases, as noted in reading through the alternatives discussed in
the earlier sections, the effects on schedule and implementation have been considered
in these discussions and will not be repeated herein.
Most of the alternate designs considered in this study particularly in the subsystems
have little or no significant overall effect on the Schedule and Implementation Plan
for the i_ll _pacecrafi. However, there aide two designs ___L_.__do -'-*_ ....... _ -_--'^
and plans. They have been studied and are included as spacecraft system alternate
desigz_s, these are the use of a n_uolsU_UlJ¢ xac_mtum, _vuw_, as a power source
for the Power Subsystem and a Solid Motor for the Retro-propulsion subsystem. Both
of these _i!l be discussed, however, it was immediately apparent in this study that the
RTG has by far the greatest effect.
The effects and implications of these designs have not been studied to the depth of the
recommended design, and, therefore, would require fta'ther study if chosen as a final
design. Sufficient study has been conducted of the various alternate subsystem designs
with the conclusion that the 1971 Schedule and Implementation Plan would be changed
in some of the details of development, fahrication, and test, but not to the extent that
the schedule and plans as presented in Volume A could not be implemented. For in-
stance, some of the fragnets would change in detail, but the ability to meet the sum-
mary schedule would not be jeopardized.
2.0 APPROACH
This follc_ving section will contain a discussion of how the 1971 Schedule and Imple-
mentation Plan will be affected by a spacecraft designed to include an RTG power
subsystem rather than the Solar Array as recommended, or to include a solid retro-
propulsion unit.
3.0 SOLID RETROPROPULSION ALTERNATIVE
This alternate design is discussed first because the overall effect on the 1971 schedule
and plans is relatively insignificant. Some detail changes would be required in the
Design and Development, Integrated Test, Life Test, Safety, T/A and PTM Test, Pro-
curement and Fabrication, Assembly and Check-out, Launch and SFO plans. These
changes would not generally affect the purpose, approach, plan elements, etc., of the
individual plans. A typical change that might result for example, in the assembly and
check-out plan, is that a "live" flight-quality motor would not be delivered to General
Electric. Therefore, a carefully simulated, flight configuration "dummy" would be
required in this plan. This is the kind of change this system design will effect.
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In addition, the "flight" retropropulsion unit (shippeddirectly to AFETR) would re-
quire additional vendor testing to enhanceperformance confidenceduring dynamic
mission simulations.
The effect on the scheduleof a solid motor would be a two-to-three month shorter
development time than the recommended design. At this time, this shorter schedule
time is the most significant effect.
4.0 RTG ALTERNATIVE
Until the direction given in Phase I B was received this approach had been given con-
siderable attention as an alternate design. The nature of this alternative does produce
significant effect and implications on the 1971 Schedule and Implementation Plan.
These effects are discussed with respect to the particular plan affected.
4.1 SCHEDULE AND RATIONALE (VBll0VP001)
An RTG could be included inthe 1971 spacecraft provided development were authorized
within three months after the start of Phase IB. The extended procurement time of
thirty months will not allow inclusion of an RTG in the ! 969 sp_c_rr___ft e_r!y launch,
4.2 DESIGN AND DEVELOPMENT PLAN (VBll0VP003)
4.2.1 THERMAL
The kinds and nature of thermal development tests would be unchanged (solar array
peculiar, etc., test would be dropped, but these are not major tests). Ground cool-
ing would be a significant problem because of the large increase in cooling air re-
quired and probably would require more sophisticated L/V fairing interface and
vibration tests.
4.2.2 STRUCTURAL
The large concentration of masses introduces some new problems, but would be solved
using the same approach of analysis and test. The requirement for thermal isolation
with rigid mounting and the use of shielding could add some complexity to the structural
development.
4.2.3 MAGNETIC C LEANLINESS
Inclusion of magnetic materials in the RTG and the remotely located d-c sources
could cause a problem in this area, requiring some additional investigations and
validating type of tests.
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4.2.4 RADIA TION
This will affect certain of the scientific instruments and complicates the integration of
the Science Subsystem into the spacecraft and will require additional development
te sting.
4.2.5 POWER SUBSYSTEMS
The battery development tests will be less extensive and the development of the RTG
unit might be subcontracted. Subsystem tests would be conducted using heaters for fuel
elements. Some development tests at the system level would probably be required
using the actual fuel element with the attendant problems of such tests.
4.2.6 HANDLING, SAFETY, AND OTHER PROBLEMS
The problems associated with the handling, safety (e. g., licensing, etc. ) and other
problems would be developed during design and development. For instance:
a. A health physics group will be required to establish controls and other limita-
tions relative to people around the radioactive elements. Whether such a
group must be established for Voyager, or whether the Project can draw upon
the services of one already in existence at some other location, is not deter-
mined. A number of factors are probably involved, including the magnitude
of the program and the amount and type of material in-house.
b. Thorough and detailed plans for handling fuel capsules must be prepared and
approved.
Co Special facilities must be provided for storing, inspecting, etc., these classi-
fied materials. A separate, air-conditioned, controlled area with concrete
block walls is typical.
do AEC and GE regulations relative to these materials make handling a compli-
cated affair because of the potential for radiation exposure, and, therefore,
minimum handling will be desirable.
e. The following indicates the nature of the restriction which exists due to radia-
tion from a 60-watt (elec.) generator:
Distance from Generator - 1.5R 3R 10R
Allowable Exposure in hrs/Calendar Quarter - 10 45 no limit
As noted above, these figures apply to a fairly small unit. Voyager would
require a number of these units. Actual restrictions resulting from radiation
are strongly dependent upon a number of considerations including the location
of multiple units which may produce an additive effect in exposure.
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f. Cooling is imperative since temperatures in excess of the design limits can
degrade the thermoelectric elements and, possibly, damage the fuel element.
g. When installed, the fueled generator's outer surface is quite hot (200°F or
more), and is a hazard to personnel. Shields for radiation or to prevent
touchings must not impair cooling.
h. Shipping is no particular problem, but there are regulations. For example:
1. Clear markings are required.
2. Federal regulations on radiation must be observed.
3. Readily accessible surfaces must not exceed 180°F.
4. Suitable seals to indicate the maintenance of the integrity of the access
door must be attached.
5. ICC regulations must be observed.
One potential subcontractor uses a pallet with an enclosure of heavy aluminum
screen. This allows air circulation for cooling, but is large enough to satisfy
the radiation requirement. They further specify that it must be protected from
rain. (This is based on a 30-watt (elec.) generator in which the fuel is shipped
as an integral part. )
4.2.7 TYPICAL RTG DEVELOPMENT SCHEDULE
A typical RTG development schedule is illustrated in Figure 4-1. The schedule is
based upon a 2-1/2 year overall program terminating with the delivery of flight-qualified
hardware. If necessary, this schedule could be shortened at the cost of greater funding
and increased developmental risk.
The schedule includes an initial period for system tradeoff studies during which the
basic configuration is established.
This schedule is based on no RTG development work having taken place prior to initia-
tion of the Voyager RTG development. However, it is expected that such development
work will be undertaken by the AEC, and that much of this would be applicable to the
Voyager program. Again, this would result in some shortening of the program; although,
it is difficult to estimate how much at this time.
4.3 TYPE APPROVAL AND PTM TESTING (REFERENCE VB110VP004)
The Type Approval and PTM test program which would be carried out will be almost
identical, from the standpoint of the types of tests to be performed to what has been
proposed for the preferred design.
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The primary differences in testing, as presently envisioned, will be based on the
following considerations:
ae The Free Mode Operation Test would not require a solar, or a simulated
solar source.
b. The Space Simulation Test would be conducted in the space chamber using the
actual RTG supply to power the spacecraft, instead of external power.
c. The Shroud Cooling test would be required to investigate the adequacy of the
cooling-air supply.
do All testing, except Space Simulation, Free Mode, and Shroud Cooling would
be conducted without the actual fuel capsules, primarily because of the safety
and security aspects connected with using actual fuel capsules.
4.4 ASSEMBLY AND CHECK-OUT PLAN (REFERENCE VBll0VP005)
Use of RTG's in lieu of solar array for primary power generation creates unique prob-
lems associated with the plan for assembly and checkout. Major influences are of a
procedural rather than technical nature. Technical effects on assembly and test, plus
the safety requirements and Federal regulation for RTG use are delineated below:
ao Assembly - Parallel assembly operations for the support shell and torus
structure will remain unchanged except for substitution of RTG support
brackets for solar support hardware. Different tooling will be required for
manufacturing operations.
Installation of radiation shield and RTG housing (minus fuel capsule) will be
delayed until after retropropulsion installation in order to reduce the poten-
tial for damage to RTG fins and surface thermal coatings.
Installation and rework of the isotope fuel capsule will be accomplished at
specific points in the cycle using controls and techniques delineated later in
this discussion.
b. Test - No variations in test flow or content are required during the planned
test sequence, up to the point of complete system testing. This testing will
require simulation of the thermal characteristics of the fuel capsule. Elec-
trical heaters are installed in place of the fuel capsule to provide electrical
power from the RTG.
Following verification of proper system performance via this simulation, the
fuel capsule(s) will be installed, and complete free-mode testing will be used
for EMI, vibration, magnetic mapping (may be required) and thermal vacuum
test sequences. All other system testing will require fuel capsule simulation.
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c. Procedural - The presence of the RTG strueture and the use of radioisotope
fuel capsulesduring certain test phasesimposes constraints established by
Federal and local safety regulations. Federal regulations define requirements
relative to the receipt, possession anduse of nuclear materials and licensing
provisions to be satisfied prior to these activities.
Safety provisions are imposedboth locally as well as by Federal requirements
and include the following considerations:
1. Precautions necessary to prevent physical damageto RTG units as well
as thermal danger to personnel (RTG surface temperatures are 200°F
at fin roots).
2. Handlingand assembly processes require special fixtures, tools, and
protective gloves. Screens or other mechanical guards may be necessary
around the generator to prevent accidental contact.
3. Portable "containment" units must be in close proximity to the spacecraft
for use during emergencies.
4. RTG(s) must not be enclosedwithout adequatethermal ventilation.
5. In conjunction with the abovegeneral safety provisions, a specific health
physics program is required to provide mandatory radiological safety for
personnel. Features of this program are:
(a) Administrative controls and procedures
(b) Area radiation marking and access control
(c) Audible and visual warning systems
(d) Personnel periodic medical examination, protective clothing, film
badges, etc.
Typical hazards associatedwith RTGuse may be summarized as follows:
a. Malfunction of RTG (electrical)
b. Overheating
c. Physical damage
d. Fire or disaster in use area
e. Leakageor fire in the RTG
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4.5 LAUNCH OPERATIONS PLAN (REFERENCE VB100VP006)
This plan would be affected as follows:
a. The Test Flow Plan would remain basically the same with the following
exceptions:
1. SCF testing done with a heater element instead of fuel element for
safety reasons.
2. "Dry Runs" through the launch cycle would be with a heater element, or
substitute power supply, instead of the fuel element.
3. The fuel element would be installed as late as possible in the ESF after
pyrotechnic, cold gas, and propellent loading.
b. Facilities modifications where the RTG is installed and tested are required.
A single facility in the ESF area is planned. Facility considerations are:
1. Positive control of all interfaces in the test facility.
2. A wall insulating the RTG assembly area from all other areas.
3. A storage area to positively contain the fuel with proper ventilation and
security measures.
4. Capability to circulate air through the RTG assembly area with absolute
filtration in the event of emergency.
5. Redundant automatic alarm systems.
6. Cooling apparatus at the test and LC to keep RTG from overheating
surrounding components and areas. The fueled RTG's outer surface may
be 200°F or more. Over-temperature is also liable to damage the RTG.
c. Safety requirements change considerably and among the more important things
to be considered are:
1. Limiting the exposure of personnel working in the area with the RTG.
2. A device for positive containment of the RTG must be with it at all times.
3. Special training for personnel is required.
4. Detailed emergency procedures are necessary.
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4.6 SPACE FLIGHT OPERATIONS (REFERENCE VBll0VP007)
Operationally, the implications of the RTG are favorable. The electrical power avail-
ability is not a function of flight path position; i.e., sun occultation is not a problem.
Batteries can be in standby for emergencies and/or provide line stability. They will
not be operationally indispensable in normal situations. Battery charge state will not
require continuous monitor. Solar cell degradation with radiation will not exist. Since
the RTG will provide a system of less complexity from a power management standpoint,
the spacecraft command system could be simplified and ground data handling less com-
plex.
4.7 SAFETY (REFERENCE VBl10VP012)
RTG's present some additional safety hazards. There will be gamma and neutron radi-
ation and temperatures in the vicinity of 500 °F. Exposure of personnel to radiation will
have to be controlled by (1) performing all operations at the maximum practical distance
from the RTG's, (2) limiting the time spent close to the RTG's, if close work is required,
and (3) removing the RTG's from the spacecraft, when possible, while personnel are
working directly with the spacecraft.
Emergency procedures will be developed and special equipment will be available to
minimize any radiological hazard which might be generated in accidents involving
the RTG. Personnel who might be involved will be trained to respond properly to
such situations if they arise.
Exposure of personnel will be monitored by the use of gamma and neutron survey
meters, air samplers, and film badges or pocket dosimeters. Physical checkups
will be made as often as deemed necessary by the Radiologieal Safety Officer. The
exposure rate for personnel shall not exceed 1.25 rem/3 months. The time that
personnel may work in the vicinity of RTG's shall be a correlation between the above
rate and the dosage emitted by the size of RTG's being contemplated. The latter fig-
ure is in the vicinity of 0.15 rem/hr at a distance of one meter. Further information
on this subject will be developed by the GE Radiological Safety Officer when more de-
tails on the size, power capability and radiation of the proposed RTG's are available.
Because of the high temperature of an RTG, combustible materials must be kept away
from them, and fire-fighting equipment must be available in the vicinity. Personnel
must be warned of the high temperature to preclude their being burned.
4.8 EMI ( REFERENCE VBll0VP016)
The EMI Plan will still apply to the spacecraft except for the addition of the design
and test requirements described below.
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4.8.1 EMI DESIGN REQUIREMENTS
The negative side of the power output of the RTG's and converters will be tied together
within the module and two wires (one spare) brought out from each RTG module and
connected to the spacecraft electrical unipoint ground. There must be no circulating
currents between or among the power circuits of the RTG and between the power sub-
system and other subsystems on the spacecraft.
The RTG subsystem will generate minimal radio frequency interference so as not to
interfere with other subsystems on the spacecraft. Proof of this requirement will be
accomplished by tests. Should excessive interference be present, adequate filtering
and shielding must be provided to correct it. The testingwill be done in the manner
described in MIL-STD-826.
Magnetic radiation from within the RTGVs, as well as from the coils and chokes in the
converters, must be minimized in order to meet the magnetic cleanliness requirements
of the spacecraft. Special precautions will also have to be taken in the RTG d-c cable
routing in order to eliminate magnetic fields.
4.8. z EMI TEST REQUIREMENTS
An RF spectrum signature of the RTG subsystem in its flight configuration will be pre-
pared for each prototype and flight model. An amplitude versus frequency plot over
special frequency ranges agreed upon by NASA/JPL and the AEC will be provided.
An electrically heated model of the RTG subsystem will be used for all development
tests. These units will be physically, electrically, and functionally interchangeable
with PTM and flight RTGVs except that the engineering models will be electrically
heated. The equivalent thermal energy output is generated electrically with "Calrod"
heating elements imbedded in dimensionally identicalcapsules. One concern here is
that the electric power input required for energy source simulation is in excess of a
kilowatt for each RTG in the subsystem and the supply of this amount of power must
be carefully implemented to avoid safety hazards and strong EMI effects on the com-
plete system.
The PTM will be subjected to EMI system tests with an isotope fueled prototype model.
This model will be physically, electrically and functionally interchangeable with the
flight system. The flight spacecraft will have the flight model RTG installed during
final system EMI testing.
4.9 FACILITIES (REFERENCE VBll0VP018)
Development of the RTG power supply could be performed within the facilities now
being prepared at the Space Technology Center. The present use is for the RTG sys-
tem to be used in conjunction with the Nimbus "B" meteorological satellite.
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The present facilities call for an RTG storage building of 400 square feet. This build-
ing will be located at the north end of the Space Technology Center surrounded by a
fence containing 3,600 square feet of restricted area for safety purposes. The build-
ing will be of masonry construction with concrete roof and floors. It will contain hand-
ling equipment for the radioactive material and will have safety showers, absolute air
filters and special air handling system, monitors and safety alarms, and floor drains
leading to a dump area to handle radioactive deluge water that may be used in case of
contamination. This storage facility is designed to be enlarged, if necessary, to accom-
modate a RTG power supply for Voyager if the final design dictates this requirement.
An emergency safety container will accompany the RTG to the areas of use in Building
400, the Vibration Test Facility, and Building 300, the Space Simulation Laboratory.
This will provide immediate emergency enclosure of the system in the event of a leak.
In addition, within the Space Technology Center, there is 2,304 square feet of laboratory
space used for studies on thermionic power and power conversion systems. The power
conversion laboratory is specifically for studies and development of power use from an
RTG source.
Action is being taken by NASA and GE to obtain the necessary Atomic Energy Commis-
sion licensing to bring an RTG to the Space Technology Center, and in working with it
here for the Nimbus Program. With this experience, the knowledge and capability for
obtaining a license for use on the Voyager will be readily available along with the
physical facilities.
Those plans included in the 1971 preferred design Implementation Plan, but not speci-
fically discussed above, have been shown to be not significantly affected by this alter-
nate spacecraft design. They have, therefore, been excluded from this discussion.
However, if this design should become primary, more effort and study would be re-
quired; not only of these, but of those that were discussed.
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